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1 INTRODUCTION LIS A

1 INTRODUCTION
1.1 Study Objectives
1.1.1 Background

The primary objective of the Laser Interferometer Space Antenna (LISA) mission is to detect
gravitational waves from massive black holes and galactic binaries in the frequency range 10*to 10!
Hz. This low-frequency range is inaccessible to ground-based interferometers as they are limited in
dimension to a few kilometres and disturbed by local gravitational noise.

Early conceptual studies for a space-borne gravitational wave observatory began already in the mid
1980’s in the USA at the Joint Institute for Laboratory Astrophysics. In 1993 LISA was first time
proposed by a European science team to ESA as a candidate for the third medium-size project (M3)
within the ESA space science programme Horizon-2000. The scientists proposed a mission with four
spacecraft in a heliocentric orbit forming an interferometer with a baseline of 5x10° km.

Based on this proposal ESA performed an assessment study in the M3 cycle combining this concept
with another similar mission called ‘Sagittarius’, proposing six spacecraft in a geocentric orbit. The ESA
study team adopted the heliocentric option as the baseline, as it has the advantage to provide for nearly
constant interferometer arm lengths and for a stable disturbance environment generating low noise
forces to the proof masses. Also it provides the superiority of clear separation between sunlight and the
laser light because the spacecraft form a relative plane constantly inclined versus the ecliptic.

Because of the cost, then estimated to be far beyond the M3 budget, LISA was proposed as a
cornerstone project of the ‘Horizon 2000 Plus’ programme, involving six spacecraft in a heliocentric
orbit. As it was considered that a realistic launch date would not be before 2017 the LISA science team
investigated several essential design modifications and proposed them in 1997 for reduction of the
mission cost without compromising the science goals. These included -

e reduction from six to three spacecraft, each containing now two instruments
e defining the drag-free control as part of the payload

e reduction of the aperture of the telescope from 38 to 30 cm

e use of solar-electric ion engines for main propulsion function.

By these changes the total estimated mission cost could essentially be lowered. Also the launch mass
could be reduced to about 1400 kg, enabling now cheaper launch options (Delta Il). It was then also
proposed by the science team and the ESA Fundamental Physics Advisory Group to carry out the
mission in collaboration with NASA. Now the LISA mission could well be considered for a launch in about
2009, which would also draw full advantage of the benign radiation environment during the solar
minimum in that period.

This modified concept has then been studied in more detail both by the European LISA Science Team
and by NASA’s JPL documented in the two summary reports ‘LISA Pre-Phase A Report’ and ‘JPL - LISA
Mission Concept Study’. Those reports in conjunction with the system requirements and the payload
definition documents have formed the starting point of this industrial phase A study.
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1 INTRODUCTION LIS A

1.1.2 Content of Study

This study of the Laser Interferometer Space Antenna (LISA) has been performed from June 1999 to
February 2000. It was split in three sub-phases:

e Phase 1 - System Concept Review and Trade-off
included a critical review of the design concepts proposed in previous study reports and
the proposals and trade-off of alternative options. The results were presented and
discussed at the Preliminary Concept Review and used to confirm a preliminary system
baseline.

e Phase 2 - System Concept Development
comprised all tasks defining and analysing the major system and payload design aspects
necessary to achieve a profound technical basis for the final assessment of mission
cost, technical feasibility and risk involved.

e Phase 3 - System Concept Consolidation
included tasks to refine the system design, to complete schedule, risk and cost
assessments, and to prepare the final report.

As the instrument design concept had already in the past been defined and studied to a reasonable
degree of detail, this was taken as a fixed starting point. The major attention of this industrial study was
given to the detailed implication of this instrument concept and the resulting performance requirements
both on the overall spacecraft design and on the individual subsystems and instrument components.
Based on the various results of unit design and performance characteristics the predicted system
performance with respect to the science measurement requirements were evaluated (sec. 5.1).

As the instrument puts by far the highest requirements on technology and development risk, major
emphasis was given to the preliminary design and analysis of the critical instrument subsystems. Those
will certainly involve the primary development risks and form the major part of the mandatory
technology programme.

1.2 Study Team and Organisation

Dornier Satellitensysteme was the prime contractor for the system study also covering the majority of
the spacecraft standard subsystems. The fact that the instrument subsystems involve the major
development risks and drive the technology programme is reflected in the unusual broad reflection of
related specific expertise in the industrial consortium and in the consulting science institutes. For the
payload design, performance, and accommodation experts from Dornier, Alenia Aerospazio and Matra
Marconi Space have been involved in this study. For the aspects of space qualification of instrument
electronics, and of future developments in the on-board data handling domain experts from Laben S.p.A.
were engaged as consultants.

Regarding instrument engineering, a large number of institutes hitherto involved in the LISA Science
Team have been involved, as requested in the ITT. They were either directly integrated into the team for
dedicated instrument tasks and/or supported the system and instrument trade-off and design in the
fields of scientific advise and specific instrument technologies.
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In direct contractual relation to ESA further support was given by the engineering team at the Rutherford
Appleton Laboratory (RAL), UK and by ESOC.

For mission and orbit analyses and operations major analytical data have been generated by ESOC.
Major functional support was given by the RAL engineers on the final thermal and gravitational analyses
involving the detailed instrument models derived from the models already generated during the pre-
phase A activities.

The task allocation within the industrial/consulting team is presented in Figure 1-1. Reduced teams
were involved in the phases 1 and 3.

All recommended science team experts, except Zeiss, have been engaged for consultative support to
the critical detailed payload and system work packages. Thus, the study will take full advantage of the
specific experience and knowledge gained at those institutes in former studies. The key persons within
this group of science team experts are listed below with their primary work scope.
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2 Mission Objectives

2.1 Scientific Mission Goals

The primary objective of the Laser Interferometer Space Antenna (LISA) mission is to detect and observe
gravitational waves from massive black holes (MBH) and galactic binaries in the frequency range 10 to
10" Hz.

This low-frequency range is inaccessible to ground-based interferometers because of the unshieldable
background of local gravitational noise and because ground-based interferometers are limited in length
to a few kilometres. The ground-based interferometers LIGO, VIRGO, TAMA 300 and GEO 600 and the
LISA interferometer in space complement each other in an essential way. It is considered very important
to complement the gravitational wave observations on ground in the high-frequency regime of 10 to
1000 Hz with observations in space in the low-frequency regime (10"4 to 10” Hz). This is in analogy to
the importance of space observations at sub-millimetre, infrared, ultraviolet, X-ray and gamma-ray
wavelengths as complements to earth based optical and radio observations.

Ground-based interferometers can observe the bursts of gravitational radiation emitted by galactic
binaries during the final stages (minutes and seconds) of coalescence when the frequencies are high and
both the amplitudes and frequencies increase quickly with time. At low frequencies, which can only be
observed in space, the orbital radii of the binary systems are larger and the frequencies are stable over
millions of years. Coalescence of MBHs is only observable from space. Both ground- and space-based
detectors will also search for a cosmological background of gravitational waves. Since both kinds of
detectors have similar energy sensitivities their different observing frequencies are ideally
complementary: observations can provide crucial spectral information.

2.2 Measurement Methods and Features

The LISA mission comprises three identical spacecraft located 5-10°km apart forming an equilateral
triangle. LISA is basically a giant Michelson interferometer placed in space, with a third arm added to
give independent information on the two gravitational wave polarisations, and for redundancy. The
distance between the spacecraft - the interferometer arm length - determines the frequency range in
which LISA can make observations: it was carefully chosen to allow for the observation of most of the
interesting sources of gravitational radiation. The centre of the triangular formation is in the ecliptic
plane, 1 AU from the Sun and 20° behind the Earth. The plane of the triangle is inclined at 60° with
respect to the ecliptic. These particular heliocentric orbits for the three spacecraft were chosen such
that the triangular formation is maintained throughout the year with the triangle appearing to rotate
about the centre of the formation once per year.

While LISA can be described as a big Michelson interferometer, the actual implementation in space is
very different from a laser interferometer on the ground and is much more reminiscent of the technique
called spacecraft tracking, but here realised with infrared laser light instead of radio waves. The laser
light going out from the centre spacecraft to the other corners is not directly reflected back because
very little light intensity would be left over that way. Instead, in complete analogy with a RF transponder
scheme, the laser on the distant spacecraft is phase-locked to the incoming light providing a return
beam with full intensity again. After being emitted back from the far spacecraft to the centre spacecraft,
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the light is superposed with the on-board laser light serving as local oscillator in a heterodyne detection
scheme. This gives information on the length of one arm modulo the laser frequency. The other arm is
treated the same way, giving information on the length of the other arm modulo the same laser
frequency. The difference between these two signals will thus give the difference between the two arm
lengths (i.e. the gravitational wave signal). The sum will give information on laser frequency fluctuations.
The technique used by LISA for laser spatial and spectral /phase acquisition and tracking has much in
common to emerging coherent free-space laser communication links.

Each spacecraft contains two optical assemblies. The two assemblies on one spacecraft are each
pointing towards an identical assembly on each of the other two spacecraft to form a Michelson
interferometer. A frequency stable 1 W infrared laser beam at 1um wavelength is transmitted to the
corresponding remote spacecraft via a 30-cm aperture f/ 1 Cassegrain telescope. The same telescope is
used to focus the very weak beam (a few pW) coming from the distant spacecraft and to direct the light
to a sensitive photodetector where it is superimposed with a fraction of the original local light (optical
heterodyne receiver).

At the heart of each assembly is a vacuum enclosure containing a free-flying polished platinum-gold
cube, 4 cm in size, referred to as the proof mass, which serves as an optical reference ("mirror") for the
light beams. A passing gravitational wave will change the length of the optical path between the proof
masses of one arm of the interferometer relative to the other arm. The distance fluctuations are
measured to sub-Angstrom precision which, when combined with the large separation between the
spacecraft, allows LISA to detect gravitational-wave strains down to a level of order Al / | =10"in one
year of observation, with a signal-to-noise ratio of 5.

The spacecraft mainly serve to shield the proof masses from the adverse effects due to the solar
radiation pressure, and the spacecraft position does not directly enter into the measurement. It is
nevertheless necessary to keep all spacecraft moderately accurately (10"8 m/ VHz in the measurement
band) centred on their respective proof masses to reduce spurious local noise forces. This is achieved
by a "drag-free" control system, consisting of an accelerometer (or inertial sensor) and a system of
electrical thrusters. Capacitive sensing in three dimensions is used to measure the displacements of the
proof masses relative to the spacecraft. These position signals are used in a feedback loop to command
micro-Newton ion-emitting proportional thrusters to enable the spacecraft to follow its proof masses
precisely. The thrusters are also used to control the attitude of the spacecraft relative to the incoming
optical wavefronts, using signals derived from quadrant photodiodes. As the three-spacecraft
constellation orbits the Sun in the course of one year, the observed gravitational waves are Doppler-
shifted by the orbital motion. For periodic waves with sufficient signal-to-noise ratio, this allows the
direction of the source to be determined (to arc minute or degree precision, depending on source
strength).

Each of the three LISA spacecraft has a launch mass of about 400 kg (plus margin) including the
payload, ion drive all propellants and the spacecraft adapter. The ion drives are used for the transfer
from the Earth orbit to the final position in interplanetary orbit. All three spacecraft can be launched by a
single Delta Il 7925H. Each spacecraft carries in the baseline concept a 30 cm steerable antenna used
for transmitting the science and engineering data, stored on board for two days, at a rate of 7 kBps in
the Ka-band to the 34-m network of the DSN. Nominal mission lifetime is two years with a possible
extension to 10 years.

LISA is envisaged as a possible ESA Horizon 2000 cornerstone. Further, it may evolve into a
collaborative ESA / NASA project, with NASA providing the launch vehicle, the on-board communication
subsystem, mission and science operations and 50% of the payload. In this scenario ESA would provide
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three spacecraft including propulsion module and ion drive. European institutes and industry would

provide the other 50 % of the payload presumably nationally funded. A collaborative LISA mission would
be aimed at a launch in the 2008 to 2010 time frame.
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3 Mission and Operations Analyses
3.1 Launch Phase
3.1.1 Launcher and Launcher Payload

As the baseline launcher for the mission has been foreseen the Delta Il as produced by the Boeing
Corporation. The version originally proposed was the 7925H with a 9.5ft diameter metal fairing, but has
been superseded by the same model equipped with the composite 10ft fairing.

The payload for this launcher is shown in Fig. 3.1-1, consists of 3 composite satellite assemblies stacked
on top of each other, and is installed in the launcher fairing as illustrated. The total mass of the stack
should not exceed 1380Kg, to enable the mission launch profile to be executed.

Further information in relation to the satellite configuration and the launcher accommodation is given in
sections 5.2 and 5.4.

Fig. 3.1-1: 3 LISA Composite Spacecraft in the Delta 1110ft Fairing

3.1.2 Analysis of Launch Phase

The stack of three LISA composite spacecraft will be launched on a single Delta Il 7925H three-stage
vehicle from the Eastern Launch Site. The best mass performances are obtained for a launch flight
azimuth of 95°, leading to an orbital inclination of 28.7°, and a perigee altitude of 185 km.
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The first part of the ascent phase (main engine of Stage | and the strap-on solid rockets) is followed by a
first ignition of Stage Il to achieve a circular orbit. Payload fairing separation is performed in this phase.
After a coast arc, Stage Il is ignited again up to second engine cut-off. The third stage, based on the
STAR 48B solid rocket motor, is spun-up, separated, and fired to inject into the final orbit. The injection
orbit is an Earth-escape trajectory with an escape velocity, Voo, of about 1 km/s (the normalised excess
energy Csz= V°°z). The third stage can have a yo-yo de-spin system to leave the spacecraft with the
required spin velocity which is supposed to be zero.

The three LISA composite spacecraft will be separated one by one and will autonomously perform any
required attitude manoeuvres to enter into a safe Sun pointing mode. Each spacecraft consists of a
Science Module (S/M) and of an attached Propulsion Module (P/M) that provides the capability to
individually manoeuvre the composite spacecraft into the required operational orbit. The P/M uses
electrical propulsion (one ion engine active, the other one in cold redundancy) with a thrust of about 20
mN.

The mass performance of the launcher depends on the required Voo (near 1km/s the change is less than
3 kg of payload mass per 100 m/s). The precise conditions of Earth-escape will be selected as function
of the launch date and the final S/M and P/M characteristics.

All three composite spacecraft leave the Earth such that after 2 weeks the distance to the Earth is 1.5
million km, and the relative velocity about 1 km/s when leaving the sphere of influence of the Earth, Fig.
3.1-2.

Orbit determination during this phase is a standard task of DSN.
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Fig. 3.1-2: Distance and distance rate of change to the Earth during the first 4 weeks after launch

After injection by the launcher, the conditions of spacecraft illumination by the Sun, and the relative
geometry of the spacecraft, Earth and Sun are very similar for launch on any day of the year ensuring the
possibility of launch at any day of the year.
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3.2 Operational Orbit Injection and Composite Separation

3.2.1 Composite Spacecraft

The composite satellite consists of a Science Module (S/M) and a separable Propulsion Module (P/M),
as illustrated in Fig. 3.2-1. In this figure the upper two elements are the composite, and are shown
attached to the next lower Science Module. The total size of the composite is 2700mm diameter and
800mm depth. A more detailed description is provided in sections 5.2 and 5.4.

A

Fig. 3.2-1: LISA Composite (attached to the next lower Science Module)

3.2.2 Analysis of Injection into Operational Orbit

The desired operational orbit configuration for the LISA spacecraft is such that the three spacecraft are
positioned at the vertices of a quasi-equilateral triangle with centre in the ecliptic plane, about 20°
behind the Earth. The side of the triangle, d, is initially 5 million-km. This configuration is achieved by
selecting the following orbital elements for the spacecraft orbits:

semi-major axis a=1AU,
eccentricity e=d/(2a+/3),
inclination with respect to the ecliptic i=d/(2a),
argument of pericentre 90° or as 270°.

The ecliptic longitude of the ascending node, Q, and the mean anomaly, M, of the three spacecraft differ
by 120°:

forS/C 1 Q, M)
forS/C 2 (Q+120°, M-1209)
for $/C 3 (Q-120°, M+120°)
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For a given date, Q and M are selected such that the centre of the triangle at that epoch is 20° behind
the Earth and with the required triangle orientation. When propagating the orbits to a different date the

quasi-equilateral triangular configuration is maintained and the orientation of the triangle rotates in a

plane that is inclined 60° with respect to the ecliptic.

After spacecraft separation from the launcher the spacecraft will autonomously enter into a safe Sun
pointing mode and slowly drift away from the Earth. Ground control will initiate the operation of the

spacecraft, and control the ion engine to establish the transfer to the operational orbit.
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Fig. 3.2-2: Maximum and minimum transfer time for launch in winter, spring, summer, and fall to

all possible triangular configuration. For each configuration the max. and min.

transfer time for the 3 spacecraft is shown.

The general characteristics of the transfer trajectories for each spacecraft were analysed as follows: For

launch dates in Winter, Spring, Summer, and Fall the period and direction of thrust of the ion-engines
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has been optimised to generate trajectories to transfer one spacecraft from the Earth to the operational
orbit. In this optimisation one has left fixed the parameters Do, Voo, doo, B, where Dy is the day of launch,
Voo the module of the escape velocity, do the declination of Veo with respect to the ecliptic, and 6,
defines the triangle orientation at Dy. The direction of Voo in the ecliptic plane, the sequence and
duration of thrust and coast arcs, the arrival date, and the variable thrust direction are left as free
parameters to be optimised. The ion engine is either working at full power with 18 mN thrust or switched
off. The initial mass of the composite spacecraft is taken as 430 kg.

The results of the optimisation show that:

e The longest transfer time is always less than 15 months, and the difference in time of injection
into the operational of the 3 spacecraft is about 1 month, Fig. 3.2-2.

e The propellant mass required for the transfer varies between 12.5 kg and 20 kg, Fig. 3.2-3.
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Fig. 3.2-3: Maximum and minimum propellant mass for launch in winter, spring, summer, and
fall to all possible triangular configuration. For each configuration the max. and min. propellant
mass for the 3 spacecraft is shown.

e The angle between the thrust direction and the direction to the Sun, if it is not constrained in
the optimisation process, will vary so that the fixed solar array will not always be pointing
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orthogonal to the Sun but may go up to 55° away. However, the solar aspect angle can be
constrained to any desirable value at a modest increase of the propellant mass, Fig. 3.2-4. This
angle can be restricted to less than 25° without propellant mass penalty, and to 15° with a
penalty of less than 0.5 kg. The loss of solar power is 10% , and 3.5%, respectively.
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20 25 30
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Fig. 3.2-4: Propellant mass penalisation as function of the Solar Aspect Angle constraint. A SAA
of 0 ° provides full illumination of the solar array.

The design of the LISA composite spacecraft should support a transfer time of up to 15 months, and
have a propellant capability of 20 kg for an initial mass of 430 kg and a 18 mN ion engine. If seasonal
launch restrictions are acceptable, this propellant allocation can be reduced to about 16 kg.

For a particular launch day a triangular configuration will be selected from the general characteristics of
the transfer trajectories, and the trajectories for the 3 spacecraft can be re-optimised for a common
launch with the same vehicle. As an example, Fig. 3.2-5 presents the evolution of the orbital elements
for the three spacecraft during the transfer phase for launch in summer. The transfer types are either a
sequence of coast-thrust-coast-thrust arcs or a sequence thrust-coast-thrust. Depending on each
spacecraft, the first thrust arc can start very early after leaving the sphere of influence of the Earth (a
minimum limit of 10 days from launch has been allocated for spacecraft commissioning), or after a coast
arc of up to 3 months. In all cases, the thrust direction is such that the orbital semi-major axis increases,
producing a larger drift velocity of the spacecraft with respect to the Earth, and then start to decrease
and reaches zero when the spacecraft is on station.
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Fig. 3.2-5: Evolution history of orbital elements and unconstrained pitch angle (angle between the
thrust direction and the plane normal to the Sun direction) for launch in summer.

3.2.3 Analysis of Composite Separation

The Propulsion Module will deliver the composite spacecraft very accurately to the operational orbit and,
before separation from the spacecraft, it will perform an attitude slew manoeuvre to leave it in the
proper attitude for operation. A high accuracy of orbit insertion is needed because after the Science
Module has been separated from the Propulsion Module it has very limited manoeuvre capabilities due
to the very low thrust levels of the FEEPs. The required orbital delivery accuracy depends on the
tolerable errors in the evolution of the orbital triangular configuration, in particular on the variation of the
interferometer arm length change and on the arm length change rate. It has been shown that, using
standard X-band radio tracking, delivery errors of 10 km in position and of less than 2 mm/s in velocity
are possible and these values are acceptable in view of the evolution of the triangular configuration for
periods of several years.

The Propulsion Module will separate from the Science Module by means of a two-stage separation
system. This system needs to produce a small relative velocity of separation between the S/M and the
P/M ensuring that the two craft will separate safely without risk of collision. The mechanisation error of
the separation must, however, not be so big that it takes a long time to correct resulting S/M position
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and attitude errors with the FEEPs. For a S/M of 250 kg, it takes about 14 hrs to correct 1 cm/s with a
thrust of 50 PUN. The current baseline is to separate the P/M from the spacecraft at a relative velocity of
3 cm/s. This velocity ensures that the distance of the P/M to the plane formed by the 3 S/Ms is
continuously increasing to about 55 km in 2 month. This period is larger than the time required for
commissioning of the spacecraft and beginning of drag-free control, and it ensures that the Field of View
of the telescope will be unobstructed, Fig. 3.2-6. After the drag-free control is activated the distances
between the P/Ms and the triangular plane spanned by the three S/Ms will continuously increase to
more than 30000 km after one year without any risk of collision between craft.

Distance normal to plane (km)
70 T T T T T

40 -

o L L L L L

60
Days from separation

Fig. 3.2-6: Distance of Propulsion Module to the triangular plane after separation.

Another matter of importance for the separation is the angular rate imparted to the S/M during
separation. Since there is presently no battery foreseen onboard the S/M, this rate must be small
enough so that it can be countered by the FEEPs before the solar aspect angle w.r.t. the S/M solar array
gets so large that no longer enough power is generated to drive the FEEPs.
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3.3 Evolution of the Operational Orbit

The operational orbits of the 3 S/Ms are selected to maintain these spacecraft at the vertices of a
quasi-equilateral triangle with centre in the ecliptic plane, about 20° behind the Earth and with sides of
5 million km length, Fig. 3.3-1.

The orientation of the triangle rotates once a year on a plane that makes an angle of 60° with the
ecliptic, and the line of intersection with the ecliptic is orthogonal to the line connecting the Sun with the
centre of triangle. The 20° trailing angle to the Earth results from a trade-off between radio
communication links and the orbital perturbation due to Earth and Moon. The distances between
spacecraft are dictated by the requirements of the scientific measurements that will be performed by
LISA.

Earth ’

Orbit S/C 1

Fig. 3.3-1: Operational orbit configuration of the 3 Science Modules

Once in Science Mode operations the S/Ms are controlled in drag-free mode, and, therefore, it is only
the gravitational forces of the Sun, planets, and other bodies of the solar system that determine the
trajectory of each spacecraft.
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Starting with the orbits as described in sect. 3.2.2, the initial distance between spacecraft is 5 million
km, but this distance periodically varies over one year. Different strategies have been investigated to
reduce this variation:

LISA: Distances (|d12-5E6], |d13-5E6, [d23-5E6])
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Fig. 3.3-2: Evolution for a period of 10 years of: arm length with respect to the desired 5 million
km; difference between arm lengths; velocity between spacecraft along the instrument Line of
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Sight; difference between the LOS velocity in different arms; velocity normal to the Line of Sight;
angle between arms.

e Passively, by selecting the initial conditions to minimise the variations of one, two, or three arms of
the triangle;

e Actively, by performing orbital corrections with the FEEPs. In this case, the analysis shows that it is
not possible to stabilise the rate of change of all three arms, but only of one or two arms for a period
of a few years. The active control requires as well that manoeuvres may need to be performed for
several days every month, with a possible disruption of the scientific measurements.

Therefore, the current baseline is to select the initial orbital conditions so as to minimise the average
rate of change of the distance between the three pairs of spacecraft, to let the orbits freely evolve and
to avoid orbit control manoeuvres. Fig. 3.3-2 presents the evolution over 10 years of the parameters of
such a configuration.

The distances between S/M spacecraft, i.e. the interferometer arm length, will oscillate around the
nominal value of 5 million km with an amplitude of less than 30000 km, and the difference between the
different arm lengths can be up to 60000 km. The velocity along the line of sight of the telescope
introduces a measurement noise caused by the Doppler shift that will be corrected by modulating the
laser beams. This Doppler compensation is able to cope with the predicted rate of maximum 8 m/s, and
with the predicted rate differences between each arm of less than 12 m/s.

The angle between any two S/Ms as seen from the third one changes periodically through the year with
variations around 60° with an amplitude of less than 0.6°. This is due to a velocity in the sky plane for
each spacecraft as observed by any of the other spacecraft that oscillates between 500 m/s to 1000
m/s. The velocity in the sky plane of spacecraft 2 with respect to spacecraft1 is the projection on a
plane orthogonal to the line from S/C 1to S/C 2 of the relative velocity of S/C 2 with respect to S/C 1.
This velocity necessitates in addition the application of a point-ahead angle between the transmitted and
received laser beams. The point-ahead angle can be split into two components: in-plane and out-of-plane
w.r.t. the plane spanned by the three spacecraft. It has been quantified as follows:

Bias 3.3 urad
In-plane point-ahead angle

Variation +55 nrad

Bias 85 nrad

Out-of-plane point-ahead angle

Variation +5.75 prad

The considerable out-of-plane variation is nicely sinusoidal.
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34 Operational Strategy

3.4.1 Nominal Operations Concept

The general concept for operating LISA is that all activities will be performed according to a master
schedule on-board each spacecraft, which will be kept updated and harmonised from ground. This on-
board master schedule performs the time-tagged commanding of On-Board Control Procedures (OBCPs)
which are to be written in an On-Board Control Procedure Language. The OBCPs will be defined in a way
that they are continued autonomously after simple failures.

All parameters used for autonomous operation including fault management, orbit, drag-free and attitude
control etc. will be updateable by telecommand and be available in telemetry.

Time-tagged commands will be applied for scheduled automatic tasking in Routine Phase as well as for
event driven procedures. Event driven procedures have to be analysed, a forecast of schedule events
from Earth has to be commanded as timeline or in real-time under ground contact.

3.4.2 Advanced Operations Concept

The operations concept briefly outlined in the previous section requires a significant man-power effort
for elaborating timelines, since the operation of the three spacecraft is closely interrelated.

The application of an Advanced Timeline Generator on ground (e.g. the TINA 5.0 system developed by
DSS and already applied in two ESTEC studies) allows to generate timelines which contain time windows
for the execution of an OBCP with starting and ending times and which contain required key parameter
values, required system state and required available resource information. The TINA timeline generator
kernel performs the timeline computation based on the commercial ILOG constraint propagation
libraries.

The on-board complement for the application of “event driven timeline execution” is already existing as
demonstrator application at DSS under the label “System Autonomy Testbed”.

This Autonomy Testbed is based on a modular on-board software architecture which has been
developed by DSS in the frame of the project “MARCO” (Modular Architecture for Robotics Control)
under DARA contract. It features a modular Ada software concept based on VxWorks real-time operating
system.

The controlling component of the architecture is called the Supervisor and is sketched in Fig. 3.4-1. The
onboard system supervisor of the Autonomy Testbed is able to execute TINA generated mission
timelines which consider both time tags and key parameter values, the system state and resources for
execution of OBCPs.
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Fig. 3.4-1: Supervisor Functional Architecture

This concept has already been proposed to ESA for on-board SW of PROBA (Project for On-Board
Autonomy) and in the “Autonomy Testing” Proposal.

For the LISA mission this advanced operations concept is not mandatory but according to the very
complex mission scenario it would give extraordinary advantages for operations in view of flexibility, man
power savings, and cost effectiveness. The optimum share between ground and onboard functionality of
this supervisor concept for LISA should be elaborated in future phases.

3.4.3 Autonomy

For interplanetary missions the need for on-board autonomy is out of question. Signal transmission
times between LISA spacecraft and ground in the order of 3 minutes in conjunction with complex
spacecraft interactions, especially for Pointing Acquisition and Tracking, will become extremely difficult
otherwise. Moreover, LISA is required to operate for a period of 72 hours without ground contact.

Beyond these 72 hours each spacecraft is required to be able to survive autonomously in a Safe Mode
for at least TBD days without the need for ground intervention.

In order to avoid misinterpretation of the term autonomy a short definition is given hereafter:

”Autonomy or autonomous operations are those on-board actions which are initiated on system
level by the spacecraft itself following an on-board event (nominal or failure) in order to fulfil the
goal/task of the actual phase or mode. Autonomy can concern nominal operations as well as
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handling of contingency situations.” All other operations are called predefined or automatic
especially if they are handled on subsystem level only.

E.g.: The execution of a purely time tagged command timeline is considered an automatic functionality.
The execution, however, of a timeline under event driven conditions considering alternatives depending
on key parameter values is considered to be an autonomous functionality.

The envisaged autonomy concept can be characterised as follows:

All nominal and contingency operations necessary for the different mission phases are predefined and
stored in On-Board Control Procedures (OBCPs).

The on-board system supervisor executes mission timelines which are conditional to time tags, key
parameter values, the system state and the availability of resources. Event driven they initiate execution
of the corresponding OBCPs. OBCPs are defined such that they cover a nominal case and failure cases.

If, in a failure case, the specified corrective action is able to cope successfully with the detected failure,
then the mission timeline execution is continued autonomously.

If there is no success of the corrective actions or there is no predefined OBCP, as a last consequence for
payload OBCPs the failing items of the payload, e.g. a particular laser link, will be deactivated and
mission timeline execution will continue for all other payload items and subsystems. For non-recoverable
spacecraft system failures Safe Mode is entered and autonomously maintained. All parameters used for
autonomous operations, including fault management, orbit, drag-free and attitude control, etc., will be
updateable by telecommand and related status information available in telemetry.

A demonstrator for such an advanced real-time onboard software controlling a simulated spacecraft by
execution of event driven mission timelines has been realised in the System Autonomy Testbed at DSS.

3.4.4 Failure Detection Isolation and Recovery
The following conceptual definition is based on the ROSETTA defined levels of on-board autonomous
FDIR. Consequently, the levels of autonomous FDIR for LISA are structured into four levels:

- Level O is the unit level

- Level 1is the subsystem function level

- Level 2 is the high level DMS surveillance level

- Level 3 is the system alarm and Reconfiguration Module level.

The ground-rule to be observed for FDIR is that failures should be detected, isolated and corrected on
the lowest possible level. Level O represents the lowest level. Only the levels 2 and 3 allow for a
transition into Safe Mode.

The central item for autonomous FDIR on level 3 is the Reconfiguration Module. It has the highest level
responsibility for the handling of unexpected system alarms.
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3.4.5 Ground Control

The LISA operations follow the lines of a survey-type project that will be developed and operated as a
Principal Investigator (PI) mission. Mission operations performed by the Mission Operation and
Spacecraft Control Element, MSCE, after separation of the composite spacecraft from the launcher are
composed of mission planning, spacecraft monitoring and control, and all orbit and attitude
determination and control. The instrument operations will be under the responsibility of the Pls. The co-
ordination of the instrument operations and the interface between the Pls and the MSCE will be under
the responsibility of the Project Scientist supported by members of the Pl teams in the LISA Science
Data Centre LSDC. In support of the instrument operations, the MSCE will make available to the LSDC
the extracted near real-time payload telemetry packages. It will also process the instrument
telecommand and mission planning request from the LSDC, and it will distribute the raw instrument
telemetry data augmented by auxiliary data on orbit, attitude, and spacecraft status.

All operations will be executed at the MSCE according to a Mission Timeline, Flight Control Procedure,
and Contingency Recovery Procedures as defined in the Flight Operations Plan. The FOP will be prepared
by the operations staff based on the LISA Users Manual, and on the LISA Database. The payload
operation support is based on inputs from the experimenters and specified in the Payload Operations
Plan.

During routine phase the nominal spacecraft control will be off-line. The period of contact with the
spacecraft will be dedicated to collecting science and housekeeping data, for radio tracking
measurements, and for up-link of the master schedule for pre-programming the autonomous operation
functions of the three LISA spacecraft. As anomalies will normally be detected with a delay, the mission
safety will be ensured by on-board autonomous systems.
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3.5

Mission Phases

The mission is composed of the following operational phases:

Launch Phase: This phase starts with the removal of the umbilical and ends with the separation
from the launcher. Throughout the launch the power is provided by batteries.

Near Earth Commissioning Phase: Triggered by the separation form the launcher, the
spacecraft activation sequence is started to perform subsystem switch-on, RCS priming, rate
damping and Sun acquisition. The spacecraft is 3-axis stabilised. This phase includes an initial
spacecraft check-out and a first payload commissioning.

Cruise Phase: During thrust phases one of the two ion-engines is working at full thrust and
operations are reduced to S/M and P/M monitoring. Thrust vector orientation is controlled
either through the hydrazine thrusters or by swivelling the gimbals of the ion engines. The P/M
is commanded to keep the required thrust conditions. Attitude reference is given by means of
the star trackers. Ground contact is restricted to LGA X-band communication.

During thrustless coast phases HGA communication may be possible after appropriate attitude
adjustments.

Commissioning and Verification Phase: At the end of the Cruise Phase, each composite
spacecraft is injected into its required orbit, put into the proper attitude (30 ° off Sun pointing),
and the S/M separated from the P/M. After P/M separation, the S/M AOCS performs the
attitude and position control merely using the FEEPs. Commissioning and verification of all
electrical and mechanical systems including the telescope pointing devices, lasers, discharge
systems, electronics, clamping devices, and the Ultra Stable Oscillators.

The attitude control for initial laser signal acquisition is preceded by calibration activities
between star trackers and acquisition sensors. The laser acquisition will start with the S/Ms
controlling their inertial attitudes based on knowledge on-board each S/M of the inertial
positions of all 3 S/Ms in order to be able to point their laser beams towards their companion
S/Ms. Star trackers supported by Inertial Reference Sensors will be used to ensure stable
pointing in the desired direction towards the companion S/Ms. Further details of the Pointing
Acquisition and Tracking (PAT) process are described in the section ‘Laser Beam Acquisition
Strategy’. After successful completion of this process all three optical links will have been
established and drag-free control enabled. Now the final calibrations are performed. The S/M’s
FDIR functionality monitors the spacecraft subsystems and the payload and may take over
control to enter a pre-established Safe Mode if it detects any failure that puts the mission in
jeopardy.

During this phase it will be possible to transmit not only the already compressed but in addition
also the raw science data to ground. This gives the ground the means to check the validity of the
on-board science-data compression.

Routine Phase: Normal mode in this phase is Science Mode with all three optical links
established and drag-free control active. Data will be stored on-board and transmitted to ground
during the contact periods with the spacecraft of about 9 hrs every second day. For ground
contact there will be a configurable master S/M collecting science and housekeeping data from
its companions via the optical links, transmitting these data together with its own to the ground,
receiving telecommands from ground and forwarding them via the optical links to its companion
S/Ms. The ground will monitor and perform emergency recovery in case of failure or in the short
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interruptions that may be required to correct external events causing disturbances to the S/M
or its sensors (solar flares, interplanetary dust, micro-meteoroids, etc). Operation in the normal
Science Mode is supposed to last for long periods of time with very few short interruptions.

A standard DSN X-band network will support the mission from launch until start of the interplanetary
Cruise Phase. Afterwards, one single ground station is sufficient to support the mission. Radio tracking
from two ground stations will be needed during campaigns to calibrate the orbit determination process.

All over the mission, each S/M will be under the control of its Centralised Processor System. The
principal tasks of this system are

e Spacecraft control
e Payload control
e Spacecraft and payload data management

In case of failure, the Centralised Processor System will have the capability of predicting with the
required accuracy the position of its own S/M as well as those of the other two spacecraft, the attitude
to point to them, and the direction of the Earth, and shall autonomously try to re-establish the triangular
spacecraft configuration and establish the optical links.

The Payload Controller will be in charge of accepting and responding to commands and reference values
received from the Centralised Processor System. It will condition and forward these commands to the
payload, acquire and condition payload signals and transmit them back to the Centralised Processor
System.
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3.6 Operating Modes and Mode Transitions

The basic system modes which are needed to fulfil the operational requirements of the LISA mission
phases are defined below.

The Prelaunch Mode will be used during final preparation and checkout activities on the launch pad. It
is automatically entered when the spacecraft is switched on. In this way it will be used during all ground
testing, but in addition also for loading data for the separation sequence.

The spacecraft is in the Launch Mode from removal of umbilical until it has autonomously performed all
operations after separation to achieve a safe Sun pointing 3-axis stabilised attitude including RCS
priming and Sun acquisition (Sun incident on the Propulsion Module solar array). Communication via
LGAs is established. These operations are controlled by a dedicated OBCP which is continued also in
failure cases.

The Activation Mode follows the Launch Mode when control is taken over from ground. It is used for
spacecraft check-out and first payload commissioning. The AOCS is in Star Sensor Mode. Minor
trajectory correction manoeuvres using hydrazine propulsion are performed to compensate for launcher
orbit insertion errors. Apart from these manoeuvres the spacecraft is leaving the Earth on a purely
ballistic trajectory. The communication goes via LGAs.

The Cruise Mode follows on Activation Mode and is used during the interplanetary cruise phase. In this
mode a sequence of thrust phases (using ion propulsion) separated by purely passive coast phases is
used to transfer each spacecraft to its station. Only restricted communication will be possible, since
most of the time the LGAs will have to be used. Due to their single-axis articulation the HGAs will
normally never be Earth-pointing during cruise, especially, since the HGAs are mounted on the S/M
which is oriented towards deep space during cruise. During coast phases, however, when the ion
propulsion is off, it might well be possible to change the orientation of the spacecraft towards the Earth
in a way that the HGAs can be made us of for extensive spacecraft monitoring and health checking. At
the end of the Cruise Phase a precise orbit determination and orbit correction is mandatory to obtain
good initial conditions for the mission orbit.

After end of cruise, P/M Separation Mode will be entered. In this mode the composite spacecraft will
perform a180° attitude slew in order to have the S/M and no longer the P/M solar array Sun pointed.
The Propulsion Module will be separated in two stages from the Science Module: first structurally by
means of separation nuts and then regarding the electrical connectors smoothly by spindle devices.
After end of P/M Separation Mode the P/M is drifting passively away from the S/M. The EPS of the
S/M is now fully dependent on the power from the S/M solar array, since the batteries remain on the
P/M. Attitude and position control authority is limited now to FEEPs. The FEEPs have to be used to
compensate the separation rates and to reacquire the Sun pointing attitude.

Separation Mode is followed by On Station Mode. In this mode the S/M acquires its nominal attitude
30° off Sun and then permanently aligns its two telescope lines of sight towards its companion
spacecraft. For communication with the ground the HGAs are used, since they can be permanently be
Earth pointed now. Continuous on-board propagation of positions of S/M 1 to 3 and of Earth provides
the knowledge necessary for pointing of telescope lines of sight and of HGAs. Further activities in this
mode are related to payload activation: mechanical release of Optical Assemblies, test of Telescope
Pointing Mechanisms, release and calibration of proof-masses, alignment calibration between Star
Trackers and Acquisition Sensors, test of the laser assembly, of the front end electronics, etc.
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PAT Mode is the mode in which the optical links between a S/M spacecraft and its two distant
companions are established one by one. PAT Mode is necessary in both spacecraft trying to establish an
optical link. In PAT Mode drag-free control will be enabled and the proof-masses used as additional
inertial sensors to allow for a highly stable pointing towards the opposite spacecraft. The complex
pointing acquisition scenario to be observed by both S/Ms in this mode needs only to be initiated from
the ground and can then be followed autonomously by the two spacecraft, one being declared Master,
the other Slave. For the establishment of a link between a Master S/C and a Slave S/C the steps to be
taken in PAT Mode on the Master can briefly be summarised as follows:

M-1. The Master switches its laser on and slowly performs with the laser beam one full scan over
the uncertainty cone surrounding the expected position of the Slave which is propagated
over time accordingly. Then the laser is switched off.

M-2. Under nominal conditions the laser beam transmitted back from the Slave can be detected
on the acquisition sensor of the Master immediately after switching off its own laser. The
attitude of the Master, of its respective telescope and/or of its proof-mass are adjusted in
order to orient the Master with an error smaller than the emitted beam width towards the
Slave and to centre the incoming beam on the coherent detector of the Master. If the
optical link between the Master and the third S/C has already been established then this
attitude adjustment needs to be performed in a way that this link is safely maintained.
Finally the laser on the Master is switched on again. After a predefined time the Slave
should have accomplished its step S-2 so that the link is operational.

The following steps need to be taken on the Slave S/C:

S-1. The Slave points towards the expected position of the Master with its local laser off and
waits for a beam from the Master (scanning with its laser the uncertainty cone) to be
detected on its own acquisition sensor. This allows to determine the direction of the
received beam and thus of the Master itself. The attitude of the Slave S/C and of its
telescope are adjusted towards the Master with an error smaller than the emitted beam
width and then the laser is switched on. Thus it is ensured that the Master will in step M-2
of its PAT sequence detect the beam. If the optical link between the Slave and the third
S/C has already been established then this attitude adjustment needs to be performed in a
way that this link is safely maintained.

S-2. After a predefined time the laser is shortly switched off and on again to check that the laser
on the Master is on again. If this is the case, then the Slave can reacquire the incoming
beam on the acquisition detector and subsequently centre it on the coherent detector by
attitude adjustments of the overall Slave S/C, of the respective telescope and/or of its
proof-mass. The local laser is now switched on and a frequency scan of the reference
oscillator is performed. After detection of the beat signal on its coherent detector the Slave
laser frequency is successfully adjusted to the Master frequency and the link is operational
and can be used for data transfer between spacecraft.

Science Mode is the normal mode during Routine Phase. Normally, via both telescopes of a S/M optical
links will be established when being in this mode. In a degraded Science Mode only one link could be
operational. In Science Mode drag-free control will be enabled to compensate external disturbances
such as solar pressure. Proof-mass discharging will be performed at regular intervals. The measurements
obtained from the coherent detectors will be pre-processed and compressed on-board and downlinked
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every second day via the HGAs. Science data quality should not be impaired by data transmission.
Adjustment of the HGAs every second day, however, is likely to introduce mechanical disturbances that

will corrupt science data for some tens of seconds.
Safe Mode is primarily designed to ensure a safe power situation (solar arrays Sun pointing) and
accessibility from ground. For the different mission phases different safe modes will become necessary:

Safe Near Earth Mode
Safe Cruise Mode
Safe On Station Mode.

After an on-board anomaly, the spacecraft will always first attempt to recover from the failure and
continue with the mission timeline. Only if this proves to be not feasible Safe Mode will be entered.

Survival Mode will be entered in case Safe Mode is unable to achieve a safe attitude due to a major on-
board anomaly. In Survival Mode the spacecraft is capable of surviving on its own for a virtually
unlimited time.

The transitions between these modes are visualised in Fig. 3.6-1.

Power OFF - Power ON
relaunch
Mode
T

C

TC

Launch

Fail Mode

Fail

Near Earth Safe Near
Commissioning Earth Mode
TC

Cruise
Safe Cruise Survival
TC Mode Mode
P/M
Separation

Mode

Auto

On Station Séatfaet'c?nn
Mod :
ode Mode

TC

TC

Science
Mode

Fig. 3.6-1: System Mode Transition Diagram
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3.7 Ground Segment

Within the ESA/NASA collaboration in the LISA mission, NASA will prepare a Ground Segment
comprising all facilities (hardware, software, documentation, and trained staff) that are required to
conduct the LISA operation under all expected conditions. The operations include planning and
controlling the mission and the spacecraft operation. All ground facilities to be established for LISA
support will be based on existing ground segment infrastructure tailored to support the specific
requirements of LISA. In particular the following sub-systems will be available:

e The Mission Operations and Spacecraft Control Element, MSCE, to perform all mission operations,
spacecraft planning, monitoring and control. It will operate the whole Ground Segment and monitor
the facilities, resource and operations of the mission.

The MSCE will generate the mission operations plan and the derived spacecraft and ground segment
operation plan. The spacecraft operations plan shall results in an optimised distribution of functions
between the space and the Ground Segment. The MSCE will interact with the LSDC for the
generation of this plan, and it will report on the actual execution of the operations.

Automatic analysis of essential spacecraft data will be performed to assess the status of the
spacecraft and, if needed, to trigger automatically the reaction to planned contingencies.

The MSCE will be able to start automatically sequences of pre-stored commands for routine
operations or for planned contingencies.

For contingency operations, the MSCE shall be able to handle other NASA or ESA ground stations
that provide temporarily support.

The MSCE will include facilities for:

e Telemetry analysis
e Telecommand generation

e Flight Dynamics Facility to support the analysis, and execution of: orbit determination and orbit
control; attitude determination and attitude control

e The Spacecraft Software Simulator to be used for Flight Control system and operations
procedures validation, and for staff training.

e The Command and Data Acquisition Element, CDAE, to perform all telemetry and command
processing. It will be in charge of the Telemetry, Telecommand and Control, TT&C, links with the
spacecraft and of the acquisition of the Scientific Payload Data. The CDAE will receive
telecommands from the MSCE and will uplink them to the spacecraft as scheduled.

All scientific and ancillary data will be processed as required, and temporarily stored for a period of
at least one week.

Data will be transmitted from the CDAE to any other element of the Ground Segment as required for
mission operations.

e The Ground Stations and Communications Network will be shared with other users during the
mission lifetime. Station support for nominal operations will be through stations of the DSN network,
and the required sub-systems of the DSN Mission Ground Support Operations will be adapted to the
specific requirements of the LISA mission. Daily use while supporting critical phases (LEOP, insertion
into operational orbit, Laser beam acquisition, etc.), and in two days interval while on routine
phases.
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e The Processing and Archiving Element will provide the required processing of the data received to
the level required for efficient archiving and delivery to the LSDC. The PAE will perform data quality
control, archive the mission data, generate and maintain the data products catalogues, and provide
access services to the user community.

e The external connections to the MSCE, LSDC, and the Pls will use commercial and/or public
networks.

Before launch all dedicated LISA hardware and software will be developed or procured, installed, and
verified. All documentation required for operations will be prepared and the operations staff will be
trained. The general purpose facilities will be configured and scheduled for LISA followed by a sequence
of Validation Tests and Rehearsals to verify the different elements, and the Ground Segment as a whole
system.

For the full duration of the mission and up to ten years after launch the Ground Segment will provide to
the LSDC and to the individual users the primary and the archived data. In routine operations data will
be transmitted to the LSDC within one day from acquisition, and data from exceptional observations or
events not later than 3 hours after acquisition at the ground station.

The Ground Segment will be prepared in accordance with a Mission Implementation Requirements
Document issued in advance.
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Fig. 3.7-1: LISA Mission Operations System
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4 System Design Trade-offs
4.1 System Requirements
4.1.1 Overall System Analysis and Review

The general approach on LISA mission and system analysis is based on the heritage from previously
investigated mission and payload concepts. These are documented in the applicable documents AD1,
AD2, AD3, AD4. Hence, the mission and general system and payload requirements have been already
defined there and the main goals of the system analysis within this study are:

e Validation of baseline payload concepts and specifications including optimisation and improvements
e Brief review of alternative payload concepts

e Spacecraft engineering and mission/spacecraft/ payload interface optimisation

e |dentification of cost and development reduction potential

The LISA detection principle for low frequency gravitational waves is based on the observation of
resulting minute laser phase changes in the Michelson interferometer arrangement, represented by the
three satellite triangle constellation. The interferometer is spanned between freely floating proof masses
inside the spacecraft, which are kept essentially inertial in a mission scale reference frame and inside
the measurement bandwidth. The purpose of the rest of the spacecraft -besides housekeeping- is to
provide the environment for this condition and to establish and maintain the laser interferometer links
within the constellation.

The periodic or quasi-periodic gravity wave signals are embedded in an instrument generated noise
manifold stemming from laser shot noise (masked by technical phase noise) in the medium frequency
range and from residual acceleration noise on the proof masses for the low frequency part of the
measurement band. The high frequency part in terms of instrument sensitivity is further limited by the
geometric antenna response.

The geometry and therefore the spectral response of the instrument have been pre-selected according
to scientific requirements. Hence, the measurement performance analysis, the conceptual design and
the system, subsystem and assembly requirements are driven by the goal to minimise the phase noise
budget and the acceleration budget in the relevant frequency ranges as mentioned above. However,
design loads (cost drivers) of individual subsystems shall not be overburdened.

The gravity wave signals are not derived from a single phase change measurement, but are the result of
a data reduction process involving a multitude of sensors on the three spacecraft. Hence, the top level
system performance verification is based on a LISA constellation measurement model, which in turn
establishes the requirements on the individual measurement process and the corresponding error
budgets.

The shot noise limited theoretical sensitivity floor is determined by the laser link budget. The technical
phase noise on top is determined by the laser power spectral density function, the USO noise power
spectral density and the phase meter characteristics (filtering, aliasing), respectively. A phase noise
cancellation technique utilising the round-trip time delay in the (unequal) interferometer arms is
necessary and feasible to approach the shot noise limited sensitivity. An important trade within the
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measurement model therefore is between the laser power spectral density performance, the (dynamic)
arm length difference knowledge and the phase meter performance.

Accelerations of the probe masses within the measurement band can mimicry gravity wave signals. The
support function to maintain the acceleration budget within acceptable limits is the drag-free control
(DFC). DFC assures that the probe masses stay essentially inertial within the measurement bandwidth
by controlling the spacecraft position on the locations of the proof masses (and also the internal relative
attitudes between spacecraft and proof masses). The spacecraft position is tracked relative to the
inertial masses, which are kept essentially force free in band, by using capacitive internal sensors. The
FEEP thrusters are used as positioning actuators and the electrostatic internal actuators for off-band
relative positioning.

In order to properly shield external disturbance sources (solar pressure, etc.) spacecraft internal
disturbance sources -leading to potentially unacceptable residual proof mass accelerations- need to be
controlled accordingly. Sources are thermal gradients in the proof mass vicinity, EMC-effects (proof
mass charging, magnetic moments) and control induced disturbance, e.g. by FEEP thrust noise. Main
contributors are the self gravity effects at proof mass location, stemming from spacecraft mass
distribution and thermally induced changes thereof. Thermal changes of the mass distribution function
are mainly a result of electrical power dissipation changes and structural and units internal thermo-
mechanical stability. A detailed structural, thermal and gravity model including all spacecraft-and
payload components present in the operational mission phase is used to validate the drag-free control
and to optimise parameters and performance. Further, the constraints on the inertial reference sensor
proof mass attitude and position envelope are refined.

The second major support function for the coherent phase measurement process is the pointing,
acquisition and tracking(PAT) of the laser links between the spacecraft. In the operational phase, the
relative attitude of the spacecraft and the directions of the beam emission and reception are both
tracked by payload optical sensors, providing the error signals for fine attitude control by monitoring
relative wavefront tilts between received (beacon) and transmitted (local) laser beam. The attitude and
line of sight control actuators are the FEEP thrusters, internal opto-mechanical actuators for adjusting
the line of sight relative angle and the inertial sensor internal electrostatic actuators (variable point
ahead angle compensation), respectively. For the acquisition phase a detailed strategy is employed to
establish and lock the laser links for coherent tracking. Both functional modes are validated by link
budget and pointing and attitude error budgets and control models.

The measurement performance model validation finally leads to refined design and optimised
requirement specifications on subsystem, assembly and components level. Further, cost driving designs
(e.g. power dissipation stabilisation in any component) are identified and can be avoided.

Figure 4.1-1shows a flow diagram for the LISA system analysis and performance validation methodology
outlined above and as used in the course of the study. Activities within each block shown in the diagram
are detailed in chapters 5, 6 and 7, respectively.
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Figure 4.1-1 Flow diagram for the LISA system analysis and performance validation methodology
followed in the study

4.1.2 System Requirements

The System Requirements for LISA are specified in the Applicable Documents, in [AD 1],|[AD2], [AD4].
Table 4.1-1 summarises key requirements relevant for the performance, including updates during the

study. A detailed discussion of requirements related to subsystems is given in the corresponding
sections. Operational requirements are not listed.
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4.1.2.1

Summary of System Requirements

The following table gives an overview on the major system requirements.

Table 4.1-1 Summary of key system requirements (baseline configuration)

Main System Requirements

of grav. waves

Val C t

Mission/Scientific alue omments

Requirement

Measurement error Al 410" m Accuracy of measurement for the variation of distance between two
S/C’s.

Strain sensitivity Al /[ 107% To be achieved at one year observation with a signal to noise ratio of
S/N=5

Frequency range 0.1-100mHz Selected spectral range of measurements. The spectral range

determines the required distance between satellites and is a major
design driver for S/C (thermally induced distortions)

Location of science
objects

Wave polarisation

< 1 amin (periodic)

few degree (other)

Spatial resolution and wave polarisation are determined by analysing
Doppler shift and differential amplitudes in the signals from three
arms

Data acquisition

Observation data shall be acquired and processed on ground for not
less than 90% of the mission time.

Mission duration

2 years at least

(10 years optional)

Orbit Requirements

Heliocentric orbit

Three satellites form a equilateral triangle. Two arms form an

interferometer.
Distance from the earth 20deg The centre of the triangular formation is in the ecliptic and 20 deg
behind the Earth.
Plane of triangular S/C 60deg Selected inclination with respect to the ecliptic maintains S/C
formation formation throughout a year. S/C s rotate about the centre of the
triangle once per year.
Distance between 5-10°m The arm lengths define both the sensitivity and the spectral response
individual S/C’s of LISA.
Difference of arm length 1% (AD1) Needs to be confirmed during the study. The allowed difference of
Relative position 30 km (PDD) arm length reflects a requirement for orbit maintenance, i.e.

frequency of manoeuvres, thruster performance, propellant, etc.
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Correction of laser phase noise to achieve the required system
sensitivity drives this requirement [AD1].

Max. relative velocity <15m/s (AD1) Needs to be confirmed during the study. The allowed relative velocity

between S/C’s 0.03 m/s (PDD) of satellites drives the requirement for orbit maintenance, i.e.
frequency of manoeuvres, thruster performance, propellant, etc.
Measurement of Doppler, heterodyne bandwith and reduction of
USO noise to achieve the required system sensitivity drive this
requirement [AD1].

Knowledge of arm lengths <200m (AD1) Determines the quality of the noise reduction algorithm.

10 km (PDD) Appears feasible e.g. by laser ranging

Payload Requirements -

Laser

Number of Lasers per 2 + 2 spare Nd:YAG monolithic non-planar ring laser. One laser plus one spare

S/C laser per optical bench.

Optical output power /4 Drives the laser link budget together with space loss, receiver area
and detection efficiency

Spectral density of <30Hz/~ Hz One laser serves as master (commanded) which is locked to a

frequency stability at reference cavity (Fabry Perot). All other lasers are phase locked

1mHz (offset)to the master laser. Low frequency noise is reduced from the
beat signal by a noise reduction algorithm [AD1]. The laser phase
noise is to be traded against knowledge of arm lengths.

Spectral density of <2*107*/VHz The variation of laser power contributes to acceleration noise of the

relative power stability at inertial sensors (proof masses)

1mHz

Payload Requirements -

Optics

Transmission of optics >0.3 The achievable valuesin both the transmission and receiving path

ter the | link t ffect straylight talk

Optical isolation 8D enter the laser link budget and affect straylight and crossta

Depolarisation TBD

Payload Requirements -

Telescope

Aperture 0.3m The current design described in [AD 1] assumes a primary mirror of
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0.3 m diameter. Low thermal expansion material for the mirrors or
athermal design is to be used to minimise phase errors due to
thermal effects.

Focal length f /1 According to [AD 1] a Cassegrain design of Richey-Chretien type is
baseline.

Wavefront tolerance A/10 Besides pointing offset sensitivity, heterodyne efficiency and link
budget are affected

Spectral density of 1-10°K /N Hz The required thermal stability of the telescope takes into account low

temperature variations at expansion material used for mirrors and the supporting structure.

1mHz The requirement is driven by the allowed contribution to the distance
measurement error.

Payload Requirement -

Optical Bench

Thermal expansion of CTE ~10’8/K A trade off between Ultra Low Expansion (ULE) glass and Zerodur is

bench

performed during the study.

Spectral density of
temperature variation

<1-10° K /Hz

Spectral density of temperature variation at 1mHz caused by
variation of the solar constant. (4min oscillation). Temperature
variation by power dissipation of any electronics must comply with
this requirement.

Payload Requirement -
Inertial Sensor

Resolution of inertial
sensor

1-10” m/~ Hz

Required resolution of the sensors to limit disturbances induced by
relative motions between proof mass and S/C.

Acceleration by disturbing
forces per sensor at 0.1

mHz

3107 m/s*Hz

Various disturbances contribute to the acceleration noise. The
corresponding distance (phase) error is proportional to 1/f2 ,i.e.

acceleration noise limits the sensitivity of LISA towards low

frequencies.

Payload Requirement -
uso

Allen Variance at 2-107" This requirement is reported in [AD2]. The proposed algorithm for
10* sec reduction of USO noise shows that after processing no USO noise
remains. Consequently the required Allan variance possibly may be
re-accessed.
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Requirement - Drag
Free Control

Displacement between
S/C and proof mass in

sensitive direction

<2510 m/Hz

Requirement in measurement band width.

Displacement between
S/C and proof mass in
orthogonal directions

<2.5-10°m/Hz

The cube positioning in the lateral beam direction must be similar to

avoid excessive cross talk.

Relative attitude between
S/C and proof mass

<1.5-107 rad / N Hz

Internal contribution to the beam pointing budget

Payload Requirement -
Pointing

Offset pointing error (DC)

<3-10%rad

This is a requirement on the allowed angular fluctuation of interfering
beams. The distance (phase) error needs to be controlled by a
dedicated pointing system that uses the phase information of the
quad-diodes that are also used for detection of the beat signal. Since
the product of DC pointing error and pointing stability defines the
overall phase error a trade off of both requirements can be
performed.

Spectral density of
pointing stability

8-107 rad /N Hz

See above. The values are affected by pointing jitter achieved and by

astigmatism primarily

Point Ahead Angle 3-10"°rad Nearly time independent angle between incoming and transmitted
laser beam due to S/C motion, arm length and speed of light.

Measured Signals

Number of signals to be 4+2 Based on the current design described in [AD 1], six signals per S/C

acquired per SC

have to be acquired for elimination of laser and USO phase noise as
well as for the determination of the Doppler. After down conversion
and low pass filtering each signal is sampled at 1-2 Hz (TBD)
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4.1.2.2 Magnetic field requirements

The magnetic field requirements had not been well defined at the begin of the study. As a potential
design driving element, this issue has been specifically analysed in the following.

There are three main requirements on magnetic field environment. They all stem from the need to

restrain forces on the test-mass.

The magnetic force on the test-mass is given by: F; = X B*dS where the integral is extended to
oS

the surface of the mass assumed to have homogeneous susceptibility .

For the rest of this section a test mass cross sectional area of S=4x4 cm” and a magnetic susceptibility
of x=1 0°. Is assumed.

The first request is that any dc magnetic force is well below other static dc forces. This requires that:

2 2
B g0 T
X m

Fy zZX—SAB2 <10"N—>AB* <1.510°T* -

o

Notice that, with a belt and braces approach, ABZzBZ, this can be translated to B< 1gauss.

Unfortunately this very last requirement is not safe for what relates to magnetic field
fluctuations. Sun magnetic field fluctuations have approximately a 1/f spectrum with a value of =2
107T/\Hz at 0.1 mHz (Figure 4.1-2). As the rms fluctuation is around 2 nT the effect of this field can be
calculated as

nT

Sp(
Hz

100 |

10|

01|

- - - e fr (H2)
0.00001 0.0001 0.001 0.01

Figure 4.1-2 Sun magnetic field fluctuation as measured by Ulysses in 1990
with the s/c at =1 A.U. from the sun.
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F, = X—SAB(dc)SB
M,

The need to keep this random acceleration well below 10"°ms?/\Hz at 0.1 mHz implies AB<10°
5T that is 0B/ox<2.5 10° T/m. With this value the requirement on the absolute value of the dc field can
be relaxed down to 10”T. In Figure 4.1-3 we report the average value of AB for a 1 Am’ dipole oriented
parallel to one of the faces of the test mass lying on a line orthogonal to the same face and located at
distance d from the centre of the test mass. Notice that a AB = 10° T is achieved

the gradient due to the magnetic field of the Sun being negligible.

Sun ?

AB (T)
0.01 |

0.001 |

0.0001 |
0.00001 |
1.x107°% }
1.x107" |

- A ™ dam)
0.02 0,05 0.1 0.2 0.5 1

Figure 4.1-3 The average value of AB for a 1 Am’ dipole oriented parallel to one of the faces of the test
mass lying on a line orthogonal to the same face and located at distance d from the centre of the test
mass for d =40 cm. Closer dipoles have consequently to be less intense.

For comparison in Figure 4.1-4 the same quantity for a 1 A linear current is reported. The safe figure is
achieved at 10 cm.

AB (T)
0.00001 |
S.x107°5 ¢

1.x107% ¢
S.x1077 |

1.x1077 |
S.x107° |

1.x107% | | . | |
0.02 005 0.1 0.2 0.5

d (m)

Figure 4.1-4 The average value of AB for a 1 A linear current oriented parallel to one of the faces of the
test mass and located at distance d from the centre of the test mass.
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Obviously the above figures remain safe provided that the level of magnetic fluctuations 8B, due to
sources located inside the s/c does not exceed that due to the magnetic field of the Sun. For
comparison this means that a field with similar spectrum should have a rms value < 2 nT = 20 pgauss.

For a dipole of 1 A m? like the one in Figure 4.1-3, located at 40 cm from the test-mass centre this
would correspond to a relative fluctuation of = 10% Hz /* at 0.1 mHz.

Parameter Symbol Value Comments
Static field B(dc) <107 Very cautious figure
Static magnetic field AB(dc) <10°T
difference across
test-mass
Magnetic field 8B /e <3107T /VHz
fluctuation @ 0.1 mHz

The above considerations do not include any magnetic shield. If a shield with a shielding factor of 100 is
assumed, figures can be relaxed accordingly, but the properties of the shield at very low frequency
should be assessed.

As it can be seen from the discussion above, there is no specific request for the magnetic moment
of the spacecraft.

4.1.3 System Architecture
A definition of system elements is illustrated in Figure 4.1-5. It is detailed on mission, configuration,
spacecraft, science module, platform/payload, subsystem and partially on assembly level

The mission, deployment and operational aspects are addressed elsewhere in this report (chapter 3),
hence the following sections deal primarily with the science module system options and trade-offs.

A functional block diagram of one of the three identical science module and the interface to its
propulsion module is shown in Figure 4.1-6.
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Figure 4.1-5: LISA baseline system elements
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Figure 4.1-6: Functional architecture of a LISA science and propulsion module.
The payload, subsystems, assemblies and main links are shown in their baseline configuration
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4.2 System Options and Trade-off

On mission and spacecraft level, several system options have been investigated in order to meet
operational constraints (launcher, transfer orbit, cost cap). The mission scenario had been baselined
(orbit, constellation, launcher). Major trade-offs therefore were focussing on the propulsion module /
science module configuration, the communication link and the internal structural, electrical and thermal
concept.

The LISA payload itself has been analysed in detail in previous investigations and has been defined as a
baseline for this study by the LISA science group (AD2: Payload Definition Document). Nevertheless, at
the begin of this study a brief qualitative review of alternative payload concepts on payload system level,
subsystem, assembly and components level has been performed in order to identify concept and design
options, which have the potential to:

e Solve encountered technical problems with the baseline approach

e Drastically reduce the technical complexity and hence the risk of failure

e Enhance mission reliability and redundancy

e Allow a better validation of performance in terms of AIVT procedures and costs

e | eadto less stringent tolerances in design parameters and to optimised share of design loads
among subsystems

e Lead to significant reduction in cost and development effort

Of course within the scope of the study it was not possible to perform any detailed analysis of
alternative payload concept options. Further, the baseline concept as described in the AD2:Payload
Definition Document has been analysed so far in much more detail compared to the potential
alternatives. Especially, for the CAESAR baseline inertial reference sensor, a long heritage of precursor
developments exists. In an effort to identify less complex approaches, it may well turn out, that a
promising alternative (e.g. featuring less control degrees of freedom) may be more complex at the end
after detailed investigation. Hence, the alternatives have been identified as a pool of concept options to
draw upon only in case principle difficulties would have been encountered with the baseline concept.
However, as major result of this study, the baseline concept at the recent level of investigations turns
out to be a valid approach indeed, with some modifications necessary on assembly level (e.g. point
ahead angle compensation implementation).

4.21 LISA Alternative Payload Concepts

Single (spherical) proof mass. In a first approach, the payload concept alternatives identified have
been focused on the desire to reduce complexity by replacing the two proof mass concept in each
spacecraft by a single proof mass, serving as an inertial reference for both line of sight directions. A
further reduction potential for the degrees of freedom to be controlled has been tentatively identified by
replacing a (single) cubic proof mass by a sphere.

The number of degrees of freedom in the inertial reference system which need to be controlled would be
reduced from 12 (2 proof masses) to 6 (1 cubic proof mass) or even to 3 (one spherical proof mass),
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leading to a simplified control architecture. On the other hand, the two adjacent laser interferometer
arms would be tightly coupled and in case of failure of the single proof mass, the mission would
terminate. This is not the case for two independent optical assemblies in each spacecraft, because the
Michelson interferometer could be still kept operational on two arms. A further complication is the
requirement to continuously adjust the angle between the lines of sight by about +-1° over a period of 1
year. As a consequence either additional degrees of freedom have to be introduced in the
interferometric optical path or the reference reflector, i.e. the proof mass mirror has to be shaped
accordingly, e.g. as a spherical surface. A conceptual sketch is shown in Figure 4.2-1 for the case of a
spherical proof mass and a tetrahedral geometry optical read out system for proof mass to cage
position. In order to meet optical alignment requirements, the proof mass as part of the interferometer
optics has tight position tolerances in all three DOF, which may be in the same order as already required
from self-gravity effects minimisation (few nm) and which are well in the reach of optical read out
systems. However, the necessary control stiffness needs to be assessed in a detailed analysis as well as
the consequences for operation in the LISA desired low stiffness inertial mode (within the measurement
band). The sensor is invariant to the attitude DOF for a perfect sphere only. Spheres presently can be
manufactured to about 30 nm surface rms and bulk density variations of 10 (Silicon; Physikalisch
Technische Bundesanstalt Braunschweig). Rotating the sphere at a rate larger than the measurement
bandwidth would average out surface deformations. The rotation could e.g. be excited prior to the
measurement phase by a rotating electro-magnetic field.

Pyramidal optical inertial reference sensor read out (and
optionally control)

Optical assembly 1

Spherical
proof mass

Optical assembly 2

Figure 4.2-1 Spherical proof mass inertial reference sensor concept, featuring an all optical read out,
based on cavity gauge laser interferometers in a pyramidal geometry. Surface deformations can be
averaged out by rotating the sphere at a sufficiently high rate.
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& & Heterodyne laser interferometer
Light pressure probe beams (position and angle)
compensation
beams

Reference detector

% - Reference mirror
[

0[] ﬁ ')T Heterodyne
detector
Pol. pres. 0 D E=n 1

sm- fibers '\ PBS and M4-plates

Nd;YAG-laser
assembly

Redundancy

Figure 4.2-2 Inertial reference sensor all optical read out concept utilising pm-resolution
polarisation /heterodyne laser metrology

IRS optical read out. Simplification potential has been identified in replacing the electrostatic
capacitive internal sensors in the inertial reference by optical interferometric sensors, i.e. an overall
optical readout assembly.

Laser interferometer measurement systems are already commercially available with nm resolution and -
on laboratory or prototype level- with few pm resolution for relative distance change measurement. Two
principles are prime candidates for this application: Heterodyne polarisation interferometers and
resonant cavity gauge interferometers, both verified technologies. Principle layouts are shown in Figure
4.2-1 and Figure 4.2-3. (Small) attitude changes can be monitored in addition to position by using e.g.
two adjacent probe beams or alternatively by quad-cell heterodyne detectors in the same way as already
baselined for the LISA interferometer coherent tracking sensor. In the case of resonant cavities, the
excitation of higher order cavity modes could also provide attitude information. The advantage of pm-
optical read-out sensors over the baselined capacitive sensors would be a higher resolution, the
possibility of a large gap between probe mass and cage (cm) and a large linear measurement range not
affected by electrostatic stray fields between electrode arrangements. The laser source can be
conveniently generated by splitting off a tiny fraction of the highly frequency stable LISA transmitter
laser beam already on board. On the other hand, any probe beam light pressure accelerates the proof
mass at a level, exceeding for the required power levels (UW) already the requirements. Hence a light
pressure compensator beam is required and only differential effects (differential intensity fluctuations,
straylight induced light pressure and thermal effects) need to be controlled.

IRS internal all optical control. An extension of the optical read out concept is the replacement of the
electrostatic control of proof mass attitude and position relative to cage by a complete optical control
(actuator), allowing an essentially electrostatically field free environment for the proof mass with large
gaps to the cage. The accelerations to be controlled are in the order of 10° m/s%, corresponding to
power levels of 1 W. In principle, the power levels in the probe beams could be adjusted to operate as
control actuator. However, at such optical power levels in the vicinity of the proof mass detrimental
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effects from straylight, thermal deposit (mirror absorption) and unbalanced radiation fields need
particular attention.

An interesting feature in this context is the inherent capability of cavity gauges of utilising the resonant
stored power enhancement., The cavity Q-value strongly depends on internal absorption, alignment and
laser mode matching, effects providing potential handles in order to perform the light pressure control
action. This would allow to keep the laser light levels outside the resonator low; e.g. at a resonator input
power of TmW and for a resonator gain of 1000 an acceleration of 5 10° m/s” could be applied to re-
centre the proof mass. In fact, when the laser is tuned to a slope of the resonator mode in a proper
way, an optical self-centring action on the proof mass is possible in an arrangement where the proof
mass is representing the floating mirror between two resonators, Figure 4.2-3. The set point and control
stiffness can be selected by tuning the laser frequency. This principle of course requires precise
alignment of the resonator / proof mass mirror arrangement, differential optical power stability below
10 as well as asymmetric stray light action on proof mass below 10™* in order to keep residual
accelerations below 107 m/s’sqrt(Hz). Shot noise fluctuations are sufficiently low (107) at the required
power levels. No detailed analysis has been carried out so far for this conceptual idea and there are still
many open issues to clarify with respect to feasibility, suitability and complexity. E.g. initial alignment
and re-acquisition of the proof mass after loss of optical lock are critical items.

Cage Magnetic + radiation shield

Fiducial
reference

Compensator

|

IF-optics PBS, M4
0 Al
i LI i
F PZT (option)
b
Controller
(laser or PZT)
Read out
> Laser
2 Pol. pres.
l sm-fibers

Frequency
reference

Figure 4.2-3 Inertial reference sensor all optical read out concept utilising pm-resolution cavity gauge
laser metrology

Laser metrology harness. Once an optical read sensor for the inertial reference sensor has been
developed which has pm-resolution capability, this subsystem could be extended to an optical assembly
internal laser metrology harness (operating at a different wavelength, e.g. 1.5 um), monitoring all critical
internal optical paths with pm accuracy and ,hence, allowing a discrimination between laser phase
changes generated by detrimental effects inside the spacecraft and those stemming from outside.
However, despite of introducing a rather complex all optical active monitoring subsystem, it is not clear
at the moment, whether this would detect all relevant internal optical path noise sources in a proper
way. An advantage of such an approach would be, that the LISA laser interferometer could be optically
separated from the inertial reference sensor, by having the reference mirrors on the optical bench rather
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than on the proof masses, Figure 4.2-4. Any relative movements of proof mass and reference mirrors
would be monitored and these signals could be integrated into the data reduction. Only one proof mass
would be necessary. Also the annual angular variation of the line of sight directions could be
implemented in a simple way.

Single proof mass as accelerometer. In combination with a sensitive optical monitoring system for all
internal critical spatial degrees of freedom as sketched above, it could be interesting, to operate the
inertial reference as an accelerometer. That means strong coupling to the spacecraft and precise
monitoring of proof mass position by dedicated picometer-resolution laser metrology. Again, the LISA
laser interferometer reference mirror could be located on the optical bench and the spacecraft motion,
while freely floating, is affecting the heterodyne beat. Its influence, however, could be separated by
employing the accelerometer read out for data reduction.

Received i Internal metrology
4Q coherent ‘ beam . beam
receiver :

Transmitted

beam

) Fiducial point

Laser :
reference mirrors X
on cage

Laser

\Second line of sight
(Optics not shown)

Figure 4.2-4 Internal laser metrology harness to monitor all relevant distance changes at pm resolution.
One single proof mass ( all optical read out to provide the necessary pm accuracy ) is the inertial
reference. The LISA laser interferometer reference mirrors are rigidly mounted on the optical bench. They
can be shaped to allow the annular angular variation of line of sight without introducing additional degrees
of freedom in the interferometer path.
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4.2.2 LISA Spacecraft System Options and Trade-off

4.2.2.1 Configuration Concept Options and Trade-off

The configuration of the LISA spacecraft is dictated by two factors. The first is the large instrument
assembly for the two laser telescopes, and the second is the restriction from use of the Delta Il
launcher.

The possible concepts for carriage of 3 identical spacecraft have then to be of a short cylindrical form.
Within this form 2 basic arrangements are possible.

e Integrated science module (instrument, bus) and propulsion module.
e Autonomous science module as one element, and a separable propulsion module
The propulsion elements are to provide the energy for transfer from near-Earth to the operational orbit.

It was decided early in the study to choose the separable version, due to the potential disturbances to
the science operation by the propulsion elements that may deteriorate measurement accuracy. Only the
separable version has thus been considered in detail and represents the baseline concept.

It had been briefly discussed early in the study to use one or all of the separated propulsion modules
during the operational mission phase as data relay stations to earth, a concept, having some advantages
for the communication link. However, due to the then increased complexity of the whole mission
operation and the availability of alternative solutions for communication this option has not been carried
on.

Further trade-offs to be considered for the instrument and bus (science module) configuration are as
follows:

e Optimisation of diameter to height

e Location of star trackers

e Structure concept for the carry-through structure of the stack of 3 spacecraft combinations

e Optimisation of unit accommodation within the allowed volume

e Thermal measures to allow for the inclined flight attitude of the satellite to the sun-satellite line

e Accommodation of the link antenna

e Accommodation of the FEEP thrusters

e Arrangement of the propulsion motors to allow for centre of gravity movement during transfer orbit

These factors do not allow a clean and simple classical trade-off, since almost all the items are related
to each other. In consequence the derivation of the optimised configuration is discussed further in
Chapter 5.2 and 5.4 and forms part of the description of the final concept.

Integrated module concept. Driven by the requirement to minimise the stack height of the three
spacecraft configuration, as dictated by the launcher selection, the propulsion module comes out as a
very flat cylinder, surrounding the science module (see chapter 5). This has negative consequences for
the structural concept and solar array arrangement, increasing e.g. the mass budget. Hence, re-
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consideration of the integrated module configuration, taking into account these constraints may be of
interest in further studies. Of course, the concerns related to the instrument operation remain valid:

More components need to be included into the detailed thermal and gravity model to model gravity
effects at the proof mass locations. Especially critical are uncertainties in remaining propellant
distribution from the coarse AOCS subsystem. A nearly reaction-free venturing prior to science operation
appears necessary. Similarly, the mass distribution of the ion engine Xenon propellant would need
careful balancing.

The spacecraft mass to be handled by the fine AOCS system (FEEP “s) is increased.

EMC aspects: The sensitivity of the proof masses to magnetic stray fields, leading to torque and
accelerations due to interacting magnetic moments from the interplanetary field, the spacecraft internal
fields and the induced proof mass field requires a compensation of potential internal sources. In the
propulsion module main candidates are the ion engines and propellant valves. Dornier Satellitensysteme
has gained experience from careful compensation of magnetic stray fields from valves and other sources
(e.g. electrical harness) in the CLUSTER spacecraft design, aiming at minimisation of disturbance for the
magnetometer measurements. This gives confidence, that the problem can be handled in a similar way
for LISA; exact requirements are however still lacking, as the magnetic susceptibility of the proof mass
alloy is presently not specified (see section 4.2). The RITA ion engines developed at Dornier
Satellitensysteme do not employ any permanent magnets and hence are essentially stray-field free when
shut-off.

On the other hand, the availability of the ion engines during the whole mission would maintain coarse
delta V capability. This could be of interest for an extended mission duration, in order to keep the
triangle configuration within constraints in terms of relative spacecraft velocities and arm lengths.

Mechanisms: An integrated module would of course require no internal separation mechanisms, thus
increasing the mission reliability and reducing complexity. Possible detrimental gravity effects from
mechanically moving parts as engine pointing mechanisms and loose valve components, caused by
unknown mass distributions at the end, need to be investigated in detailed modelling.

4.2.2.2 Structural concept options and trade-off

The overall configuration is driven by the available fairing size. The potential structural concepts are
further constraint by thermal needs. Thus only a very limited number of options are available.

e The solar array either needs to be stiff in itself or needs a large number of fixation points. The
number of fixation points has to be minimised in order to maintain sufficient thermal decoupling,
therefore a sandwich design is needed. For reasons of thermal decoupling a 20mm Polyimide foam
shall be used in the sandwich core. The mechanical properties of that material do not allow to rely
on that foam core also for panel stiffness. An additional sandwich layer with an aluminium
honeycomb core has to be introduced. As an alternative also a Nomex or Kevlar honeycomb could
be used, which could save mass and provide additional thermal insulation. The solar array of the
Mars Pathfinder e.g. made use of a Nomex honeycomb. The solar array is a driver for the thermal
stability performance and also significantly adds to overall mass. Full use of Nomes properties could
be made if the honeycomb cells could be filled with foam. This is considered to be a technology
problem to be covered separately. As baseline the aluminium honeycomb was used. In case a foam
filled Nomex honeycomb could be made available, the thermal performance could be improved and
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some mass savings achieved. The stiffness is driven by the panel thickness and the material
selection for the face sheets. CFRP face sheets are selected and the panel thickness is adapted for
the required stiffness.

e The transfer of loads through the modules requires 3 tubes which are connected by shear walls.
Plane walls are used as well for structural as for unit accommodation reasons. Cylindrical walls
neither provide better mechanical behaviour nor allow for more space for unit accommodation.

e For the accommodation of units a top and a bottom plate are needed. They have to provide
sufficient stiffness to carry the mass of all units. Since the shear walls cannot support the outer
parts of the plates, additional webs are needed. Radial webs cannot be used for accommodation and
thermal reasons. Since the circumference would have to be closed anyhow, a conical wall
connecting top and bottom plate is used. This gives a closed casing with sufficient stiffness.

e The material selection is not driven by stiffness considerations since all facesheets of the sandwich
panel are at the minimum acceptable value from manufacturing and handling point of view.
However, CFRP could provide for mass savings because of its lower density.

4.2.2.3 Thermal concept options and trade-off

Since space for unit accommodation is very limited, there is little freedom in the thermal design. Ideally,
all dissipating units would have been placed on one plate on the shadow side of the science module
thermally insulated from the rest of the module. For unit accommodation reasons however, top and
bottom plate had to be used. This only leaves the conical sidewall as radiating surface for heat rejection.
For payload units relying on very stable temperatures, also a dedicated insulated radiator on the anti-sun
side can be provided.

Normally MLI would be used as thermal insulation material. The insulation properties of MLI can only be
predicted with a limited accuracy. Furthermore the properties undergo changes due to handling on
ground and due to deformation of the foils because of moisture release and other effects in orbit.
Therefore gold coatings will be used as insulation.

In case of the solar array, also heat capacity is needed to reduce the transfer of solar constant induced
temperature fluctuations from the front to the rear side of the solar array. In this case a polyimide foam
is used, which gives a very uniform insulation over the whole solar array area.

The thermal coupling of the rear of the solar array to the rest of the science module is driven by
radiation and thus increases with T*. Therefore the solar array temperature has to be minimised. This is
achieved by covering all solar array areas which is not needed for solar cells with OSR.

All electronic units will show some variation in their dissipation. In order to reduce resulting temperature
disturbances of the payload, the heat has to be rejected as directly as possible to space. This is
achieved by mounting the units on insulating feet and by providing a gold coating on the faces of the
units with view to the payload. A limited number of units could be mounted on the anti-sun side with a
dedicated radiator insulated from the rest of the science module. This has to be done for all units
showing a fluctuation of dissipation of more than 0.1W. However, due to limited space, this is only an
alternative for a very limited number of units.
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4.2.2.4 Electrical Architecture Concepts and Trade-off

Centralised Processing System Concept. For Phase A2 an early decision has been made to aim for a
centralised processor system (CPS) for the adoption of the S/W tasks for C&DH, AOCS, and Instruments
because of the necessity for complex integrated control during the science phase, i.e. mainly telescope
pointing, fibre positioning, proof mass control with drag-free control. The envisioned processor module is
based on an ERC-32 single chip microprocessor which implements SPARC V7 architecture. The
performance provides 17 Mips / 3.4 Mflops @ 24MHz which is manifold (factor of ca 15) the
performance of the 31750 processor of ROSETTA.

As it would be a major design driver to implement also the electrical physical layer interface into a
centralised unit this CPS must be supported on this physical layer by a dedicated LISA Instrument
Controller (controller in this sense is a very simple micro-controller which cannot run complex control
software but adopts the electrical interface to the instrument sensors, actuators and data front-ends.

LISA Telemetry Ka- Band versus X-Band Trade-off. Ka-Band would seem to offer the advantage of a
possible higher data rate compared with X-band.

KA-band pros:

e increased gain with respect to that provided by an X-Band antenna at same diameter

Ka-band cons:

e G/T for the DSN Ground Stations is lower for Ka-Band than for X-Band

e free space losses are higher

e limited data transfer times because of atmospheric losses at low elevation angles of GS antenna

e fortracking of the Earth the antenna drive mechanism would have to provide a second degree of
freedom for the antenna elevation pointing (LISA specific)

e disturbance torques will have a greater effect owing to the necessity to change the boresight
pointing of the antenna more frequently

In fact a link budget shows that the X-Band solution offers the most favourable margin.

The X-Band solution appears to be the best, both electrically and mechanically.

Power Concept:. The requirements on thermal stability and magnetic cleanliness (initially, but
potentially relaxed at the end of the study) can either by fulfilled by a linear control of the power
subsystem (realised on CLUSTER) or a Maximum Power Point Tracker (MPPT).

The linear shunt concept has been rejected because of the high power dissipation behind the thermal
shield or even inside the S/C via power dumpers. The MPPT concept has been selected for the Science
Module as well as for the Propulsion Module. Each PCDU can be mounted with recurring modules in a
common procurement.

There is no explicit need for energy storage on the Science Module yet, a potential loss of attitude which
would totally de-point the SA from the sun has not yet been expected to be a credible failure which the
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S/C should cope with. Therefore the battery has been allocated to the propulsion Module. This gives
several benefits for the Science Module design.

Recent an analysis for reorientation with stored energy for the FEEPs instead indicate that such a
disorientation failure could be corrected with a battery of some 100 Wh of energy.

Thermal stability is maintained at quasi-constant load within the measurement frequency band, e.g. the
power consumers like the RF transmitter will be active during the whole science phase.

4.3 Baseline Payload Design Options and Trade-off

4.3.1 Payload Electro-optical Design
Each of the three LISA spacecraft hosts a payload constituted in the baseline design by the following
electro-optical components (see Figure 4.3-1)

e two laser subsystems composed by four laser sources (a), 2 nominal sources (each feeding one
optical bench) + 2 spare sources, and their drive and control electronics (b);

e two optical benches_(c), each supporting an inertial sensor head (d), the optical elements and
the detectors of the laser interferometers;

e two inertial sensor electronics_(e) for detecting and controlling the proof mass movement;
e two telescopes (f) for transmitting and receiving the laser beams between the S/Cs;

e two ultra stable oscillators (g) providing the on-board frequency reference;

e the optical fibre (h) for the laser beam delivery to the OBs and to link the OBs;

e two interferometer electronics (i) containing the components for the measurement of the beat
signal phase between the laser beams interfering on the OBs;

e a UV discharge system (j) for removing the electric charges accumulated on the proof masses of
the inertial sensors.
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Figure 4.3-1- LISA payload electro-optical system contained in each spacecraft

The two laser beams generated on each spacecraft are exchanged between the two OBs of the same
S/C through the optical fibre and through the OBs of the other two S/C through the telescopes, as
shown in Figure 4.3-2. Among all the laser sources one acts as master laser (e.g. the laser A1 injected
on the OB A1 of the S/C A). Its frequency is locked to a resonance peak of a reference optical cavity
located on the bench A1, while the laser A2 is phase locked to laser A1 with a frequency offset of about
10 kHz. The laser A1 is transmitted through the telescope to the spacecraft C where it is beaten with a
fraction of the local laser C2 on the bench C2, after a reflection on the proof mass contained in the
inertial sensor hosted by the bench C2. The laser C2 is phase locked to the incoming laser A1 with a
frequency offset of about 10 kHz and transmitted back to the spacecraft A. This schemes implements a
sort of laser transponder: the effect is the same of an amplification with phase maintenance of laser A1
received by S/C C, and its back transmitted. The laser C2 received on the spacecraft A bounces off the
proof mass and is beaten with a fraction of the local laser A1 on the bench A1. This optical link between
the benches A1 and C2 defines one of the three arms (Arm 1) of the LISA laser interferometer, with end
mirrors (the reference points for the measurement of the distance variation) defined by the proof
masses contained in the inertial sensors hosted by OB A1 and C2. The same link is repeated between
the OBs A2, B1 (Arm 2) and B2, C1 (Arm 3).
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Figure 4.3-2 - Lasers beam exchanges between the 3 pairs of OBs hosted by the 3 LISA S/C

The following sub-sections describe the Pre-Phase A design of the payload components (from [1] and
[2]), the alternative options defined and investigated during the Phase A study and the trade-off
outcomes. The baseline design solutions of the various payload elements selected from these trade-offs
are described in details in Chapter 7.
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4.3.1.1 Telescope

The Pre-Phase A configuration of the telescope is shown in Figure 4.1-1. It has a Ritchey-Chretien
optical configuration (hyperbolic primary and secondary mirror), with aspheric surfaces to obtain a
compact configuration with minimum optical aberrations. The f/ 1 primary mirror has a diameter D = 30
cm and is made in Ultra-Low Expansion (ULETM) material with a light-weighted, double-arch shaped
structure. The secondary mirror has a diameter of 3.2 cm and a focal length of 2.6 cm. It is supported by
a three-leg CFRP spider at a distance of 27.62 cm from the primary mirror.

The two-mirror telescope is an a-focal system with magnification ratio = 10. A negative lens located in
the central opening of the secondary mirror expands the collimated beam coming from the optical bench
to a diameter of 3 cm at the secondary mirror.

secondary

mirror

negative lens =
R l ,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,,, H - 13.2 cm

27.62 cm =

I
= 1

Figure 4.3-3- Scheme of the telescope configuration: Pre-Phase A design

In this study it was decided to remove the beam expansion lens from the centre of the primary mirror
(primarily, in order to remove the back-reflection from this element towards the OB) and the following
main alternative options were considered for the two-mirror telescope w.r.t. the Pre-Phase A design:

e Optical configuration: Dall-Kirkham (elliptic primary mirror and spherical secondary mirror)

e Telescope magnification: 60x and 30x (the magnification increase w.r.t. Pre-phase A is a direct
consequence of the removal of the beam expansion lens from the primary mirror centre)

e Telescope material alternative: all SiC for mirrors & mirror support structure

For the optical configuration the Dall-Kirkham solution was preferred for its greater simplicity (due to
the spherical secondary mirror) implying a cost saving. In fact, although the Dall-Kirkham configuration is
not aplanatic, like the Ritchey-Chretien, the resulting aberrations in the very narrow FOV (£ 2 arcsec) in
which it has to operate are still very small (see chapter 7.1.2), and compatible with a global WFE of A/20
for the transmitted beam (better than the A/ 10 original requirement).

For the telescope magnification the 60x ratio was finally selected as baseline. In fact, although the
30x ratio lead to a larger secondary mirror with a larger curvature radius (and thus easier to
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manufacture), the resulting beam diameter at the telescope output (1 cm) would require a beam
compressor at the OB input to reduce the beam to a size compatible with optical elements easily to be
accommodated on the OB. In particular a 20x beam compressor would be required in order to match
directly the telescope output beam with the active area (& = 0.5 mm) of the heterodyne detector of the
laser interferometer.

The consequences of the addition of this beam expander would have been a large back-reflection of the
outgoing beam towards the OB detectors and an increase of a factor 10, w.r.t. to the 60x telescope
without beam compressor, of the incoming laser beam tilt on the OB due to the Point Ahead Angle (PAA)
effect.

Telescope material: The selection of the telescope material turned out to be a critical trade-off. The
all-SiC solution was preferred initially because of its lower cost and proven homothetic athermal
behaviour, meeting requirements on the optical quality as a transit/receive antenna. The ULE+CFRP (or
Zerodur+CFRP) alternative is more costly to manufacture, ageing effects need attention, but it
represents also a well established suitable technology. However, a peculiarity of the LISA mission is the
requirement on the interferometer optical path length stability within the measurement band, allocating
only around 10 pm to any path length changes inside the telescope, due to inter-mirror distance
changes. So although SiC maintains optical quality under thermal changes and (on- ground to in-space
thermal changes) it exhibits a rather large inter-mirror distance change due to its large thermal
expansion coefficient, compared to optimised CFRP. For a telescope thermal fluctuation of 10 K within
the measurement band, this leads to unacceptable optical path length changes (170 pm). Hence, SiC is
marginally a valid material choice only in case the relevant thermal stability in the telescope
environment is better than 10-5 K, a figure, which still needs validation from more detailed thermal
analysis. Both options are maintained at this level of investigations.

4.3.1.2 Optical Bench

The Pre-Phase A layout of the OB is shown in Figure 4.3-4.(it refers to the bench A1 according to the
nomenclature of Figure 4.3-1). The OB is composed by a ULE baseplate supporting the inertial sensor
and the optical and opto-electronic elements that constitute the LISA laser interferometers.

The laser beam is sent to the bench through a polarisation-maintenance fibre that ends in a mechanical
positioner for the in-flight fine adjustment of alignment and focus. Then the beam passes through a
phase modulator and is split in two components: a small fraction arrives at the quadrant photodiode gp1
(providing the local reference for the phase measurement) while the largest amount is sent towards the
telescope for its transmission to the remote spacecraft.

Before leaving the OB another small fraction of the beam is split by s1, which sends it towards a
reference optical cavity (utilised for the laser frequency stabilisation) and to the backside of the proof
mass before being sent to the bench A2 via a polarisation-maintenance optical fibre. No more than 100
UW shall bounce on the back of the proof mass for an acceptable radiation pressure induced
acceleration noise). A small fraction of the beam reaches the photodiode p1, which is used for the offset
locking of the laser A2 (routed to the bench A1 through the same back fibre) and for removing at first
order from the interferometric measurement the effect of the proof mass movement relative to the OB.

The laser beam received from the remote spacecraft C bounces off the front side of the proof mass and
is routed by a polarising beamsplitter cube towards qp1 to beat against the local reference. On the
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reception path, part of the incoming beam is split by s1 towards the quadrant photodiode qp2 utilised

for the initial acquisition and tracking of the remote laser.
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Figure 4.3-4- OB layout: Pre-Phase A design

The main alternative options for the optical bench w.r.t. the Pre-Phase A design considered during the

Phase A study are summarised in Table 4.3-1
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Table 4.3-1 List of the main OB alternative options w.r.t. Pre-Phase A design

Element

Option

Rationale

Optical cavity

Removal of the optical cavity from the
OB and accommodation in a separate
enclosure inside the P/L cylinder.

Possibility of improving the dimensional
stability thanks to a dedicated thermal
insulation.

Phase Removal of the phase modulator from Reduction of the power dissipated on OB
modulator the OB and accommodation before the and of the radio-frequency interference with
optical fiber. the photodiodes.
Elimination of beam wandering at the
modulator output by the fiber.
Quarter a) Placement of the quarter waveplate q2 | Removal of a major straylight source

waveplate g2

before the polarising cube ps1.

towards the acquisition sensor qp2.

b) Removal of g2 and OB tilt by 45° along
the optical axis to rotate the polarisation
between the remote OBs.

Removal of an optical element from the OB
and of a major straylight source on gp1 and

qp2.

Quarter
waveplate g4

Removal of the g4 and twist of the back
fibre by 90° to rotate the polarisation
between the near OBs.

Removal of an optical element from the OB
and laser coupled to the fiber with linear
polarisation.

Beam a) Addition of 20x beam expander/ Matching of the incoming beam diameter
expander/ compressor at the output/input of the received by a 30x telescope to the 0.5 mm
compressor OB diameter of qp1.
b) Addition of 10x beam compressor Matching of the incoming beam diameter
before the photodiode gp1 received by a 60x telescope to the 0.5 mm
diameter of gp1.
Detectors a) Addition of a photodiode (p3) for the Obtain the signal for the laser power

stabilisation of the laser power.

stabilisation directly on the OB.

b) Replacement of the quadrant
photodiode qp2 with a CCD

Greater sensitivity (critical, because of the
tiny power to be detected)

c¢) Use p3 as a 4Q-diode for transmitter
boresight calibration

Calibration and monitoring sensor for fiber
positioner

The proposal of removing the optical cavity from the bench was put aside for the time being, since the
required laser frequency stability (dv < 30 Hz /\/Hz) can be achieved also with the cavity on the OB if its
temperature remains stable within 10° K/VHz, a target that seems achievable. This option could be re-
considered in the future if the thermal analyses results will indicate that it is critical to maintain such a
level of thermal stability for the whole OB, or if more stringent requirements will be placed on the laser
frequency stability.

The removal of the phase modulator from the OB has been retained as baseline solution. Consequently,
two alternatives were investigated for the phase modulator type and location:

e Phase modulator integrated in the optical fibre connecting the laser source to the OB
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e Bulk phase modulator integrated in the laser head, before the fibre coupling.

With the first solution, the laser head can maintain the very compact and lightweight design defined in
the phase A study (see section 4.3.1.3). The main drawback is that, among all the existing in-fibre phase
modulators, very few of them are designed to operated at the 1064 nm wavelength of the LISA laser and
all are characterised by small transmission efficiency (less than 40%, because of the modulator-to-fibre
coupling) and cannot accept a large input optical power (Table 4.3-2). Because of the limitations of the
present devices, that would impose the development of a new, dedicated in-fibore modulator for LISA, the
utilisation of a bulk modulator is considered the baseline solution. Among the available bulk modulator
with features close to the LISA needs, the New Focus resonant modulator model 4003 was considered
the most suitable, due to its smaller dimensions and power Table 4.3-3). This device will have to be
submitted to space qualification tests to certify its applicability to the LISA mission.

Table 4.3-2 Relevant features of some off-the-shelf in-fibre phase modulators

Ramar
Corporation

Manufacturer

SDL Institute of Applied Physics

(University of Jena)

Laser wavelength (nm) 1064 1310 or 1550 1064
Insertion loss (-dB) 4.5 3.8 4
Optical power (W) 0.1 NA 0.5

Table 4.3-3 Features of the New Focus resonant modulator model 4003

Crystal MgO:LiNbO;

Operating Frequency (MHz) 0.01to 190

RF Bandwidth 2-4%

Impedance () 50

Vi (Vo) 31

Aperture (mm) 2

Maximum optical intensity (W/mmz) 4

Optical insertion loss (dB) -0.18

RF drive power (W) 0.3 (to get a modulation index = 0.6)
Mass (kg) 0.08

Dimensions (mm) 55.5x30.1x38.1 (40x4x2 crystal only)
Space qualification NO (*)

(*) A similar device was only tested - and worked properly afterward - by NASA under the conditions: random vibration in all

three axes up to 19 g and shock test up to 50 g.

The removal of the quarter waveplate q2 from the OB, with the consequent rotation by 45° of the bench
to correctly rotate the linear polarisation between the remote bench pair A1-C2 etc.., was rejected after
a mechanical analysis of the OB mounted with such a tilt angle (see Annex 11 - Optical Bench
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Mechanical Analysis) that highlighted an higher (and critical) stress in the material w.r.t. the horizontal
mounting.

The positioning of the quarter waveplate q2 before the beam splitter s1 was instead retained as baseline
solution. Consequently a different path of the local laser towards the back of the OB (i.e. towards the
reference cavity and the back fibre) was defined, with the addition of another splitter, in order to
preserve the linear polarisation of the light following this path and to avoid any possible back-reflection
on the acquisition sensor from the optical elements placed on the back of the OB.

The removal of the quarter waveplate g4, with the consequent back fibre twist by 90° to correctly rotate
the linear polarisation between the close bench pair A1-A2 etc.., was retained as baseline solution.

The two OB layouts with the 20x beam expander (coupled with a 30x telescope) and the 10x beam
compressor before qp1 (coupled with a 60x telescope) are shown in Figure 4.3-5. With a 30x telescope
the geometric diameter of the incoming beam on the OB is 1 cm, and the beam outgoing from the bench
must have the same gaussian diameter (truncated at 1/¢’ intensity) to match the primary mirror
diameter. With a beam of such a size on the OB, the utilisation of large optical elements would be
required, with serious accommodation problems. Thus this telescope magnification forces the
introduction of a beam expander/compressor at the output/input of the OB (with a 20x magnification a
direct matching of the incoming beam to the gp1 size is achieved). The consequences of this optical
elements have already been mentioned in chapter 4.3.1.1: large back-reflection towards the OB
detectors magnification by a factor 600 of the incoming beam tilt on the OB due to the PAA effect. For
these reasons this option was dropped in favour of the 60x telescope. In this case, in fact the beam
diameter on the OB is 0.5 cm and can still be “handled” with an optical element size that can be
accommodated on the bench. Thus no beam expander/compressor is needed at the OB output/input,
but only a 10x beam compressor just before gp1 (a second compressor is added in the path towards the
back of the OB to reduce the size of the successive optical elements). Here the PAA is amplified by only
60 times on the OB, thus its compensation is simplified. About the PAA compensation the preferred
solution is to receive off-axis the incoming beam and to tilt the proof mass to maintain it parallel to the
local beam at qp1. The alternative option of transmitting off-axis the outgoing beam, using the fiber
positioner to change its orientation, was discarded because of the large beam shifts and tilts induced in
the rest of the OB.
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Figure 4.3-5: OB layout for the 30x telescope (above) and for the 60x telescope (below)

About the detector options, the addition of the photodiode p3, to be used for the laser power
stabilisation, was included in the baseline OB design, as well as the replacement of qp2 with a CCD as
initial acquisition sensor. In fact, this device enables to achieve a much better SNR figures w.r.t. silicon
avalanche photodiodes or InGaAs photodiodes in presence of the tiny amount of power (few pW) to be
detected. Among the existing devices, the CCD02-06 deep depletion CCD manufactured by EEV is the
one that better meets the LISA needs and has been therefore assumed as reference sensor.

Report LISA - Final Technical Report
No LI-RP-DS-009
Date April 2000

Page 4-30




4 System Design Trade-offs LIS A

4.3.1.3 Inertial Reference Sensor Concepts

Each spacecraft contains two inertial sensors, at the end of each laser link from/to the two other LISA
spacecrafts. The proof-masses of the inertial reference sensors reflect the light coming from the YAG
laser and define the reference mirrors of the interferometer arms. These reference mirrors, due to their
full attitude alignment capability also are active elements in laser beam pointing control. The same
proof-masses are also used as inertial references for the drag-free control of the spacecraft which
constitutes a shield to external forces. For LISA, in the operational mode of drag-free control, it is
operated as freely floating inertial mass with low coupling to the surroundings (within the measurement
band) in terms of self-gravity effects, electromagnetic and non-equilibrium thermal interactions and
sensor and control back-action and stiffness, respectively.

The technical baseline for the inertial reference sensor is the well developed capacitive and electrostatic
sensitive accelerometer reference (CAESAR) with a well established heritage in precursor missions.
Some modifications, identified in this study and earlier investigations to adopt the design to LISA
requirements have been incorporated.

Six capacitive sensors for position and attitude of the proof mass are employed. The control loop acts on
the corresponding electrostatic electrodes. The digital implementation of the control law enables the
sensor to operate in different modes according to the stiffness and bandwidth requirements in
acquisition, initialisation and operation.

Alternative design concepts and modifications have been briefly investigated to explore their potential to
reduce IRS complexity, to support the “low interaction” drag-free operation mode, and to adopt to the
updated requirements stemming from engineering activities within this study.

Main alternatives identified are:

e Low back action all optical read out system

e Actuation with light pressure

e Enlarge gapes between proof mass and cage (electrodes; to reduce stiffness)

e Optimised or symmetric control law for the line-of-sight and lateral axes (reduce cross-coupling;
adopt to DFC law )

e Sliding electrodes or gap varying electrodes for capacitive sensing

e Implementation of proof mass attitude biasing to compensate variable point ahead angles.
e Re-consideration of proof mass materials choice in terms of magnetic susceptibility

e Electrodes metallic or non-metallic materials with respect to geometric and thermal stability
e Reduction of housing volume and mass to accommodation constraints on optical bench.

e Proof mass clamping and caging during launch and initialisation of in-orbit operation; associated
AIVT problems and optical alignment issues.
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All optical read-out and control. Concerning the actuation with light pressure, the induced complexity
of the device increases its risk. Moreover the initialisation of the sensor needs forces far beyond the
possibility of the pressure induced by the envisaged laser light (roughly a dc value of a few 10°ms? has
to be applied on the Proof-Mass before DFAC operation), unless a rather complex resonant
enhancement of light pressure, as described above in section 4.2, is employed.

Now, concerning the all or partial optical read-out, the absolute position of the proof-mass, at least at
the initialisation, must still be measured by an external device like a capacitive position read-out. Also,
the position resolution is quite a challenge at very low frequency (typically 10‘4Hz) for the classic
interferometric devices where a nanometer/vVHz is needed. Another difficulty appears with the ground
calibration or the test of such a sensor. Because the proof-mass cannot be levitated and is then a few
tens of micrometer far from its centred flight position, the reflecting proof-mass cannot be used for the
adjustment of the interferometers elements and mirrors. At last, the optical read-out needs additional
electronics and then additional power, mass and volume.

As a baseline the capacitive read-out must be considered for the normal operation and a measurement
mean of acceleration for the Drag-Free and Attitude Controller (DFAC). However the possibility of a
complementary Proof-Mass position readout in the main direction of the Laser light might be analysed in
future studies by using the available data output from the existing Laser beam in the optical bench.

The other listed design options and possible modifications of the selected baseline (i.e. the CAESAR
concept) are further described in chapter 7.
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4.3.1.4 Laser Assembly Concepts

Laser requirements. The following requirements in table 4.1-1 apply for the laser assembly:
e Qutput power and output power noise
The nominal output power available on the optical bench shall be at least 1 W.

The required laser power stability of the actively stabilised system between 10* Hz and 10" Hz is:

AP »
= <4x10* 1
P /\/Hz

e Beam quality and Polarisation
The laser beam quality shall be single transverse TEMy, mode. Polarisation shall be linear.
e Laser frequency noise

The laser frequency noise between 10° Hz and 1 Hz shall be less than

Af < 30H7\/E

e Mass and power budget

Due to the limited capacity of the LISA spacecraft, the laser systems dimensions, mass and power
requirement shall not exceed the following limitations

Dimensions 10cm x 10cm x 10cm
Mass 1.5 kg
Power input total 15 Watt

Laser System Concept Trades. The LISA mission requires a 1 W laser system with single-frequency
operation and very high frequency and amplitude stability. In what follows the possible options for a
single frequency laser will be discussed and the most suitable options for the LISA mission proposed.

The above mass and power constraints can only be met by a solid state laser system.

Single frequency solid state laser alternatives. In general four mechanisms are possible to achieve
the single-frequency emission of solid state lasers:

1) In the case of a homogeneously broadened laser material, the unidirectional operation of ring laser
2) Utilisation of filter elements (e.g. etalons) in the resonator or frequency selective endmirrors

3) Micro chip laser arrangement, i.e. utilisation of a small laser crystal length with a free spectral range
larger than the gain width of the laser material

4) Injection locking with a single frequency seed laser (not appropriate here).

In what follows, the most suitable design concepts using the techniques 1) - 3) are reviewed in more
detail.
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Monolithic, nonplanar ringlaser (NPRO). In the case of the NPRO (Non Planar Ring Oscillator) TEMyo
mode, hence single transverse mode, operation is achieved by focussing the diode laser-beam into the
crystal. When the beamwidth of the diode laser radiation in the crystal is smaller than the diameter of
the TEMgo mode over the absorption length of the pump radiation, the laser is forced to operate in a
single transverse mode.

Nd:YAG

vsl2

T=3.2% 1064nm
HT 808nm

1064nm 808nm (Diode laser)

Figure 4.3-6 Arrangement of the monolithic non-palanar Nd:YAG ring laser

Nevertheless, homogeneously broadened solid-state lasers oscillate on several longitudinal modes even
at low output power because of the spatial hole burning effect. To enforce single-frequency operation,
resonator internal elements can be applied. However, these additional intracavity elements strongly
reduce the efficiency and stability of the laser system. The monolithic Nd:YAG ring laser enables single-
frequency operation at high output power without intracavity elements. Unidirectional and hence single-
frequency oscillation is enforced by an intrinsic optical diode. This diode is formed by the laser material
with a non-zero Verdet-constant in a magnetic field in combination with a polarising output coupler.

The optical beam path in the crystal is determined by three total reflections and one reflection at the
negatively curved front surface. This front surface is dielectrically coated, reflecting about 97% of the
1064nm laser radiation and highly transmitting the pump radiation at 808nm (Figure 4.3-6). A very high
intrinsic frequency stability results from the monolithic and compact design of the resonator and from
the excellent thermal properties of the host material.

Microchip laser. Microchip lasers are miniature solid-state lasers commonly emitting radiation in the
near infrared frequency range (NIR) and pumped by a diode laser. A small crystal-chip (feasible length is
about 1 mm) constitutes both the active medium and the resonator of the microchip laser i.e. the
resonator mirrors are directly coated onto the surfaces of the chip. The setup is quite simple: The
significant elements required are a lens focusing the pump beam on the crystal front face and a heat
sink cooling the chip. Figure 4.3-7shows the arrangement of a microchip laser longitudinally pumped
with a diode-laser pump module.
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diode-laser microchip
pump module and
heat sink

Figure 4.3-7 Experimental setup of a diode-pumped microchip laser

Single-frequency operation of microchip lasers is based on the realisation of a small resonator length,
which results in a mode spacing larger than the gain bandwidth of the laser medium. One example is a
monolithic Nd:YAG chip pumped by a diode laser. Measured short-term linewidths of the free-running
laser are below 1 kHz. However, the Nd:YAG chip shows an induced birefringence, which is not easy to
control. Further disadvantages of microchip lasers are the high sensitivity on back-reflections, beam
walking problems and low efficiency.

High output powers can be obtained but a quite high pumping power is required, because the optical to
optical efficiency is below 10%. Extra thermal contacts are necessary to ensure proper cooling of the
crystal’s surfaces, e.g. clamping the chip between sapphire plates.

Furthermore, whatever the operating output power is, the small laser crystal exhibits a high sensitivity to
environmental temperature changes. This leads to frequency fluctuations which can only be suppressed
by a very accurate temperature stabilisation of the laser crystal and its environment.

External-cavity diode lasers. Diode lasers are compact, reliable, efficient and cost effective light
sources in combination with a simple handling. In addition, the wide variety of visible and near-infrared
frequencies (600-1600 nm), tuneability and output power practicable up to several ten watts make
diode lasers suitable for many applications.

The use of diode lasers for the LISA laser system demands frequency narrowing due to the big linewidth
of a common laser-diode (10-100 MHz). This can be realised with frequency selective component inside
the laser resonator. DFB and DBR lasers (as described below) and external-cavity lasers are well
established using internal frequency selection.

An External-cavity diode laser usually uses an external diffraction grating for frequency selection. The
resonator is composed of a laser-diode with one AR coated surface and the external grating (Littrow
configuration) or an additional mirror reflecting the light of the first order of diffraction (Littman
configuration). In both configurations order 0 of diffraction is used as light output. Figure 4.3-8
demonstrates a setup with Littman configuration.
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Figure 4.3-8 External-cavity diode laser in Littman configuration

Diode lasers with external cavity provide stable single mode operation with achieved linewidths of less
then 100 kHz in the visible or infrared range. Tuneability of 20 nm and more is possible with precise
rotating of the grating (and additional movement of the mirror in Littman configuration). The main
disadvantage seems to be the great sensitivity to mechanical instabilities which prevents long term
reliable operation that is necessary for space applications. A horizontal misalignment in the dispersion
plane of the grating corresponds to a wavelength detuning. But a vertical one in the sagittal plane is
critical because only a few um shift is enough for total misalignment of the external cavity. For that
reason maintenance of alignment requires the possibility of adjusting the components during the use of
the laser. Self aligning techniques could solve this problem so a reliable operation using these
techniques may make this type of lasers available for satellite flights.

Also the output power of state-of-the art external cavity diode lasers are to low (20 mW) for an
application as the LISA laser system.

DFB/DBR laser diodes. Another possibility for frequency narrowing is to connect the active
semiconductor medium directly to Bragg gratings used as frequency selective components: DFB and
DBR diode lasers (DFB: distributed feedback, DBR: distributed Bragg reflection) are laser diodes which
compose small quasi-monolithic external cavities together with integrated Bragg gratings. They combine
the small dimension, reliability and stable operation of a laser diode with a comparable narrow linewidth.

A DBR laser resonator contains the active region and one or more Bragg gratings used as reflectors
instead of the high-reflection coatings of a common laser diode. The DFB laser integrates a Bragg grating
directly into the active layer, so the regions of gain and reflection are not separated. That means an
optical wave travelling in one direction is continuously scattered into the optical wave in the reverse
direction. This concept represents a combination of continuous feedback and gain.

However, frequency tuning is very difficult since several modulation currents are to be controlled .
Typical frequency modulation coefficients of 5 MHz/uA imply that an electronic power supply with very
low current noise is necessary. Therefore, a stability and tuneability corresponding to the LISA
requirements seems difficult to achieve. Additionally, neighbouring mode suppression is problematically,
so these devices tend to multi-frequency operation, which would be catastrophic for the signal detection
process. Furthermore, DFB/DBR laser diodes have the disadvantage of a very high sensitivity to back-
reflections.

The output power of a typical DFB/DBR laser is very low, so as LISA laser system they will require an
additional power amplifier. For this purpose monolithic master oscillator power amplifiers (M-MOPA) are
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well established. These are monolithic assemblies of a DFB/DBR laser as master oscillator and a
connected gain region as power amplifier. Figure 4.3-9 shows a M-MOPA with single mode waveguide,
edge emission and an integrated DBR semiconductor laser as master oscillator.

waveguiae lapered gain region

~

gratings

active region -

mh‘ output
oszillator

power
amplifier

Figure 4.3-9 M-MOPA with DFB semiconductor master oszillator

A variety of DFB/DBR diode lasers with appropriate performance characteristics is available at the
telecommunication wavelengths 1310 nm and 1550 nm because of the huge demand. However,
1064nm is a critical wavelength for diode laser and only so-called strained InGaAs material can be used.
Output power in the order of 100mW is available from commercial strained InGaAs DFB or DBR laser
diodes, but these devices are usually quoted preliminary products and SDL, the largest diode
manufacturer, even ceased the production because of too small customer interest. Also a laser linewidth
of less than 5 MHz is a major problem because of the huge free spectral range of laser diodes as such.

Fibre laser. Development of diode-pumped fibre lasers is a fast growing field of research. Fibre lasers
are very suitable and easy scaleable in laser power. However, the emission bandwidth is very high
(several nm) and the fibre resonator is sensitive on temperature, stress etc. By the implementation of
fibre Bragg gratings single-frequency operation was already demonstrated. However, the linewidths are
around several MHz and not suitable for the LISA laser system. Also radiation hardening of doped fibres
has only been investigated very barely and seems to be a major problem.

Master oscillator fibre power fibre amplifier (MOPFA). The non-resonant amplification of a low noise,
low power master oscillator (e.g. NPRO or external cavity diode laser) is another approach to fulfil the
LISA laser requirements. For this type of laser the radiation from the stable master oscillator is mode
matched into the approximately 10 um wide inner core of a double clad fibre (see Figure 4.3-10). This
inner core consists of (e.g. Nd) doped glass.
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Figure 4.3-10 Arrangement of master oscillator fibre power amplifier (MOPFA)

The inner undoped cladding of the fibre, which serves as the pump core, has a diameter of several
hundred um. A silicone outer cladding protects the glass fibre and leads to a NA of approximately 0.4 for
the pumplight. The fibre amplifier is pumped with one laser diode bar, which is available with output up
to 30 W at 809 nm. The light is matched into the outer core of the fibre.

The phase noise characteristics of the master laser are usually maintained through the amplification
process, whereas the low frequency power fluctuations are significantly increased due to the noisy high
power diodes. More than 5 W amplified emission at 1064 nm have been demonstrated using a 500 mW
NPRO as the master oscillator and 25 W of 809 nm radiation. This corresponds to 20 % optical-to-optical
efficiency. For the LISA mission the master laser power would be reduced to approximately 50 mW,
suitable for high frequency phase modulation, which could be amplified to more than 4 W. The main
drawback of the MOPFA system are its low efficiency and the large number of optical components that
are fragile and costly to qualify. Also the high radiation sensitivity of the doped fibre is an unsolved
problem.
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Concept selection. Table 4.3-4 summarises the system properties of the different laser alternatives

Table 4.3-4 Laser Concept Trades

NPRO Micro Chip External DFB/DBR Fibre Laser MOPFA
Laser Cavity Laser MMOPA
Power + 0 - + ++ ++
Beam Quality + + + + + +
Power
Stability + - - - - Y
Frequency _ _ _ _
Stability + +
Efficiency + 0 + ++ + 0
Physical + ++ + ++ ++ 0
Dimensions
Technology _ _
Status + 0 0 +

++ meets the requirements with large margin, standard space component

+ meets the requirements, commercial product with potential for qualification

0 meets the requirements only with additional development, requires development

- does not meet requirement, requires basic technology development

Based on the advantages and drawbacks as shown in table Table 4.3-4 the NPRO laser concept is
clearly identifiable as superior to the other alternatives and it is therefore selected as the baseline.
However, the MOPFA concept shall be regarded as the second option, as no major obstacles are

identified and the possibility of scaling the output to higher power is very attractive.

Laser components identification and trades. Based on the laser concept selection as shown in the
preceding section, trades for specific laser components have been performed. The following parts and
components have been identified that are required for the utilisation of a laser diode pumped non-planar

ringlaser (NPRO) for the LISA laser system:
e laser crystal

e Laser diode pump source

e Pump light optics

e Electro-optic modulator (EOM)

e Faraday isolator

e Fibre coupler
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Laser crystal. The only laser crystal material that has been taken into account is Nd:YAG, which stands
for neodymium doped yttrium aluminium garnet. The reason for this are the unique laser specific
properties of Nd:YAG, such as excellent thermo-optical properties and good quantum efficiency,
combined with extensive space heritage.

Two different mechanical designs of the non-planar ring oscillator (NPRO) have been experimentally
investigated regarding their suitability for the LISA laser system, the so-called “standard” design and the
“ETR” design. The main difference is the overall dimension of the crystal and therefore the overall optical
path length inside the laser resonator. The crystal dimensions are 3x8x12 mm® for the standard
geometry and 2x4x7 mm® for the ETR geometry. The main advantage of the ETR is an increased mode-
hop free tuning range of approximately 30 GHz. Also the optical to optical efficiency is slightly higher.
The main drawback of the ETR geometry is the decreased size of the required pump radiation focus.

Due to the small laser focus that puts demanding constraints on the pump source beam quality, the
baseline for the LISA laser system is the standard crystal geometry. However, an intermediate crystal
design should be investigated.

Laser diode pump source. The two main options for the laser diode pump source are direct imaging of
the radiation from the semiconductor chip into the laser crystal or application of fibre coupled laser
diodes and imaging the radiation from the fibre end. The advantages of fibre coupled diodes are a
separate thermal management of the laser system and the pump unit, the availability of higher pump
power levels and the possibility of switching between more than two redundant devices. The advantages
of direct pumping are infinitely small pump power losses and therefore high optical to optical efficiency
and a rigid connection of the laser crystal and the pump that is insensitive to misalignment and
introduces no additional optical components such as fibres and fibre couplers and no additional pump
units.

As direct pumping can be done with two polarisation coupled laser diodes, sufficient pump power and
redundancy are guaranteed. Therefore direct pumping is selected as the baseline for the LISA laser
system.

A number of specific laser diodes have been experimentally investigated regarding their suitability for
the LISA laser system. Firstly direct diode parameters have been measured and then the devices have
been used to pump a NPRO laser crystal to determine laser threshold and optical-to-optical efficiency.
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Table 4.3-5 Experimental results on laser diode properties

Laser Diode Coherent Opto-Power Siemens
S-81-3000C-200-H D003-808-HB 100 SFH 487401
Power [W] 3 3 1
Emitter Size [um] 200 100 100
(Half) divergence 8 13 16
angle []
Treshold [mA] 611 4000 400
Electrical-optical 1.0 0.5 0.6

Efficiency [W/A]

FWHM 1 1 1.5
Linewidth [nm]
NPRO 130 196 235
threshold [mW]

Optical-optical 66 50 42
Efficiency [%]

Qualificatio aspects No No YES
investigated

The laser Coherent laser diode is selected as the baseline for the LISA laser system, because the
physical laser related properties are clearly superior to the other devices. Also, Coherent is the only
manufacturer that uses aluminium free semiconductors for the diodes, which improve lifetime
properties.

Pump light optics. The collimation and of the pump radiation is done with a aspherical, plano-convex
fused silica lenses per diode. The two collimated beams are combined on a polarising beam splitter and
focused into the laser crystal with a single aspherical, plano-convex fused silica lens.

No alternatives to this pumping scheme have been identified. The redundancy concept appears
sufficient with respect to the expected lifetime and reliability figures of then available pump laser diodes.
It could be further improved, if necessary, by using fibre coupled pump units and fiber switches for
example.

Electro-optic modulator (EOM). In the Pre-Phase A design, the phase modulator was placed on the
optical bench. Another option is to have the phase modulator placed inside the laser head. Figure 4.3-11
shows the two options. Table 4.3-6 summarises the advantages and the drawbacks for the two options.
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Figure 4.3-11: Options for the laser head

(left: baseline; right: Pre-Phase A, dotted border: option)

Table 4.3-6 Advantages and drawbacks for the phase modulator placement options

Option Advantages Drawbacks
PM on optical Reduced mass and size Modulator development
bench Mechanical stability High coupling losses
Simple design
PM inside laser Standard modulator use Complex design
head . .
Low coupling losses Increased mass and size

Based on these advantages and drawbacks the second option, phase modulator inside the laser head,
has been identified as superior and selected as the baseline for LISA laser system.

Faraday isolator. A faraday isolator is required to suppress back reflection into the laser crystal. Any
light that is redirected to the crystal must be attenuated by at least 26 dB or it will lead to self injection
locking phenomena and disturb the single frequency operation. Two options for the Faraday isolator
have been identified:

e Afibre-optic isolator
e Free space beam isolator.

As the baseline for the EOM foresees the location of the phase modulator inside the laser head, the
baseline for the faraday isolator must be a free space beam isolator inside the laser head.

Fibre coupler. Two options have been evaluated for the fibre coupler: A standard fibre coupler with a
movable lens in combination with a rigidly fixed fibre end and secondly a movable fibre end with a lens
permanently glued to the fibre. The advantage of the former is a high maximum coupling efficiency
(7100 %). The latter has the advantage of low sensitivity to misalignment, a coupling efficiency of more
than 80 % is possible.
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A fibre coupler with a movable fibre end with a lens permanently glued to the fibre is selected as the
baseline.

Photodiodes. Table 4.3-7lists the photodiodes which have been identified for use in the laser
subsystem. Those devices are not space qualified; nonetheless, the manufacturer has qualified similar
devices for particular programs.

Table 4.3-7 Photodiodes for use in the laser subsystem

Diode Type Model Purpose

pl InGaAs PIN EG&G C30619G Laser phase locking

p2 InGaAs PIN EG&G C30619G Laser frequency stabilisation
p3 InGaAs PIN EG&G C30665G Laser power stabilisation

Table 4.3-8 - EG&G photodiodes characteristics

Part # Dactive | Responsivity I NEP Cq (pF) BW (MHz) | Pyax (dBm) | Bias voltage
(mm) (A/W) (nA) (pW/\/Hz) for these
specs (V)
(a) (b) (c) (d) (e) (b)
C30619G 0.5 0.2 | 0.86 5 8 350 >+13 5 <0.1
C30665G 3.0 0.2 | 0.86 25 1000 3.0 +11 0 0.2

(a): @ 850 nm; (b): @ 1300 nm; (c): @ 100 kHz; (d): into 50 Q; (e): for 0.15 dB linearity

4.3.1.5 Phase Measurement Assembly Concepts and Trades

The phase measurement assembly consists of:
e An Ultra Stable Oscillator (USO), providing the frequency reference;

e The phase measurement electronics. The subunits are the sensor proximity electronics, the analog
electronics plate, the digital signal processing electronics, respectively.

The USO is a key element in the phase measurement chain. Its main and most critical requirement
concerns the frequency stability: o,(t) = 2-10"° 1° for an integrationtimet 1s<t< 10*s [2] in order to
keep, after phase noise measurement and correction, the contribution to the optical path noise below

10 pm/\/Hz.

The Mars Observer oscillator, manufactured by Syntonics LLC, was assumed as reference USO in the
LISA Pre-Phase A study. A review of the USO’s currently available has been carried out during the
present study, but, no space qualified oscillator of the same type (quartz oscillator) with better
performances was identified. The only system that is able to provide a more stable frequency reference
in the whole range of integration times seems to be the hydrogen maser, which however cannot be
considered a viable alternative to the Mars Observer oscillator, because of its much larger mass, power
consumption and cost.
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The phase measurement electronics employs a phase difference measurement method in order to
determine the path-lengths changes of the interferometer arms. Corrections are needed for:

e the laser phase noise;
e the clock noise;
e the motion of the proof masses w.r.t. their housing.

The beat signal between the local and the remote laser is detected at the main photodiode (baseline is a
quadrant InGaAs PIN photodiode). After conditioning, the signals from the four quadrants is sent to the
interferometer electronics, which has the following functions:

e provides the signal for phase locking the local and remote laser;

e provides information on the angle jitter and DC pointing of the test mass
e monitors the long term variations in the laser locking on the remote S/C
e removes the Doppler shift in the beat signal;

- this function is accomplished by beating the main signal with a suitable comb of reference
frequencies (in the range from 0.1 MHz to 15 MHz) in order to have a final beat frequency of the
order 10 - 100 kHz;

e measures the phase difference between the local and remote laser in order to measure the
differences in round trip path length between the two interferometer arms (GW detection);

- this function is accomplished by shaping the final beat signal in order to get zero-crossing pulses.
The number of the USO clock pulses between successive zero-crossings is then counted in
order to measure the arm path length variation.

Figure 4.3-12 shows the measurement schematics from the photodetector (only one quadrant channel is
shown) to the phase meter. The USO frequency reference is used to count the time period of the final
beat signal.

Measurement schematic.
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Figure 4.3-12: Measurement schematics
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Two measurement principles have been considered:
e counter method (such as MAM/JPL phase meter);

- the input frequency should be sufficiently high (of the order of 1 MHz) to prevent aliasing of the
laser phase noise into the measurement bandwidth. An increase of the counter clock frequency may
be needed;

- the accumulation scheme must be replaced by an elaborated digital decimation filter;

- analogue pre-processing must be analysed w.r.t. SNR preservation and freedom from in-band
artefacts. Instabilities in the electronics, producing phase changes at the level of 10-5 rad, were
considered during the study - in particular the voltage stability w.r.t temperature was studied;

e PLL method, either totally digital or a combination of digital and analogue electronics;
- digitalisation is straight forward at sampling frequency above 2x"edge frequency";
- control loop must be dimensioned to render residual error in measurement band insignificant;

- digital decimation filtering must be applied to the NCO phase signal. There is a major problem with
the digital version of the PLL, as the microprocessor clock would have to run at GHz to perform the
measurement at the high frequencies discussed.

The phasemeter electronics is baselined to consist of a period counter providing frequency information
at the kHz rate.

Radiation hardness is a worry for most components as in the LISA mission non-standard components, as
far as the S/C electronics is concerned, will be used. A critical point is that of the radiation hardness of
the first detection stages, because of possible bandwidth reduction and SNR degradation. No suitable
rad-hard components have been found on the market; specific radiation tests must be performed on the
device selected as the baseline.

As a final point, no quadrant photodiode with the performances required for LISA is available today; this
device needs to be specifically developed.

4.3.2 Payload Control Design Options and Trade-off

4.3.2.1 Laser Pointing Acquisition and Tracking Strategies

The acquisition cone corresponds to the angular sector to be covered by the emitting spacecraft to
illuminate the receiving one during the acquisition phase. The acquisition cone being larger than the
emitted beam FWHM, the acquisition can not be direct. Two possibilities have been considered to
perform the acquisition, defocus of the emission beam or scan of the uncertainty cone

Defocus of the emitted beam. This solution consists in defocusing the emission beam so that its
FWHM covers the acquisition cone. The emitted beam FWHM has in that case to be increased from 2.6
prad to 18 prad, using for example the defocusing capability of the fibre positioner. The acquisition is
then direct, but the flux received on the opposite spacecraft is degraded by a factor 100 wrt the current
link budget peak value, which means a 0.03 pW flux.

This solution is discarded as the detection of the defocused beam is critical.
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Scan of the acquisition cone. The principle is to have the emitting spacecraft scan the acquisition
cone until the beam is detected by the acquisition sensor of the receiving instrument. Once the signal is
detected, the direction of the incoming beam is derived from the spot position on the acquisition sensor
and the receiving instrument is pointed towards the emitter. This strategy requires an emitted beam
pointing capability which can either be implemented at the fibre positioner level or requires to re-orient
the whole optical.

With the baseline Optical Assembly design, the + 9 prad scan can be achieved by a + 2 um displacement
of the fibre positioner, which is within its stroke whatever the selected fibre positioner design.

The straylight generated by the emitted beam on the acquisition sensor is estimated to 60 pW / pixel,

with a peak to 650 pW for the detector four central pixels. The signal of the opposite spacecraft (3 pW
max) is to be detected in this straylight environment. Two solutions have been considered to overcome
this difficulty :

- to modulate the emitted beam and the received beam at different frequencies, in order to
retrieve the acquisition signal on the CCD by heterodyne detection. This solution, which has
not been further investigated, would however have to cope with the problem of the CCD
central pixels strong illumination by the secondary mirror apex reflection. The constant point
ahead angle between emitted and received beam of 3.3 yrad in plane is not sufficient to
separate the receiving sensitive pixel area from the transmitter straylight saturated pixel
area. However, estimations show that for the calculated straylight intensity (633
pW/4pixels) a read-out rate of the CCD of a few kHz should be sufficient. This would yet
avoid saturation and allow detection of the modulated received beam against the straylight
background of the transmitted beam using frequency and phase sensitive techniques. The
transmitted beam is modulated at a frequency different from the received one (both
modulation frequencies are small compared to the CCD sampling frequency). This solution
needs more detailed study.

- to shut down the emitted beam when the acquisition detector is used. This solution is
presently the proposed baseline, and the studied acquisition strategy takes this constraint
into account.

Remark 1: Shutting off the emitter laser itself could jeopardise the spacecraft thermal balance, so a
preferable solution is to fold the emitted beam out of the optical bench and send it towards space
before it is mixed with the received beam and generates straylight toward the acquisition sensor. This
task can be performed by the fibre positioner (long lateral stroke option only) or by an optical switch
located between the laser and the optical bench.

Control aspects. In addition to the pointing accuracy achievable by the STR, the realisation of the scan
must be carefully studied.

Two control strategies are possible :
- Have the S/C in a steady attitude, and perform the scan through the fibre positioner.
- Point the beam by re-orienting the entire spacecraft.

The drawback of the first solution is the necessity to design a quite complex, and bulky fibre positioner.
Then it is proposed here to show the feasibility of the second solution.
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The proposed approach consist in scanning several discrete position, overlapping to cover the entire
uncertainty cone.

= 0.5 prad
4—

rad
—}

Scanning cone

Figure 4.3-13: Uncertainty cone scanning with discrete positions

The number of discrete position is function of the cone width (9urad), of the emitted beam FWHM
(2.6urad), and of the relative pointing uncertainty (0.5urad). With the given values, it is equal to 125.

With this strategy, a step is applied to the reference of the attitude controller each time the S/C has to
go from one spot to the other. This step will be commanded to the FEEP thruster to orient the S/C on
the one side, and of the telescope tilt angle mechanism on the other side (this is at least required for the
laser acquisition of the second optical link).

The full convergence (cancellation of the bias through the long-term integral effect) takes quite a long
time (>1000 sec), but a pointing accuracy of 10 % of the step, sufficient for the scan is achieved after 30
sec. If we take into account another 10 sec for the receiving sensor integration, the scanning sequence
can be achieved in less of 6,000 sec, which is not critical as far as this sequence occurs only a few times
over the mission (ideally once).

Another strategy with a continuous scan has not been investigated, but is expected to give equivalent
results.

Remark : according to the acquisition detector performances budgets, a solution associating both scan
and defocusing could allow to achieve a quicker acquisition by increasing the emitted beam FWHM and
therefore reducing the number of scan steps. This is an optimisation to be considered in subsequent
phases.

4.3.2.2 Variable Point Ahead Angle Compensation Options

The orbit dynamic analysis by DSS has uncovered an additional difficulty not yet discussed in previous
studies, viz. the variation of the point ahead angle between the transmitted and received beams with the
orbital period. This angle is caused by the fact that the triangle formed by the spacecraft is both rotating
around its normal axis and, simultaneously, its plane is nutating with the orbital period. Thus, each
spacecraft as seen from the other spacecraft has an apparent lateral motion, which leads to a varying
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offset angle between the emitted and received beams. Although this effect does not imply a critical
issue, it causes some technical implications on the system design and on assembly level.

The dynamic analysis generated following results (Section 3.3):
» In plane bias 3.3 prad - variation +- 55 nrad;
» Out of plane bias 85 nrad - variation +- 5.7 prad

These values are defined in free space (telescope entrance) and vary approximately sinusoidally with the
orbital period of 1 year.

The constant in-plane bias can be compensated for by proper parts alignment, e.g.by tilting the
polarisation cube (PBS), as proposed in previous studies.

The in-plane 55 nrad variation is marginally critical only for the transmitter bias relative to the nominal
position (specification is < 30 nrad), because the S/C attitude reference is the received beam wavefront
tilt, which is tracked with better than 8 nrad/\/Hz on the heterodyne detector.

While the out-plane bias of only 85 nrad does not present a problem, the out-plane variation of 5.7 prad
is the most critical factor. It translates for the relevant beam size on the optical bench (baseline selected
5 mm diameter @ telescope mag. 60x) into +- 342 prad variation perpendicular to plane for the required
offset angle between TX and RX beam at bench level.

Point Ahead Angle (in plane)
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Figure 4.3-2: In-plane point ahead angle variation over orbital periods
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Point Ahead Angle (out of plane)

1s10 °

Angle [rad]

-1e10 °

Time [years]

— on S/C1 wrt. S/C2
"""""" on S/C2 wrt. S/C3
on S/C3 wrt. S/C1

Mean value
¢ on S/C2 wrt. S/C1
OO0 on S/C3 wrt. S/C2
on S/C1 wrt. S/C3

Figure 4.3-3: Point ahead angle variation out-of-plane over orbital periods

Due to the limited study resources, several options to cope with this situation could only briefly be
addressed:

1)

Do nothing:
the S/C keeps tracking the received beam, but the transmitted beam would be mispointed in the
order of the central lobe divergence not acceptable

Use the fibre positioner to adjust the offset angle (periodically or continuously) and the transmitter
beam axis:

This was the first idea, but will misalign the complete optical bench, especially the local oscillator
beam and the beam to the rear interferometer and reference cavity. Of course additional pupil
shifting optics or/and additional DOF in the fibre positioner assembly could possibly mitigate the
impact, but it complicates the situation significantly. In addition, the transmitter beam is tilted
towards the optical axis and may lead to a degradation of the far field wavefront (however, should be
ok for 5.7 prad).

3) Use an additional active element in the dedicated transmitter or alternatively receiver beam; e.g.
move lens groups or tilt the PBS by PZT:
Implies complication by additional noise sources, control elements and thermal sources, but is
otherwise a clean solution.
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4) Use the inertial mass as an already existing active mirror to tilt the received beam (open loop or by
using tracking information from the het. detector as error signal for the IRS-control:
This is the proposed baseline, provided, the associated problems in IRS design can be solved. But
this function is required anyway to initialise and calibrate the proof mass mirror as an optical
element after launch.

The problems that are introduced when considering the latter solution are:

The tilt angle of +- 171 prad for the proof mass attitude is too large for the present ONERA design. A
budget has already to be allocated for the initialisation, which must be added to this requirement.
ONERA quotes presently that about 50 to 70 pyrad may be acceptable after all, which is not yet
sufficient. Unfortunately, this became apparent only at the end of the study and is only a crude
estimate. The physical effects are: the performance of the capacitive sensors, non-linearities and
internal DOF cross-talk to be analysed in more detail.

The rear interferometer will be misaligned during the process. An additional lens introduced to
translate the angular tilt into a slight parallel displacement has no direct impact. A transfer function
between proof mass attitude noise and rear interferometer phase noise is also introduced, which is
assessed to be acceptable (TBC).

The tilt angle at proof mass level can be reduced by selecting a larger beam diameter on the optical
bench (or at least at proof mass level by introducing a beam expander in front of the mirror surface). E.g.
a factor of 4 brings the tilt angle down to 43 prad. In addition, also a slight but defined wavefront tilt at
the heterodyne detector may be acceptable.

The IRS is already a critical assembly in the payload and the design should not be driven too much by
the point ahead angle requirement. Hence, albeit it is cautiously maintained as present study baseline,
alternatives shall still be considered.

4.3.2.3 Drag-Free Control Strategy Options and Trade-off

The goal of the drag-free control is to make inertial the two proofmasses, which mirrored sides are used
to reflect the laser beams, defining the interferometer armlength. This is obtained by the following
complementary actions:

1. reducing as far as possible the linear/angular acceleration experienced by the S/C (role of the
DFACS)

2. providing best possible isolation of the P/Ms relative to the S/C (optimisation of the inertial sensor
servo loops in close relation with DFACS "outer loops")

3. making sure the P/M are "quiet" in the MBW (acceleration< 2.5 107"° m/sZ/Hsz).

Point 3. is independent of any control strategy, whereas the first two points are really the core of MMS’s
task in this project.

Various drag-free missions in which MMS has been involved in the past (Gravity Probe-B, STEP, GOCE)
relied on the concept of “drag-free reference point”. This point is the point chosen on the S/C to ideally
follow a purely gravitational motion.

This concept could be applied to LISA, but the selection of this point is not trivial at all, since we would
ideally like to have two drag-free points on the S/C (at each mirror location), which is not physically
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possible. A trade-off is then necessary to select the best DFRP. This trade-off is presented in
Appendix 1. Two candidates are retained for the discussion here : the intersection of the LOS, and one
of the P/M location.

But this concept of drag-free reference point can be bypassed in the case of LISA. Indeed, for each proof
mass, only one axis must be inertial, while there are only requirements on the P/M-cage relative position
on the other two axes.

Therefore another family of strategies consists in performing the drag-free control using only the
“sensitive” axis of each P/M (i.e. in the telescope LOS direction), while the other axes of the P/M are
only suspended, through the electrostatic suspension loops

Thus, four strategies can be preliminarily selected for a detailed trade-off :

- Strategy 1: DFRP located at one of the proof masses. In other words, one P/M is the only
reference for the DFC (master P/M), the other one has no role in DFC (slave P/M).

- Strategy 2 : DFRP located at the intersection of the LOS. DFC measurement is reconstructed
from measurements of both P/M to be fed into the DFC controllers.

- Strategy 3 : Strategy without any defined DFRP : The DFC is performed with the raw measure
of each sensitive axis.

- Strategy 4 : Same strategy as 3, but no suspension is implemented along the sensitive axis.
The cancellation of instability effects, constant forces (self-gravity), etc, is handled by the DFC
loop.

From a detailed analysis presented in chapters 5 and 7, the following conclusion has been obtained:

Strategies 3 & 4, without DFRP, allow to meet requirements with margins (this is also the case for other
requirements, such as P/M position, not detailed here).

Strategy 3 is recommended by MMS to be the baseline for this phase A, with the possibility of preferring
strategy 4 in subsequent phases, provided that constant force cancellation does not rise the complexity
of the control scheme, which still needs to be demonstrated for strategy 4.
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5 System Baseline
5.1 System Conceptual Design and Performance
5.1.1 System Control Architecture

LISA is an interplanetary constellation mission consisting of three identical spacecraft. Due to their
strong mutual interaction in routine phase via optical inter-satellite links, system control is not
restricted to spacecraft level but has to encompass the whole spacecraft constellation.

5.1.1.1 System Control Architecture on Constellation Level

The establishment and maintenance of highly stable, bi-directional laser links within the routine phase
constellation of the three LISA science modules which are then located at the vertices of a quasi-
equilateral, slowly rotating triangle, represents a challenging control task. The narrow width of the laser
beams (2.6 urad FWHM) in conjunction with the huge inter-spacecraft distance of 5 million km requires
a rather stable beam pointing all over the Pointing Acquisition and Tracking (PAT) process. Details of
this process are described in section 5.4 of this report.

An important feature of the proposed PAT scenario is that it does not necessarily rely on direct ground
intervention and control of the science modules that are supposed to establish a laser link between each
other. For the ground it is sufficient to send a time-tagged command to the two spacecraft (both
assumed already in PAT Mode) that defines their mutual role as master or slave in this process. The
execution of this command on-board each spacecraft is a fully autonomous process that normally
requires no further ground interaction. After completion of the pointing acquisition the optical link allows
both spacecraft to directly exchange information necessary for subsequent payload commissioning and
routine operation.

The control architecture on constellation level is hence anticipated to be highly autonomous and
decentralised and to avoid slow indirect inter-spacecraft communication via ground.

After proper orbit insertion no control of the orbits of the constellation satellites is presently foreseen.

5.1.1.2 System Control Architecture on Spacecraft Level

The challenging nature of the LISA requirements necessitates a control architecture which closely
integrates payload and spacecraft functions. The principal control functions to be considered are
e S/C Attitude, Drag-Free and Orbit Control

e Proof-Mass Attitude and Position Control

e Telescope Articulation Control

e Fibre Positioning Control

e Laser Phase Locking

e HGA Pointing Control

Report LISA - Final Technical Report
No LI-RP-DS-009
Date April 2000 Page 5-1



5 System Baseline LIS A

In the sequel the most important of these control functions shall be briefly addressed. For details the
gentle reader is referred to section 5.4.

A schematic of the system control architecture in routine phase after completion of the optical
acquisition with both telescopes is given in Figure 5.1-1.
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Figure 5.1-1: Simplified system control architecture after completion of optical acquisition

Spacecraft drag-free and attitude control . The objective of the LISA Drag-Free and Attitude Control
System (DFACS) is to point the telescope lines-of-sight with pointing errors not exceeding 30 nrad
towards the incoming wavefront and to adjust the spacecraft position in a way so that the proof-masses
remain centred within their cages, at least along the respective optical axis, with a position error of not
more than 2.5 nm/\Hz within the measurement bandwidth. The DFACS uses the inertial proof-mass
sensors and the coherent quadrant detectors of the two optical assemblies as sensor information and
controls the spacecraft attitude and position by means of FEEP thrusters. The number of degrees of
freedom to be controlled implies a close interaction of DFACS with telescope articulation control and
proof-mass control.

Telescope articulation control. The adjustment of the optical axes of the two telescopes towards the
incoming wavefronts requires 2x2=4 rotational degrees of freedom. Therefore the three basic rotational
degrees of freedom of the spacecraft have to be complemented by an additional one allowing to adjust
the angle between the two telescope lines of sight. This angle is anyway subject to a variation of £0.6°
over the year. The a.m. stringent pointing bias requirement of 30 nrad w.r.t. the incoming wavefront
necessitates a permanent control of the telescope articulation using a dedicated single-axis telescope
pointing mechanism. For redundancy purposes both telescopes will be articulated in this way.
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In case the attitude control using FEEP thrusters should in future phases prove too noisy there is still an
option to implement two-axis telescope articulation each. This, e.g. in view of redundancies,
considerably more complex control concept is presently not considered baseline.

Proof-Mass Control. The completion of the optical acquisition phase implies that the proof-mass inside
the inertial sensor of each telescope assembly has been mechanically released and correctly positioned
so that light coming from the distant spacecraft is properly reflected off the proof-mass and can be
correctly superimposed at the beam splitter with the light coming from the local laser. During Pointing
Acquisition and Tracking it is mandatory to have the proof-mass electro-statically caged, since it needs
to be used as an accelerometer and its attitude has to be properly adjusted so that the received laser
beam is reflected off the proof-mass and hits the coherent detector.

In science mode, however, drag-free control will be enabled and the proof-masses should ideally be
floating around free of external forces and the spacecraft should control its own position such as to
maintain the proof-masses centred in their housings. Obviously, a rigid spacecraft is necessarily unable
to control its position in a way to have two diverging proof-masses centred. Therefore a control law
needs to be applied to the proof-masses that acts as a very soft spring and does not introduce control
action within the measurement bandwidth.

In order to reduce the control action on the proof-masses to the absolute minimum, the proof-mass
control can be restricted to those errors that can definitely not be compensated by spacecraft common-
mode position control. This is equivalent to a drag-free control concept without a body-fixed drag-free
reference point. This drag-free control concept has been analysed and found to meet the requirements.

A point that is still open is the number of sensitive axes to be foreseen for the proof-mass sensor. From
a control point of view both the single-axis and the two-axis option appear equally apt to meet the
requirements.

5.1.2 System Optical Architecture

The mission redundancy scheme is such that the three satellites are equivalent. Within one satellite the
optical payload is made of two identical opto-mechanical arrangements, each communicating with one
opposite spacecraft. The operational difference between the two parts is only that one operates the
master laser while the other has its laser enslaved. However for redundancy reasons the master function
can be performed by any of the two parts if needed so their designs are identical.

The optical payload emits a monochromatic (1064 nm) beam to the opposite satellite and receives its
retro-emitted beam. The size of the beam maximises the energy transfer efficiency while staying within
payload reasonable size and mass budgets. The transmission and the reception directions shall be the
same to also maximise the transfer efficiency and to reduce the sensitivity to pointing jitters. On the
slave optical assembly the received beam bounces on the proof mass mirror and is amplified while
keeping its phase reference to be resent to the master optical assembly on the opposite spacecraft. In
the master optical assembly, the received beam is, after reflection on the proof mass mirror, mixed with
a fraction of the emitted laser beam to produce the scientific measurement.

The beam is emitted by a 1W YAG laser source. To avoid introducing thermal stresses on the optical
bench which has to remain very stable this laser is coupled into a fibre sent to the optical bench. This
fibre is monomode and maintains the polarisation state of the laser beam as the beam dispatching on
the optical bench is made by polarisation sensitive components. The laser fine stabilisation is performed
using an external optical cavity located on the optical bench.
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The beams are collimated on the optical bench to avoid using relay optics. The emission and reception
are ensured by an a-focal telescope. The link budget between the satellites increases with the diameter
of the telescope. A pupil diameter of 30 cm features a good compromise between the payload size and
mass and the link budget required to ensure the scientific measurement performance. The telescope
Dall-Kirkham optical design enables to meet the required imaging quality for both the emitted and
received beams over the mission field of view.

The resulting emitted beam divergence is smaller than the acquisition uncertainty cone so that a scan of
the acquisition cone is necessary to establish the link between the spacecraft. This can be made by
orientating the optical payload, or thanks to the fibre positioning mechanism. This three translations
mechanism also enables the emitted beam collimation optimisation, and translates the fibre in a plane
perpendicular to the optical axis to co-align the emission and the reception (taking into account the
point ahead angle). Its use to switch to the redundant laser has however been discarded for bulkiness
reasons, this function being devoted to a dedicated switch mechanism away from the optical bench.

The x60 telescope magnification ratio is a compromise between manufacturing limitations and the beam
diameter on the optical bench. The advantage of a large lateral magnification ratio is that small angles at
telescope output correspond to larger ones inside. This reduces the constraints on the angular stability
or sensitivity of the internal components as well as on the fibre positioning mechanism resolution.

During measurements the optical assembly must remain stable within its thermal environment to avoid
spurious phase delays and must feature an excellent emitted beam imaging quality (/20 rms wavefront
error @ 1.06 um) to meet the required link budget. The stability is ensured using a low expansion
material for the optical bench (ULE), and by radiative and conductive discoupling of the telescope from
its thermal environment. This is especially important for the all silicon carbide telescope solution. The
imaging quality is reached thanks to high quality polishing of both telescope and optical bench optics.
The emitted beam refocusing is ensured by the fibre positioner.

The mirrors of the interferometer are the proof-masses themselves. They are circumscribed by the
optical bench which supports all the beam dispatching optics and the various detectors used for
received beam acquisition, emitted beam monitoring and interferometric measurement. The relative
position of these components must be extremely stable (a few 107> m/VHz), otherwise their movements
generate spurious optical path differences or change the mass arrangement and thus the gravitational
field around the proof-mass. The external laser cavity also needs this dimensional stability for frequency
stabilisation. The required stability is achieved by a low expansion ULE bench where the optical
components are bonded in a stable manner (hydroxyl catalysis).

The interferometric mixing of the emitted beam with the return beam after its reflection on the proof-
mass mirror is achieved with a maximum efficiency using quarter wave plates and a polarisation beam
splitter. To ensure the fine pointing specification in the order of a few nrad/VHz, the detector is a
quadrant detector. The tilt difference between the received and emitted beams generates a different
phase shift on the quadrants thus enabling to detect mispointings.

The internal transmission of the laser beam from the master assembly to the slave one is performed via
a fibre link similar to the one used for the transmission from the laser to the optical bench. This enables
to be insensitive to the relative pointing movements of the two internal assemblies.
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Figure 5.1-2: The opto-mechanical architecture is driven by the functional needs of the payload. It is
based on the use of a telescope for emission reception of the laser beam. This telescope is coupled to a
stable optical bench where the other functions are implemented. The source is decoupled from this stable
part thanks to the use of a fibre link.

Report

Date

LISA - Final Technical Report

LI-RP-DS-009
April 2000

Page 5-5



LISA

5.1.3 System Performance

5.1.3.1 Performance Overview

The purpose of the LISA system is the measurement of gravitational waves characterised by the dimension-
less amplitude h which can be viewed as cause of proportional change of the distance between two proof
masses induced by the gravitational wave.

Following [Ref. 1] the average sensitivity of a measurement system based on a Michelson-Interferometer can
be expressed as

Ah(f)= 5L£f ) -Sinc( ”ff )-Sin(aa,m)-SNR—W-  veraging (EQ5.1-1)
observation
where
Ah(f) Spectral sensitivity in terms of h [1/V Hz]
L Armlength of Interferometer [m]
f Frequency (Hz)
oL Spectral amplitude of error in measurement armlength difference [m /v Hz]
Olgrm Angle between interferometer arms
SNRyesired Desired SNR (in terms of amplitude) after specified observation time
Tobservation Observation time [s]
Baveraging averaging factor resulting from averaging over various directions of incidence
(assumed to be about 5)
c Velocity of light [m/s]
Sinc(x) Sin(x)/x

The angle between the interferometer arms is 60° resulting from the configuration of the three spacecraft in
form of an equilateral triangle. The arm length is determined by the separation of the spacecraft (5 107 m).
The characteristic performance parameter of the LISA measurement is the uncertainty in the determination of
the armlength difference (dL). This parameter is only of concern within the LISA measurement bandwidth
(10'4 Hz to 107 Hz). Hence absolute knowledge of the arm length difference is not required.

In the triangular configuration two independent difference measurements can be carried out yielding informa-
tion on direction and polarisation of the incident gravitational wave.

As dL is defined with respect to the undisturbed proof mass positions it includes not only distance measure-
ment errors but also arm length variations resulting from (unknown) acceleration acting on the proof-masses.
This results in a performance model as shown in Figure 5.1-1.
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Figure 5.1-1:  Performance Model Structure

In the pre-phase A study an apportionment of the two main error contributors has been performed. LISA has
to show a performance equal or better than the measurement sensitivity that would result from an optical
pathlength measurement error of 40 pm/v Hz and an acceleration noise of 3 1015 m s2 /v Hz. Both contribu-
tions to be assumed as white processes in the measurement spectral range. Following these apportionment,
effective error in the optical pathlength difference and resulting averaged sensitivity over one year of observa-
tion are shown in Figure 5.1-2 and Figure 5.1-3
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Figure 5.1-3:  Required system sensitivity for one year of observation

In a practical implementation both error contributions are not likely white processes over the measurement
frequency band. It is expectable that acceleration resulting from the drag free control loop residual error will
rise at the upper edge of the frequency band while measurement noise resulting from uncompensated laser
phase noise will rise at the lower band edge. Since however the system sensitivity is dominated by length
measurement noise at he high frequencies and by acceleration noise at the low frequencies these effects will
not necessarily compromise the overall sensitivity.

The length measurement noise has several causes:
¢ Shot noise due to the limited number of received photons
* Laser Phase Noise
* Measurement Clock Phase Noise
¢ Variation of measured phase due to motion of optical components inside the instrument
* Variation of phase due to wavefront curvature and pointing interaction

The unavoidable factor is the shot noise on the received signal. It is ideally the dominating noise source for
the length measurement, determined by telescope diameter and transmitter power. Optical losses, wavefront
mismatch at the detector and detector quantum efficiency contribute to the shot noise level. However state
of the art optical design is so close to the theoretical limit that practical improvement of shot noise is only
expectable via higher transmitter power or larger telescopes. For the required measurement accuracy a
transmitter power of 1W and a telescope diameter of 0.3 m is sufficient with some margin to accommodate
the above mentioned losses.

Although not limited by first principles it is technologically demanding to reduce the other measurement error
contributions to a magnitude comparable with the shot noise as determined above.

The approach to deal with laser phase noise and measurement clock noise is the use of noise cancellation
techniques. This eliminates the first order effect of these noise sources to the system measurement sensitiv-
ity. However the actual magnitude of the phase noises determines the accuracy required for the cancellation
process and hence poses requirements to equipment and accuracy of ancillary data. E.g. phase meter
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dynamic range and aliasing behaviour.

An ancillary interferometer measurement is used to determine the relative motion of proof-mass versus
spacecraft to eliminate the dominating internal pathlength variation.

Residual pathlengths variations have to be addressed by technological means, i.e. mechanical /thermal stable
design of the optical bench, control of straylight intensity and mechanical stability of straylight paths. Tight
control of transmitter pointing in combination with good optical quality of the telescope (to reduce errors in
phasefront curvature) is required to achieve a small pointing induced measurement error.

The acceleration noise is also resulting from several causes:

» External forces directly acting upon the proof masses coupled by interplanetary magnetic fields (e.g.
Lorentz force)

* Forces induced by time varying local fields (gravity, magnetic (gradient))
* Forces directly resulting from the electrostatic actuators of the drag free control loop

* Forces resulting from gradients of magnetic and gravity fields bound to the spacecraft and relative
motion between spacecraft and proof mass

The key element governing the acceleration noise budget is the drag free control loop. It shields the proof
masses from most external forces acting upon the spacecraft, specifically from time varying radiation pres-
sure originating from the sun. The control loop uses the FEP thrusters to control spacecraft position and atti-
tude such that the proof masses remain centred in their cages and the telescopes remain pointed to the two
other spacecraft of the formation. Since the 6 degrees of freedom of spacecraft position and orientation are
not sufficient to achieve the control objective for two proof-masses and two telescopes other actuators addi-
tional actuators are employed. Specifically the pointing angle between the telescopes can be controlled and
electro-static actuators are employed to impose forces and torque to the proof masses. The design of the
control loop is constrained by stability considerations arising from static forces and "spring constants" acting
on the proof masses (resulting from field-strength and field-strength gradient of magnetic and gravitational
fields). Aim of the control loop optimisation is the minimisation of forces in the measurement bandwidth aris-
ing from electrostatic actuator action or resulting from relative motion of the proof-masses with respect to
the field gradients coupled to the spacecraft.

The two aspects of LISA performance (path length measurement error and acceleration noise) are discussed
and budgeted in the following two chapters. Compensation of phase and clock noise as well as accounting for
relative motion of spacecraft versus proof masses is essential to measurement performance. The section on
the path length measurement error includes therefore also the description of the measurement setup and
processing strategy addressing these aspects.
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5.1.3.2 Pathlength Difference Measurement

The basic measurement configuration of the LISA system is specified in [Ref. 1] and [Ref. 2]. One Michelson
Interferometer is implemented using the payload of 3 spacecraft. The interferometer setup using spacecraft 2
as centre node and spacecraft 1 and tree as edges of the two arms is shown in Figure 5.1-4.

Bench A Spacecraft 3 Spacecraft 1 / Bench B

Los L1z

Bench A

Main Detector A

Ancillary Detector A

Spacecraft 2

Figure 5.1-4:  Lisa Measurement Setup

Since the formation is an equilateral triangle and all spacecraft are identical 2 equivalent setups can be
formed by cyclical permutation. However only 2 simultaneously derived results provide independent informa-
tion on the gravitational wave.

TX/RX units assembled on individual optical benches are used on the ends of the interferometer arms. Each
spacecraft house two of such units. Each unit contains:

¢ an individual transmitter laser

* a phase modulator to create sidebands on the transmitted laser beam used to convey information on
the local clock (and for data exchange between the spacecraft)

e anindividual proof-mass (with electrostatic sensors and actuators, used by the drag-free control),
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* a main detector where the interference signal of the received light and a fraction of the light from the
local transmission laser is converted to an electrical signal containing the beat note of the carriers and
the modulation sidebands
(actually the main detector signal is the sum of four quadrant signals of a segmented detector)

* asecondary detector where a heterodyne signal between the two transmitter lasers on board the same
spacecraft is generated

* ancillary functions supporting pointing and beam alignment; including quadrant channels of main
detector for measurement of wavefront tilt

* areference cavity which may be used for stabilising the transmitter laser

The optical signal path is selected such that changes in the distance between the proof masses of an interfer-
ometer arm is represented as phase change on the main detectors. Due to the long roundtrip time of about
32s relative motion of the optical bench versus the floating proof mass is visible in the main detector signals.
Therefore the light path associated with the secondary detector contains a reflection on the backward sur-
face of the proof mass such that an interferometer is formed measuring the motion of the optical bench rela-
tive to the proof mass. This information can be used for correcting the spacecraft relative motion effect on
the main interferometer. On all detectors light from different laser sources is superimposed. Hence all inter-
ferometer signals are heterodyne signals with beat frequencies not necessarily close to zero, even when no
significant Doppler shift is involved in the respective light path. The strategy to obtain reasonable frequencies
of the detector signals is to use one laser in the configuration as reference and lock the other lasers directly
or indirectly to this master laser. The master laser itself is stabilised by a control loop using the above men-
tioned cavity. The ancillary detectors serve aside from their function in the backside interferometers as
means to establish a phase relation between the two lasers in the same spacecraft. By using offset locking
between the different lasers the frequency of the beat signals can be conveniently controlled. However at
some detectors a beat frequency as high as the maximum one way Doppler shift between any two spacecraft
is unavoidable (about a1 MHz per 1 m/s relative velocity). Handling high frequencies at the input of the phase
measurement devices requires appropriately accurate reference clocks.

The desired data product from the described configuration is the armlength difference L,5-L;, which should
be representative in the measurement bandwidth 10% Hz to 107" Hz. It is needed from two of the three possi-
ble interferometer configurations in the triangular formation. The main problem in determining this quantities
from the measured detector signals is the large phase noise on the laser signals and on the local clock signals
which dominate the wanted measurement signal by orders of magnitude.

The pre-phase A design has adopted cancellation techniques for both noise types.

The phase noise cancellation technique follows G. Giamperi [Ref. 18]. It operates in the frequency domain
(Fourier transform of the time series from the detector). Essentially instead of L,5(f) - L,(f) the system is
solved for L,3(f) - Y(f)L12(f) where 7(f) is a known complex valued function depending on system geometry with
an absolute value close to 1. This particular linear combination can be shown to be independent of the laser
noise with perfectly known system geometry. When the absolute values of the interferometer arm length dif-
ference is only approximately known the residual amplitude error is proportional to the laser phase noise
amplitude and (at least at sufficiently low frequencies) proportional to the error in knowledge of the absolute
armlength difference. At low frequencies the residual error follows a 1/f characteristic.

The clock noise compensation is a derivative of the method described in [Ref. 19] by Hellings and Giamperi. (It
differs in the method of generation of the clock synchronisation signal.) Basically a high frequency signal
(200 MHz) synchronised to the local reference clock is modulated on each transmitted laser beam and
demodulated at each main detector. The demodulated signals allow referencing of the local clocks (one per
spacecraft) to exactly monitored delay lines established by the precisely measured path delay on the interfer-
ometer arms. The achievable clock noise (at modulation frequency level) after correction is proportional to
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the shot noise on the ancillary carrier. As the fraction of this noise relevant to the LISA measurement is deter-
mined by he ratio of the beat signal frequencies to the ancillary modulation frequency, a sufficient low cor-
rected clock noise can be achieved for nominal detector signals with frequencies small compared to the
modulation frequencies. Generally the residual effect of the clock noise should be negligible when the fre-
quency ratio can be made large compared to the power ratio of laser carrier and used modulation side-band.

Formal description of the measurement setup.

The setup given in Figure 5.1-4 can be reduced to a formal diagram identifying the relevant optical paths and
phase relationships as shown in Figure 5.1-5 for spacecraft number 2.

pa1(t) pa2(t)
mod mod
pi1 () pi2(t)
L12=Lo4 B2
A1 B2
N 32 2*(-3g2+pB2
dem -
S S
2a 2b Soc e
Sof dem S2e S2d
Log=L32
B3 A2
. A2
383 da2 2*(-3p2+pa2)
pia(t) pi2(t)
mod mod
pa3(t) paz(t)

Figure 5.1-5:  Lisa Measurement Setup Parameter Diagram

The optical components needed for changing polarisation as needed for the TX/RX beam splitting are not
shown. Their effect is included in the relevant optical pathlengths; pathlengths variations are assumed negligi-
ble in the measurement bandwidth.

Figure: 5.1.3-2 identifies the 6 possible phase measurements per space craft

S9a beat note of optical carriers in spacecraft 2 for link S/C 1to S/C 2

S2p beat note of optical carrier in spacecraft 2 with upper modulation sideband of
received signal for link S/C 1t0 S/C 2

Soc beat note of backside interferometer with measurement path via proof mass A2

Sog beat note of backside interferometer with measurement path via proof mass B2

Soe beat note of optical carrier in spacecraft 2 with upper modulation sideband of

received signal for link S/C 3t0o S/C 2
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s2f

beat note of optical carriers in spacecraft 2 for link S/C 3to S/C 2

The unknown quantities are:

Laser and Clock phase functions
(referenced to the nominal master signals optical respectively USO)

P2

Pi2

P2

phase function of laser associated with proof-mass B2 (reference point is polarising
beam splitter in front of proof-mass B2)

clock phase function (S/C 2) as modulated onto optical carrier, i.e. as represented
by difference of carrier and sub-carrier phase (reference point is polarising beam
splitter in front of proof-mass B2, however differences other than a constant phase
are not assumed when the modulation is observed at polarising beam splitter in
front of proof-mass A2)

phase function of laser associated with proof-mass A2 (reference point is polarising
beam splitter in front of proof-mass A2)

Optical Path-lengths

Pg2

Kp2

&

Paz

Ka2

distance between the proof-masses A1 and B2 which is the interferometer arm
lengths S/C 1to S/C 2,

distance between polarising beam splitter in front of proof-mass B2 and proof-mass
B2 (part of optical path from S/C 1to S/C 2)

distance between polarising beam splitter in front of proof-mass A1 and proof-mass
A1 (part of optical path from S/C 2to S/C 1)

difference in distance from the front surface of the proof mass B2 to the main beam
splitter and the distance from the backside of the proof-mass to the ancillary beam
splitter; this quantity is assumed to be constant as depends only on mechanical
dimensions of proof-mass and optical bench

phase difference between pg, and the optical phase of the B2 transmitter laser
observed at the ancillary beam splitter; this quantity is assumed to be constant as it
depends only on mechanical dimensions of the optical bench

optical path-length of the fibre path between the two ancillary beam splitters; both
directions are assumed to exhibit identical optical pathlength (neglected dispersion
and polarisation dependency effects)

distance between the proof-masses B3 and A2 which is the interferometer arm
lengths S/C3to S/C 2,

distance between polarising beam splitter in front of proof-mass A2 and proof-mass
A2 (part of optical path from S/C 3to S/C 2)

distance between polarising beam splitter in front of proof-mass B3 and proof-mass
B3 (part of optical path from S/C 2to S/C 3)

difference in distance from the front surface of the proof mass A2 to the main beam
splitter and the distance from the backside of the proof-mass to the ancillary beam
splitter; this quantity is assumed to be constant as depends only on mechanical
dimensions of proof-mass and optical bench

phase difference between p,, and the optical phase of the A2 transmitter laser
observed at the ancillary beam splitter; this quantity is assumed to be constant as it
depends only on mechanical dimensions of the optical bench

For the purpose of the LISA measurement changes in the quantities describing optical pathlengths are rele-
vant in the picometer scale while the effect of the same quantities in terms of delay as relevant for the meas-
urement of the phase noises is only noticeable in the meter scale. Therefore the equations describing the
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measurement setup will be formulated in terms of difference quantities ALy, ALy3, Adgy, Adp 1, Adpg, Adgs,
de2, referring to some arbitrary starting value and of estimates of the absolute quantities as needed for the
phase noise cancellation. l.e. AL, shall be the unknown variation of the interferometer arm length S/C 1 to
S/C 2 (relevant in picometer scale) while Ly, is the estimate of the absolute value (relevant in meter scale).

The resulting LISA equations for S/C 2 are given below (Eq. ). The equivalent equations for the measurements
on the spacecraft 1 and 3 can be derived by cyclic permutation of the indices and assuming identity of L,5/
|_32 and L12/L21.

Equations for S/C 2 Measurements in time domain

205 5,004y o008 280,020,080, (1= 20| (1= 200

C

2 '(Ale(t)+A5m(t)—A5A1(I—L‘27(t)))—pA,(t—L”T(l))+pm(t)+(l +O£2”)-p12(t)—p”(t—l“27(l))

P

]

2b: 5, (t)=m,, (1) + .

2¢: 5,,(1)=m (1) + ay, 'pzz(’)"'%'(Agz(l)_2A6ﬁ2(t)+ngz(l))_(l7m(t_ 825))+KA2)+(1732(I) + Ksz)

2d: s,,()=n,(t)+a,, p12(t)+277['(Agz(t)_ZASAZ(I)+2pA2(Z))_(pBZ(t_ngm)+KBZ)+(pA2([)+KAZ)

2e: 5,,(1)= nze(t)"'zf'(Al‘zz(t)"'A&;z(t)_ A533(l_M)J_Pm(t_l‘ni(l))"'l’m(t)_" (] +062f)'p,2(t) _Plz(l_LBT(t))

c Cc

2 5 0=, 0 o)+ 25 800+ 88,088,120 )| (1 20 )0

c

In (Eq. ) ny, to Ny is the shot noise associated with the respective measurements. These noise can assumed
to be white in the frequency range of interest. The factors a,, to a,s are the fraction of the USO phase noise at
modulation frequency to be applicable for the respective phase measurement. This factor is given by the fre-
quency ratio of the beat note at the detector compared to the modulation frequency of the ancillary modula-
tion. The sign depends on which of the two mixed laser frequencies is larger. These factors are treated like the
estimate of the absolute am lengths.

The Fourier transform of equations (Eq. ) is given in (Eq. 5.1-2) under the simplifying assumption that the time
dependency of Ly,(t), Lo3(t), L13(t) can be neglected. This simplification is equivalent to assuming that the var-
iations of arm lengths and Doppler frequency although significant for the phase of the beat signal are suffi-
ciently small to be ignored in the domain of the phase variations considered as a modulation on the light
signal (laser phase noise, phase modulation due to relative proof mass motion). This slow phase variations
can be considered as processed representing a wAvelength very large compared to the arm length variations
in question. Similarly the o, are considered constant which assumes negligible Doppler variations. The result-
ing set of equations is for each given frequency linear with respect to the unknowns.
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Equations for S/C 2 Measurements in frequency domain
(transforms of constant values omitted

2a: 5,,(f)=m,(f)+ e, 'plz(f)+7'[AL12(]C)+A532(f)— A5A1(f)~e_j2”f:J— pAl(f).e_jz"f% + Py (f)

) L,
—jonf 2
c

2b: szh(f)anh(f)"‘zf'(Alqz(f)+A532(f)_A‘SAl(f)'e_v ;J_pm(f)'e '”z+pBZ(f)+(1+062a)~p,z(f)—p“(f)~e

26t 5, ()= m ()40 palF)+ 5 (86,(1)=288,(N) = P £)e T+ ()
2d: SZd(f) = "Zd(f) T, Plz(f) + 27” ) (Agz(f) - 2A6A2(f)) - pRZ(f) : eiﬂnf% + PAz(f)

L.
-2 ==
c

2e: sze(f)znzg(f)+2/{r-[ALQ3(_f)+A5A2(f)—A533(f)-e'/Z”L:)—pm(f)-e' T"'pAz(f)"'(1""0‘2/)'p/z(f)_pm(f)'e

L.
—jom =R

2 s2f<f>=n2f<f)+a2f»p,2<f>+zj(Az%(f)+A6A2<f>—A6m(f>~efz’”'?)—p,gz(f)-e “+palf)
(EQ 5.1-2)

The measurement equations in Fourier representation from all 3 spacecraft of the Lisa configuration can be
combined in several ways to form linear equation systems that can be solved for armlength differences repre-
senting the desired measurement result. Solution is performed separately and independently for every fre-
quency bin in the interesting frequency range.

Equation systems describing the measurement setups

With the three spacecraft two measurement setups can be formed:
* a closed ring configuration in which all links are supposed to be operational
* a fall-back configuration in which one arm can not be used due to failure of a laser link.

In the closed ring configuration the desired measurement result is set of two armlength differences, i.e.
(AL, - AlL,3) and (AL,3 - AL¢3) while in the fall-back configuration only one armlength difference is deter-
mined (three possible variations depending on the arm with the unused or defective link).

The phase noise compensation technique as described in [Ref. 18] and the clock noise compensation as
described in [Ref. 19] operate in Fourier space. The equations for the (transformed) phase measurements
(Eg. 5.1-2) form a linear equation system with complex frequency depending coefficients which has to be
solved for the desired armlength differences.

Fall-back configuration equation system

In the fall-back system only measurements not depending on the light of one of the two lasers operating on
the arm with the failed link can be used. In case of a defective arm from S/C 1 to S/C 3 the usable detector
equations are: le, 1f, 2a, 2b, 2c, 2d, 2e, 2f, 3a, 3b

The set of unknowns consists of AAL123, AL12, ALZS’ Pi1s Pi2s Pias A6A1, ASAZ! ASBZ’ ASBs, Agz, Pa1> Pa2; PR2s
pgs- It is clear that on the two side spacecraft the backside interferometer is not operational, hence no infor-
mation on the relative movement of the proof-masses can be retrieved (i.e. on Ad,;, Adgs). However as it will
be demonstrated formally below by examination of the Null space of the equation system this does not affect
the ability to solve for the arm length difference. Relative motion of spacecraft versus proof mass affects the
armlength measurement due to the round trip delay time: The position of the polarising beam splitter (relative
to the proof mass) is the reference point for the phase measurement, it may change during the roundtrip time
causing an measurement error. On the side spacecraft however, phase measurement serves only for relating
the instantaneous phase of the outgoing beam to that of the incoming beam. Here any change of the beam
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splitter position is compensated because length changes on the reception path correspond to the same
length changes on the transmission path but with opposite sign. This is different for the centre spacecraft as
the distance of beam splitter versus proof mass on the transmit path corresponds do the same distance on
the receive path at a different instance in time.

From the 10 equations describing possible phase measurements in the fall-back configuration (i.e. disregard-
ing all measurements involving the unused link) only 9 are linear independent. The USO noise is over-deter-
mined by 1e, 2b, 2e, 3b. Dropping any one of this four measurements results in a non contradicting set.

An additional equation has to be added to define the desired result AAL,5 which is the armlength difference.
This results in 10 linear independent equations for 15 unknown quantities. This can be written in the form
(one equation system per each frequency bin)

z 2
M- =58 (EQ 5.1-3)
where
M is the matrix (15* 10 for fall-back solution) of complex coefficients applicable at the
actual frequency bin
S is the vector of unknowns (length = 15 for fall-back solution)
S is the vector of Fourier transformed phase measurements at the actual frequency

A unique solution for all unknowns does not exists. An infinite set of solution vectors is compatible with the
same measurement input. The structure of the space of solutions is described by the Null space of matrix M.

The general form of the solution is:

n
> 2 >
& =2Co+ ) Bi-& (EQ 5.1-4)

j=1

where

o an arbitrary solution of the inhomogeneous system (Eq. 5.1-3)
In the practical measurement problem this can easily be determined by standard
numerical algorithms to solve linear equations, such as Gauss elimination. The unde-
termined variables are simply set to zero.

§j vectors of the Null space of matrix M

Bj arbitrary complex numbers

n number of vectors in the Null space (5 for fall back solution)

In useful measurement setup the solution for AAL,3 must not depend on the arbitrarily selectable BJ- which is
equivalent to requiring that in all ﬁj the element corresponding to AAL 4,5 is zero. In this case desired meas-
urement result is uniquely defined by the measured phase values. However some or all of the other unknowns
can not be determined unambiguously. For the most obvious definition of AAL,3, i.e. AAL{p3=(AL5 - AL,3)
the resulting equation system lacks the above mentioned property, i.e. a solution is not unambiguously deter-
mined by the vector of measurements.
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Essentially the laser phase noise cancellation scheme introduced in [Ref. 18] solves this problem by determin-
ing AAL,3=(AL ¢, - Y*AL,3) where g is a factor depending on frequency and known system geometry deter-
mined such that a unique solution for AAL{,3. For low frequencies and LISA system geometry vy is a complex
number close to (1.+0j). The definition which yields the uniqueness requirement with the equation system
used here is:

27 (L3 -Ly2) 27if-L,,
e c (e ¢ — 1]
AAL123 = Ale - ' A1’23 (EQ 51_5)

27 Lo,

The resulting equation system have been analysed using a formula manipulation program. The Null space has
been determined as:

Table 5.1-1: Null Space of Fall back Configuration Equation System
&1 S | & | &4 Cs Unknown
1 0 0 0 0 Pp3
0 1 0 0 0 P2
0 0 1 0 0 PA2
0 0 0 1 0 PA1
0 0 0 0 1 Adp3* 21/
1 0 0 -1 1 Adp1* 21/\
2 -1 -1 0 2 Aey* 21/ A
1 -1 0 0 1 Adg,* 21/\
1 0 -1 0 1 Adpr* 21/
0 0 0 0 0 pi3
0 0 0 0 0 piy
0 0 0 0 0 piy
—2mif Ly | O 0 0 | -2mif-Ly, | Alyz* 2m/A
e °© e °©
—2mif-Ly, | O 0 0 —2mif- Ly, | ALyp* 2m/A
e c e c
0 0 0 0 0 AALp3* 2m/A

This demonstrates that AAL,3 is indeed uniquely determined while ambiguous solutions exist for AL, and
AL,3. When examining the vectors of the Null space it becomes apparent that the main source of ambiguity is
that laser phase-noise (p,,), proof-mass relative motion (Ad,,) and effective length of the coupling fibre (Ag,)
have indistinguishable effects. This is a specific feature of the layout of the backside interferometer following
[Ref. 8]. It is characterised by routing the light from the laser associated with a proof-mass via the backside of
that proof-mass and then interfere with the light of the other laser on the same spacecraft which has not
been reflected at any proof mass. Using the proof-masses over cross would for example not lead to an equa-
tion system with unique solution for AAL 3.
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The above given results have been obtained assuming that the absolute optical length €, of the fibre is insig-

- . . —2nif e, |
nificant to the phase noise of the lasers as observed by the detectors at either end. l.e. ch “ s assumed
e

to be exactly 1. This is only then an acceptable assumption when the difference between the correct number
and "1" is small compared to the ratio of shot noise induced phase measurement error and laser phase noise.
With an arbitrary length fibre a unique solution for AAL4,3 or a similar linear combination has not been iden-
tified.

Nominal configuration equation system

Similar to the fall back solution equation system an equation system for the complete configuration can be
established. The equations for the 18 detector signals contain 4 linear dependent left sides. This is due to the
over determination of USO noise by equation 1b, 1e, 2b, 2e, 3b, 3e only 3 of which are needed for an unam-
biguous determination of the USO noises. Dropping for example the "b" equations leads to a valid set. In a
practical implementation the remaining three measurement values can be utilised to improve the USO phase
estimate in the presence of measurement noise. Aside from selecting only 3 of the 6 USO equations it is also
necessary to drop one of the 6 backside interferometer equations 1c, 1d, 2c, 2d, 3¢, 3d. The unused meas-
urement has to be on the spacecraft not used as vertex of one of the two armlength differences, i.e. with
AAL 4,3 and AAL,34 as differences to be determined 1c or 1d must be selected. The remaining backside inter-
ferometer measurement on that spacecraft does not lead to a contradiction in the equation system, but it is
also not required to determine the armlength differences and therefore it can also be omitted. (Using all 6
equations is equivalent to try to synchronise all lasers to each other in a ring structure. Dropping one equa-
tion cuts the ring to a chain synchronised to the master. The information coming from the backside interfer-
ometer is not required on the wing spacecraft for the same reason as in the fall back configuration, allowing
to drop the mentioned fifth equation as well. The fibre connection associated with the two unused detectors
is then also not needed allowing to remove the change of fibre optical pathlength Ae, from the list of
unknowns.)

Together with the defining equations for AAL,3 and AAL,34 this considerations lead to a system of 15 equa-
tionS with 22 UnknOWnS (AAL~|23, AAL231, AL12, AL237 AL13, pi17 pi27 pi3’ A8A1, A881, A6A2, ASBZ’ Agz, A8A3,
Adg3, A3, Pa1, PR1» PA2: PR2: PA3s Pp3)- The defining equations for AAL4,3, AAL,3, are

27 (L23-L12) 27f L,
e ¢ {e ¢ —1)

AAL, =AL, - [ 2mi Ly, AL,
e - 1)

¢

27if(L13-L23) 27if Loy
e ¢ {e ¢ —1)
-AL,

AALy;, = ALy, - ( 2mf Ly, 13
e - 1)

(EQ 5.1-6)

¢

Again the Null space has been determined, this time however using numerical methods instead of symbolical
calculations because of the complexity of the involved expressions. For representative geometry at frequency
1mHz the vectors of the Null space are given below.
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Table 5.1-2: Null Space of Nominal Configuration Equation System
(absolute values of numerical solution at 1mHz)
111 1E21 1&51 A 1851 I 1&71 Unknown
1 0 0 0 0 0 0 PR3
0 1 0 0 0 0 0 PA3
0 0 1 0 0 0 0 Pg2
0 0 0 1 0 0 0 PA2
0 0 0 0 1 0 0 PR1
0 0 0 0 0 1 0 PA1
0 0 0 0 0 0 1 Aej
0.5 0.5 3.93E-17 0 0 2.64E-19 0.5 Adgs
0.5 0.5 1.39E-17 0 0 2.64E-19 0.5 Adp3
1 1 1 1 0 3.93E-18 1 Ae,
0.5 0.5 1 0 0 1.88E-18 0.5 Adg,
0.5 0.5 1.12E-16 1 0 1.88E-18 0.5 Adp,
0.5 0.5 2.78E-17 0 1 3.72E-19 0.5 Adg;
1.11E-16 1 0 0 0 1 0 Adp 1
2.22E-16 | 2.18E-16 0 0 0 1.45E-17 | 2.22E-16 pi3
2.22E-16 | 9.27E-16 | 8.88E-16 0 0 1.45E-17 | 2.22E-16 piy
4.44E-16 | 1.00E-15 | 8.88E-16 0 0 1.45E-17 | 4.44E-16 piy
0.056 0.056 | 5.72E-17 0 0 7.41E-19 0.056 AlLy3
0.054 0.054 1.24E-16 0 0 7.74E-19 0.054 Aljy3
0.053 0.053 1.73E-18 0 0 2.82E-20 | 0.053 ALy,
4.20E-17 | 3.85E-17 | 1.79E-17 0 0 2.02E-19 | 4.51E-17 | AAL,3q
6.19E-19 | 5.04E-17 0 0 0 7.61E-19 0 AAL 455

The vectors are normalised to their largest element. Hence the absolute values below 1071 effectively repre-
sent zero. The null space has essentially a similar structure to that of the fall back configuration.

* unambiguous solutions for AAL 53, AAL,3; exist

* ambiguities exist between laser phase noises and various variables describing relative position between
S/C and proof masses or fibre delays

e USO phases are unambiguously defined

Again the restriction applies that the effective path-delay in the optical fibres must be negligible in the sense
described above for the fall back configuration.

If the only relevant cause of armlength changes in the interesting frequency range where gravitational waves
a relation between the three armlengths variations could be established. Introduction of such a condition e.g.
ALy, + ALy3 + AL3 = 0 for a setup in form of an equilateral triangle reduces the Null space from seven to 6
vectors and allows unambiguous solution for ALy, AL,3, AL43. It is not longer necessary to solve for the lin-
ear combinations AAL,3, AAL,3; to get an unambiguous solution, i.e. to cancel the phase noise. However
length variations due to spacecraft relative motion do not obey the relations between the arm-lengths as
derived from gravitational wave properties. Introduction of properties of gravitational waves into the equation
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system is therefore only permissible for frequency intervals in which the motion introduced spectral compo-
nents of the armlength variation are negligible. However assimilation of the data to gravitational wave ampli-
tudes is probably better left to a post-processing step where more observations can be combined and
interfering effects can be calibrated out than it is possible on basis of a single observation.

Numerical condition of the equation system

The numerical condition of the equation systems has been analysed using singular decomposition. The ratio
of the largest to the smallest singular value sometimes referred to as condition number is about 10. for both
configurations. This indicates that very little problems with the accuracy of numerical solutions are to be
expected.

Sensitivity to phase measurement noise

The determination of one solution of the equation system as it may be obtained by a variety of numerical
methods may also be expressed as matrix operation.

= >
& =R-s (EQ 5.1-7)

As described above & is only one arbitrary selected solution off the equation system but the vector compo-
nent representing the result variable(s) are unambiguous.

If the desired result variable is the ith component of &, the standard deviation o; resulting from the standard
deviations of the phase measurements s; can be calculated as

o, = JZ(R”'StdeV(SJ’))z (EQ 5.1-8)
J

Phase measurements in the LISA measurement setup are performed on heterodyne signals resulting from
beating of two laser beams on a photodiode. Shot noise limited heterodyne detection is approximated when
receiving the weak signals on the inter satellite links. In this detection mode the local oscillator (LO) intensity
is increased until the shot-noise of the LO signal renders technical noise from the electrical pre-amplifiers
insignificant. As the amplitude of the beat signal in terms of detector current increases proportional to the
electric field amplitude of both received signal and LO and the shot noise in the detector signal (in terms of
current rms fluctuation) increases also proportional to the electric field amplitude an operating point can be
reached where noise sources other than the quantisation of the received signal (i.e. the weaker of the two
heterodyned light signals) can be neglected. The electrical signal exhibits in this case a carrier to noise den-
sity C/N, ideally identical to the photon rate (in terms of photons per second) of the received signal incident
at the detector. Practically however this figure is reduced by imperfect matching of LO and received signal
wavefront (accounted for in terms of modulation efficiency my,; typical value in the order of 0.9) and by a
detector quantum efficiency ny smaller than 1 (typical value in the range 0.7 to 0.8). An ideal phase measure-
ment on a sinusoidal signal with a given carrier to noise density results in a (phase) measurement noise of
No/C =Ne [in terms of radz/Hz]. Hence the phase noise is inverse proportional to the power of the received
light signal

In the LISA setup three different types of beat signals are measured:

* main link detector signals (S1,,51:522:52#532,53f)
resulting from beating the carrier of the received signal with a fraction of the transmitter signal used as
LO. The phase noise N4, determined by the power of the received carrier signal on the inter satellite
should ideally constitute the largest part of the random measurement error.

* ancillary carrier detector signals (S1¢,59¢,53¢)
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resulting from beating an USO synchronized subcarrier carrier of the received signal with a fraction of
the transmitter signal used as LO.

The power of the subcarrier is a comparatively small fraction of the main carrier power. Nominally a
fraction of 10% is foreseen. Consequently a factor of v 10 increased rms phase noise must be expected.

* backside interferometer signals (S5¢,524,53¢:534)
resulting from beating fractions of the two transmitter signals on a spacecraft on the detectors of the
backside interferometer setup.
The backside interferometers have not the typical setup of an shotnoise limited heterodyne detector
with a dominating LO signal and a received signal of considerably lower power. Instead two beams of
about the same power (order of 100uW) are used. This will not necessarily lead to a shot noise limited
operation but this is by far not necessary in view of the high photon count available. However consider-
ing the high phase noise of the laser signals, the dynamic range of the phase detectors will not allow to
utilize a very largely improved analog input signal to its full extent without adaptation in the phase
meter electronic. In the following discussion on noise sensitivity therefore a moderate improvement of
only 20dB lower phase noise for this signals as compared to the main link signals has been assumed.

Table 5.1-3: Sensitivity of measured arm length differences from measurement phase noise
(arm length differences expressed in units of A/2m)
0.1mHz 1mHz 5mHz 10mHz
Sl | &k | &= | &= | &= | &= | &= | &= | incident
Signal & 2 & 2 & 2 & 2 Noise
3 | 3 |3 |3 |3 |3 |3 |3|"ow
S1a 0. 0.491 0 0.491 0. 0.510 0. 0.578 |Nmain
S1e 0.014 0.027 0.014 0.028 0.023 0.038 0.336 0.341 [10*Nain
S1f 0.486 0.027 0.486 0.028 0.495 0.038 0.912 0.341  |Nmain
S22 0.500 0. 0.501 0 0.518 0. 0.581 0. Nmain
So¢c 0.005 0. 0.053 0 0.264 0. 0.509 0. 0.01*Nain
Sod 0.005 0. 0.053 0 0.264 0. 0.509 0. 0.01*Nain
S2e 0.011 0.015 0.012 0.016 0.025 0.025 0.326 0.355 |10*Npain
Sof 0.502 0.485 0.503 0.485 0.524 0.494 0.577 0.931 |Nmain
S3a 0.490 0.500 0.491 0.501 0.509 0.519 0.575 0.585 [Nmain
S3c 0. 0.005 0 0.054 0. 0.269 0. 0.518 [0.01*Npain
S3q 0. 0.005 0 0.054 0. 0.269 0. 0.518 [0.01*Npain
S3e 0.026 0.015 0.026 0.015 0.036 0.028 0.322 0.345 [10*Nain
S3f 0.026 0.506 0.027 0.506 0.036 0.529 0.322 0.595 [Nmain
Total (rms):| 0.99 1.00 1.00 1.00 1.04 1.04 2.27 2.37  |Nmain

Table 5.1-3 shows the sensitivity of the estimate of the armlengths differences to measurement phase noise.
The column "Signal" identifies the measured signal following the convention of Figure 5.1-5. The column "Inci-
dent Noise Power" specifies the applicable measurement noise in terms multiples of the main link phase
noise [radz/Hz]. The other columns show the factors R;; as for (Eq. 5.1-8) for both result variables AAL;; and
AAL,5 at different frequencies (0.1mHz, 1mHz, 5mHz and 10mHz).
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Relative large differences between armlengths (order 10%) have been assumed for the calculation to demon-
strate the range of variability of sensitivity factors due to geometry. In a perfect symmetrical configuration the
factors associated with measurements on the two contributing arms are identical.

The following can be observed

The factors associated with the main link detector signals (orange shading) are for frequencies below
5mHz approximately independent of frequency and are close to the expectable value of 0.5. Deviations
result from armlength differences in combination with the phase noise compensation scheme.

The factors associated with the backside interferometer signals are approximately linearly increasing
with frequency. However the magnitude of the factors seen in combination with the applicable meas-
urement noise shows that the contribution to the total measurement error is always negligible in the
measurement frequency range.

The factors associated with ancillary carrier detector signals are only weekly frequency dependent (fac-
tor 2 over the interval 0.1mHz to 5 mHz). The are well below the factors associated with the main link
detector signals (<1/20) which is needed to allow for the higher phase noise associated with the ancil-
lary phase measurement. These factors depend linearly from the ratio of main detector signal beat fre-
quency versus ancillary modulation frequency. The values in the table have been calculated assuming
ratios in the order of 1/40 which is compatible with a modulation frequency of 200MHz and beat sig-
nals in the 5SMHz range. Due to the use of the transmitter lasers as local oscillators on the receive chan-
nels the control of beat frequencies is restricted by the Doppler shift. In particular it is impossible to
generate beat notes on both detectors of an interferometer arm with frequencies below the 1 way Dop-
pler shift. At 1um wavelength an assumption of 5MHz main carrier beat frequency corresponds there-
fore to relative velocities of the two related spacecraft below or equal 5m/s. The sensitivity factors
shown in Table 5.1-3 lead to negligible contribution to the total measurement error in the frequency
range below 5mHz when considering the assumed phase measurement noise on the ancillary signals.
However considering the dependency on spacecraft relative motion maintaining of some margin is rea-
sonable.

Generally the calculated sensitivities are such that below 5mHz the expected simplified behaviour of
the LISA setup is closely met: In a simple interferometer system with active transponders at the edge
spacecraft without any ancillary measurements for phase noise compensation etc., the expectable rms
error in for the armlength difference should be 0.5 (A/271)* ¥4 V' N,,i, (Where the factor 0.5 results
from armlength difference being half as large as the optical pathlengths difference and the factor v'4
results from the four measurements entering with equal weight). The calculated values are within 4% of
this simple model in the frequency range below 5mHz.

A frequencies of 10 mHz and above the sensitivity factors are dominated by the extrema/poles result-
ing from the phase noise compensation scheme. With all interferometer arms at equal length of 5

10 km a pole would be expected at about 30 mHz. The calculated values show that the increase in
sensitivity to phase measurement noise is already significant at 10mHz (factor 2.3). l.e. one of the con-
sequences of implementing the phase noise cancellation scheme is a an increase of noise in the meas-
ured quantity (arm length difference) in the vicinity of frequencies determined by 1/(round-trip-delay)
and multiples thereof. For the use of the frequency band 10mHz to 100mHz a degeneration of the
measurement due to the combined effects of

-System response (Eq. 5.1-1)
(the frequencies of the error maxima are multiples of the 1-way propagation delay)

-Measurement error due laser phase noise (Eq. 5.1-11)
(the frequencies of the error maxima are multiples of the roundtrip delay)

-Measurement error due to shot noise (described above)

Report
No
Date

LISA - Final Technical Report
LI-RP-DS-009 Page 5-22
April 2000



LISA

(the frequencies of the error maxima are multiples of the roundtrip delay)
has to be accounted for.

Sensitivity of solutions to uncertainty of knowledge of absolute armlength

If the coefficients of the Matrix M in (Eq. 5.1-7) are only approximately known, such that instead of the correct
matrix M an approximation M + AM is used, an error A follows for the result vector &. The matrix AM is the
matrix of the errors in components of M.

(M+AM) (§+AE_,) =
M-§+M-AE_,+AM E
M-AE~_AM.E
A%Oz—R-AM-g

(EQ 5.1-9)

lnw/
Il
nv

For the unambiguous components of & the appropriate component of &, can be interpreted as the error in the
calculated measurement result originating from assuming a matrix which is wrong by AM.

The matrix M;; depends on only approximately known properties xi of the system such as the absolute arm-
lengths Ly, L23, L¢3, and the input frequency to modulation frequency ratios o.q,...0,3¢. Using the result from
(Eq. 5.1-9) the standard deviation of the armlength difference can be calculated from the magnitude of the
unknowns and the standard deviation of the parameters used for the establishment of the Matrix coefficients.
Note that the actual values of the unknowns are here treated as un-correlated random variables.

oM
(axj stdev(x; )) j (EQ 5.1-10)
AAL g = &4

2 2
stdev(AALqgg) = > 3 [Ny |- [§]
joi

This approach has been used to assess the sensitivity of the measurement results to uncertainties in the
above mentioned parameters. To test the credibility of the approach the numerical results have been com-
pared to the analytical results obtained by Giamperi [Ref. 18] for a simplified configuration. The analytical
expression for the sensitivity follows from equation 14a of the reference.

) 2 ) 4rif- Ly,
2 47f - - stdev(L 4Ly Amif-Liy c 1
stdev(TﬂALm):O.S- T Py stdev(L) || 70| E— (EQ 5.1-11)
¢ e ¢ -1

The factor 0.5 results from the fact that the Giamperi equation is expressed in terms of path length while here
the difference of arm lengths is used as result parameter.

With the nominal system geometry at 1mHz the following results where obtained:
stdev(AL 3 2t/A) = 2.079 107" [m™'] pj,ser Stdev(L) following (Eq. 5.1-10)
stdev(ALqp3 2/A) = 2.993 10711 [M'] p|yeer Stdev(L) following (Eq. 5.1-11)
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where stdev(L) stands for the uncertainty in armlength in a standard deviation sense and p,¢., for the phase
noise magnitude in rad /v Hz. The approximate factor of V2 between the analytical prediction an the numeri-
cal result is probably due to using only a single arm for phase noise estimation in the original Giamperi paper,
therefore a slight improvement when using both arms is not unreasonable. Typical laser phase noise at 1mHz
is about 10° rad /v Hz and the desired noise floor for stdev(AL 53 21/A) is about 8 107° rad /v Hz. To achieve
this highly accurate determination of armlength (or differential armlength) is required (in the low meter
range).

Impact of laser phase noise

To achieve reasonable suppression of laser phase noise joint optimisation of the system elements is needed.
* the laser transmitter (phase noise properties)
¢ the main detector phase meter
¢ the arm length estimation procedure

Laser frequency noise is typically close to 1/f characteristics in the measurement frequency range. At fre-
quencies above 1Hz the noise characteristics depends on the employed control concept. With additional
effort, e.g. involving the use of an electro-optical modulator, the 1/f characteristics can be maintained until
the resulting phase noise falls below the main link shot noise threshold. With more conventional concepts a
flat plateau in therms of frequency noise exists above 1Hz until at several KHz the system behaves like a free
running laser again exhibiting an approximate 1/f characteristics. In Figure 5.1-6 resulting phase noise inten-
sity is shown for a transmitter laser system conforming to the assumptions given in LISA pre phase a report
[Ref. 1] and (based on LZH experience) for predicted laser performance with and without enhanced regulation
at frequencies above 1 Hz. At the frequencies in the measurement bandwidth the LZH figures are somewhat
above the pre phase A assumptions (106 rad/v'Hz versus 3 10* rad /v Hz both at 1mHz).

1.10

Laser Phase Noise

100000.

100.
green = pre phase A

0.1 black = PM2

0.0001

shot noise limit \

red = PM2 with phase modulator

Phase Noise in rad/Sqrt[Hz]

0.0001 0.01 1 100. 10000.
Frequency [Hz]

Figure 5.1-6:  Typical laser phase noise

As described in Chapter 5.1.3.1, the total measurement error of the LISA system is composed of a contribu-
tion resulting from unknown parasitic acceleration acting on the proof-masses and the measurement error of
the interferometer system. The measurement error itself results from phase measurement noise as discussed
in the previous section "Sensitivity to phase measurement noise", the residual error of the phase noise can-
cellation as discussed in the previous section and additional contributions resulting from pointing errors and
thermoelastic deformation of the optical setup. If the latter contributions are negligible the total error of the
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pathlength difference measurement has a typical behaviour as shown in Figure 5.1-7 (red curve). The error is
given in terms of effective phase measurement error. At low frequencies (below 2mHz) the total error is dom-
inated by acceleration effects (blue curve). Likewise at high frequencies the phase measurement noise
(mostly resulting from shot noise) dominates (horizontal plateau of the red curve). Depending on the accuracy
of the absolute pathlengths estimation the laser phase noise residual error may affect the total measurement
error in the transition region between acceleration error dominated frequency region and shot noise error
dominated frequency region. In Figure 5.1-7 the green curve for the residual error from laser phase noise has
been calculated for 20m rms estimation error of armlength and LZH laser phase noise characteristic.

0.0001

Pathlength Error rad/Sqrt[Hz]

from/laseriphase noise

110 red == total incl. shotnoise
black == requirement

from ategleration noise
-8 |

1.10

0.0001 0.001 0.01 0.1 1
Frequency [Hz]

Figure 5.1-7:  Effect of Laser Phase Noise to System Measurement Error
(large scale plot does not show all poles due do to plot resolution limits, see
inserted image for details)

This error contribution scales proportionally with the rms estimation error of the armlengths. With 20m esti-
mation accuracy there is just a small impact in the transition frequency region. The laser phase noise residual
error is entirely negligible for better armlength estimation accuracies and for inferior estimation accuracies it
becomes significant in the TmHz to 10mHz frequency interval. However the armlengths can be determined
from the nominal measurements itself. One method would be to minimise the effective noise power in the
corrected difference estimates by variation of the assumed armlengths. The most appropriate frequency
range for this operation would be above the transition region as there are more frequency bins available and
the noise floor from the shot noise can be assumed to be more stable than that from the acceleration as it is
created by a comparatively simple process. Within the frequency interval where the pathlength estimation is
performed a suppression of the residual phase noise level well below the shot noise level is reasonable,
because many frequency bins can be averaged (in terms of noise power) for this operation thus allowing
improved accuracy for the determination of noise power levels. In principle the accuracy of the mentioned
armlengths estimation procedure can be improved just by artificially adding a phase modulation on the laser
signal at some frequency above the scientifically relevant frequency range. The armlength estimation proce-
dure would than use this "artificially introduced laser phase noise".

The laser phase error is not perfectly compensated and therefore leads to an residual error that may affect a
particular frequency interval in the final measurement result. As shown above this leads however not to a
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direct requirement on laser phase noise because the quality of compensation depends first order on the
accuracy of the arm length estimation which has no obvious limit in the range of the required accuracies.
With the proposed technique the arm length estimation accuracy is even linked to the laser phase noise com-
pensation technique such that it provides sufficient accuracy for any laser phase noise. The requirements to
the transmitter laser phase noise characteristics are therefore not determined by first order effects (as they
are compensated by the phase noise cancellation) nor by first order effects of the cancellation procedure
itself (because its first order efficiency can be arbitrarily improved by the mentioned improving of arm length
estimation accuracy).

The next order effects that can limit the correction capability for large laser phase noises are
* Limited accuracy of the assumptions underlying the measurement equation system (Eq. 5.1-2)

* Limitation of phase meter measurement accuracy when subjected to phase noise many orders of mag-
nitude above the white shot noise

The most important simplification in the equation system in Fourier domain is the summation of a negligible
effect of arm length variations with respect to the calculation of the Fourier transform of a phase spectrum
after a round trip. When considering required armlength accuracies in the order of 20m rms relative velocities
between spacecraft of 5m/s and a time interval for a discrete Fourier transform of >10000s (to resolve to
0.1mHz) this is likely not sufficiently accurate. In the Fourier representation a time variation of the arm
lengths adds considerable complexity. In particular the transform of (Eq. ) will in general no longer result in a
linear equation system when L5, L3, L3, are considered to be time depending.

The following refinements could be considered

* implementing the special case of constant spacecraft relative motion (e.g. L{,=at+b)
(this leads to a still linear equation system in the Fourier domain, however different frequency bins are
now coupled)

* solve for the armlength difference in time domain
(the solution (Eqg. 5.1-7) has a time domain representation which can be obtained by inverse Fourier
transform; the AAL,5(t) can be represented as a sum of measured phase values s;(t) each convolved
with a function obtained by inverse Fourier transform of the frequency depending matrix coefficients
Rij(f) (assuming that AALp5(f) is the i-th component of the solution vector Eo(f); under the simplifying
assumptions of constant armlengths this represents a linear time invariant system linking the meas-
ured time series of phase values with the desired output variable; this could be generalised by consider-
ing time depending armlengths, which would lead to a linear time variant system)

Within this study no further investigations about refinement of the LISA equations in the above mentioned
sense have been performed. However it is likely that any desirable degree of accuracy in description of the
delay effects is obtainable but the required effort for solving the equations will increase when higher preci-
sion is needed. With the relative low data rate of the LISA experiment this may not constitute a problem if the
data evaluation including low level processing is performed on earth but it would be difficult to perform the
part of the processing that compensates for phase noise on board (which might be useful to save data volume
on the space to earth link). Nevertheless it is not assumed that the complications to data evaluation which
are caused by high laser phase noise establish a firm requirement for the tolerable laser phase noise.

The relation of the transmitter laser properties to the phase detector properties results from the necessity to
represent the phase of the received signal in the measurement bandwidth with an accuracy not inferior to the
shot noise limit. Neither intermodulation or clipping effects due to the large signal dynamic nor aliasing
effects resulting from representation in a discrete time series must introduce errors larger than the shot
noise. The normalisation to the shot noise results from the fact that the LISA link is dimensioned such that
length measurement error due to shot noise consumes most of the allowance in the measurement error
budget.
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When considering the transmitter laser performance using only thermal control (black curve in Figure 5.1-6),
the phase noise resulting from laser frequency noise in the measurement bandwidth (0.1mHz to 1Hz) is
198dB above the shot noise, which would require about 33 bit representation for a discretisation noise com-
parable with the shot noise. However this large dynamic is largely due to slow drifting of frequency, i.e. the
dynamic range increases with about 30dB for extending the measurement frequency range for a decade
towards lower frequencies. The 33bit dynamic in the measurement bandwidth is however not necessarily the
driver for data rate on the links or length of registers in the phase measurement devices. Simple encoding
techniques such as BAQ can be used to reduce data rate on links and software unwrapping of a phase meter
which uses a modulo n representation of its measured value can be used to reduce the required register size
in the phase meter. A representation comparable to 24bits per sampled value on links and phase registers is
likely sufficient as it represents approximately the dynamic range in a 0.01Hz to 1Hz intervals of the order
100s for unwrapping of modulo counters and block coding.

Therefore the dynamic range in the phase measurements resulting from laser phase noise as it is represented
in data rate and detector numerical resolution is also not a design driver.

More difficult is the avoidance of errors introduced by filtering and aliasing. The laser phase noise spectrum
exceeds the phase noise induced by shot noise on the main links over a frequency range much exceeding the
measurement frequency band. Referring to Figure 5.1-6 the phase noise of the envisaged laser (LZH) reaches
the shot noise limit on the main link at about 12 KHz (break even point). When an optical phase modulator is
included in the control loop the laser can achieve a break even point of about 200Hz. For the thermal control-
led laser the power of the laser phase noise in the frequency interval from the upper edge of the measure-
ment bandwidth (1Hz) to the break even point is about 83 dB above the main link shot noise level in the
measurement interval. It is not significantly lower (78dB) for the alternative laser with additional phase modu-
lator as the higher frequencies do not significantly contribute to the total noise power.

The importance to the phase detector design rises from the fact that a digital representation of the measured
phase at a low sampling rate is needed to maintain low data rates. Representation with 2 Hz sampling fre-
quency requires filtering of the out of band phase noise at the detector input such that aliasing products
within the measurement bandwidth are negligible compared to the in band shot noise level. A suppression of
about 90dB for frequencies above 1 Hz (with relaxing requirements at higher frequencies) is required. On the
other hand a precise control of the pass-band attenuation is needed: the relative amplitude error due to
uncertainty in pass band attenuation must be comparable to the ratio of in band laser phase noise to shot
noise induced phase noise. These demanding requirements are probably only feasible if numerical filtering is
applied. The primary digitalisation process is therefore to be performed at a considerably higher sampling
rate. Depending on the type of phase detector the digitalisation is either performed explicitly by an ADC sam-
pling the down converted detector signal (the phase detection is than numerically performed by various tech-
niques) or the digitalisation is implicit in the phase measurement principle such as for counter based
detectors evaluating the zero crossings of the detector signal in comparison to a reference signal. In any case
the effective sampling frequency should be selected (slightly) above the break even frequency to avoid alias-
ing in the first processing step without relying on (high performance) analog pre-filtering for the purpose of
laser phase noise rejection (some pre-filtering will nevertheless be required to avoid aliasing fro the shotnoise
itself).

Phase estimates are then generated at a comparatively large sampling rate (12 KHz or 200Hz for the modula-
tor controlled laser) and must be digitally filtered with an decimation filter meeting the filtering requirements
driven by the laser phase noise.

Laser development and detector development have to be seen as a joint effort where properties of both
equipment can be traded:

» effort on the laser to suppress out of band noise (above 1Hz) e.g. by employing an optical modulator
trades against internal sampling frequency in the detector equipment related to internal timing require-
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ments and numerical work load in the decimation filtering

o effort in the laser to suppress in band phase noise are related to the stability retirement of the in band
filter characteristics (in addition to the already mentioned impacts to dynamic range of the data repre-
sentation and the accuracy required for the interferometer arm length estimate

Laser Synchronisation

The properties of the LISA measurement equation system in nominal or fall-back configuration do not depend
on any assumption about the locking of the laser frequencies or USOs to each other. The only requirement is
to maintain the beat frequencies of the signals heterodyned at the various detectors within an acceptable fre-
quency range. The allowable frequency range is determined by the capability of the USO phase noise compen-
sation scheme which is reflected in the sensitivity of the measurement result to the noise on the s4q, Soe, S3e
signals (see discussion of Table 5.1-3). With the baseline design the beat signal frequencies should be below
10 MHz (except for the modulation signal). This condition is not achievable with lasers individually locked to
their reference cavities. Hence some form of (offset) locking of all employed lasers to a single reference is
required while no explicit locking of USOs is needed.

If the lasers are named according to their optical bench (see Figure 5.1-4) a typical chain of synchronisation
is:

A2—> B3—>A3; A2—>Bz—>A 1 ->B 15

where A, is the master laser synchronised to its cavity and "x->y" means laser y is offset locked to laser x.
Whenever the lasers locked to each other are not on the same spacecraft an inter satellite link is used. There-
fore the frequency of both lasers differ not only due to the deliberately introduced offset but also due to the
Doppler shift. In general the frequency offsets are selected such that beat frequencies close to zero are
avoided and that the maximum beat frequency does not exceed the maximum allowable one-way Doppler
shift.

Introduction of frequency locking does not change the structure of the lisa equation system nor the magni-
tude of the phase noises of the laser. The laser phase noises become however correlated. The characteristic
of the phase signal derived from the detector signals differs from the free running case. While in the free run-
ning case all signals show the large phase noise which results from the independent phase noise of the two
heterodyning laser sources this is different for synchronised lasers as the phase noises are now correlated.
The shot noise is the same in both cases it depends only on the light intensity on the respective detectors
(see Table 5.1-3). In measurement setup with synchronised lasers three different types of phase characteris-
tics can be observed:

» for the detectors used for the frequency control of a laser the phase is entirely predictable, it depends
only on the used offset frequency; if the synchronisation is not perfect the measurable phase deviates
from the prediction value in the sense of a control loop error

» for detector signals of the backside interferometers that are not used for synchronisation and for mod-
ulation signals on detectors that are used for laser synchronisation the phase varies with low dynamic
relative to the predictable mean resulting from the offset locking of the two involved lasers. These small
phase variations carry information on relative proof-mass movement or USO phase noise

» for the remaining signals a phase noise resulting from main laser phase-noise superimposed to itself
after a round-trip delay is present; the phase noise spectrum is comparable to that of the main laser
itself except for an attenuation at frequencies below 1/Roundtrip_delay.

For the above proposed hierarchy of laser synchronisation the different characteristics are distributed among
the 18 phase signals as shown in Table 5.1-4. The signal names refer to Figure 5.1-5 and a full LISA configura-
tion (two differences measured) is assumed. There are 5 signals with high phase dynamic, 8 signals with low
phase dynamic and 5 signals that are either entirely predictable or exhibit a low phase dynamic (depending on
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properties of the phase locked loops).

Table 5.1-4:

Properties of the detector signal in a LISA setup with laser phase locking

Spacecraft

Detector signals to which a
laser is locked (ideally
entirely predictable)

Detector signals with low
phase dynamic

Detector signals with high
phase dynamic

1 S1f S1d S1c Ste S1a» S1b
S24 S2¢ S2a» S2b, S2e» Sof
3 S3a» S3c S3p» S3d S3er S3f

As phase locking does not change the shot noise level and the master laser phase noise characteristics the
measurement accuracy is not affected. The essential properties phase detectors in a synchronised system
also do not differ significantly from the un-synchronised case as the characteristics of the signal with high
phase dynamic differs from the case with not synchronized lasers only with respect to the low frequency
dynamic range which is of little impact to the detector design and the data rate.

The impact of using a synchronised measurement setup is therefore apart from the purpose to maintain a
desirable frequency separation of the individual lasers mainly a reduction in raw data rate however for less
than a factor of 2. Instead of avoiding the 5 measurements on the signals used for locking entirely by appro-
priate design of the control loops it is probably more efficient to perform this measurements and relax on the
control loop requirements.

To relax the requirements to the accuracy of the phase noise cancellation as reflected in the need to deter-
mine absolute armlength and the required precision in the representation of the measurement equation sys-
tem and to the in-band transfer characteristic of the phase meters, a reduction of low frequency phase noise
is highly desirable. In the synchronised setup this affects only the master laser which in the baseline design is
stabilised by coupling to its reference cavity. It has not been investigated in this study whether a potential
exists to reduce the in-band phase noise by synchronising the master laser to the delay line provided by the
round trip on one interferometer arm. A combined use of detector signals fro the reference cavity and from
the main link phase detector signal associated with the reference laser (s, if the master laser is A2) could be
used to reduce in-band phase noise.

Summary on Pathlength Difference Measurement

The pathlength difference measurement including all necessary corrections can be performed with the base-
line measurement setup.

The achievable accuracy is (almost) entirely determined by the main link phase noise in the way it would be
expected in a simple setup that would not need any of the corrections foreseen for the LISA setup) laser
phase noise, clock phase noise and proof-mass relative motion.

With the conditions described in the sections above (sufficient low Doppler shift, phase detector quality
matched to laser phase noise, accuracy of representation of the measurement equation system) the residual
impact of the error sources for which compensation is implemented can be neglected, except for a small
impact of laser phase noise close to the frequency where acceleration noise dominates the system sensitivity.
This residual error is mostly depending on the principle of arm length estimation and not so much on the mag-
nitude of the phase noise itself.

The most critical problem is the matching of the capabilities of the phase detector to the laser phase noise
properties. Due to the large magnitude of the laser phase noise compared the main link shot noise small par-
asitic errors in the phase detection process (aliasing, non-linearity) may severely affect the measurement
accuracy.
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5.1.3.3 Residual Proof Mass Acceleration

The budgeting of parasitic acceleration effects acting on the proof masses follows the Pre-Phase A Study
[Ref. 1]. In Table 5.1-5 the respective budget is repeated. The effects have been grouped according to error
mechanism into following groups:

Acceleration resulting from of external magnetic fields to the proof-mass.
Magnetic effects of fluctuating interplanetary magnetic fields (coupling with static local fields) and
Lorentz forces acting on the charged proof-mass have been considered. No

Acceleration resulting from CESAR internal effects

Acceleration resulting from displacement of masses on board the spacecraft due to thermo-elaststic
distortion and due to antenna motion

Acceleration resulting from relative motion of spacecraft versus proof mass as result of residual DFC
control lop error in reaction to external forces acting on the spacecraft

Other effects not specified in detail

Work within this study has concentrated on

Analysis of local gravitational field (see §6.3)
-DC acceleration at center of test mass
-Gradient at center of test mass
-Dynamic-parasitic acceleration over measurement band (driven by thermoelastic distortion)

From these analyses only the last item "Dynamic-parasitic acceleration" enters directly in the perform-
ance budget while the other two aspects constitute boundary conditions for the analysis of the drag
free control loop.

Analysis of the drag free control loop (covering item "Gravity noise due to spacecraft displacement" and
some of the unspecified effects)

The analysis (§7.2.4) covers properties of CESAR including inter axis cross coupling, modelling of exter-
nal disturbing forces and impact of FEEP noise. The mayor input into the analysis except for CESAR
properties and FEEP characteristics is the assumption on the magnitude of the "negative spring stiff-
ness" resulting from gravitational field gradients and magnetic field gradients where control loop prop-
erties critically depend on. The latter issue enters in terms of requirements into "Analysis of static
gravitational field gradients"and "Derivation of requirements to internal magnetic field generation". As
the gravitational analysis has been performed in parallel to the analysis of the drag free control an
assumption on negative spring stiffness has been used in the latter analysis. The gravitational calcula-
tions now available justify the assumptions although some mass balancing is needed to meet the DC
acceleration assumptions. The gradient assumptions are already close to the required values without
compensation measures.

Derivation of requirements to internal magnetic field generation for compatibility with "Magnetic force
on proof mass from fluctuating interplanetary field" assumption and negative spring stiffness require-
ment (see §4.1.22)
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Table 5.1-5:

Acceleration Budget following [Ref. 1]

Sum of group

Acceleration | Number of
Error Source @10™ Hz effects per (rms) Description of Group
[107"®ms ™2/ Hz] | proof-mass (108 ms 2/ Hz]
Magnetic force on proof 0.50 1 1.12 External effects directly act-
mass from fluctuating ing on proof mass
interplanetary field
Lorentz force on charged 1.00 1
proof mass from fluctuat-
ing interplanetary field
Noise due to dielectric 1.00 1 2.00 CESAR internally generated
losses Acceleration
Electrical force on charged 1.00 1
proof mass
Temperature difference 1.00 1
variations across cavity
Residual gas impacts on 1.00 1
proof mass
Thermal distortion of 1.00 1 1.22 Gravitational effect due to
spacecraft thermally induced mass dis-
Thermal distortion of pay- 0.50 1 placement
load
Telescope thermal expan- 0.50 1
sion
Gravity noise due to space- 0.50 1 0.50 Contributor to residual accel-
craft displacement eration resulting from control
loop action
Other substantial effects 0.50 4 1.56 Other Effects
Other smaller effects 0.30 16
Total effect of acceleration 3.1

The updated acceleration noise budget per proof-mass assumes a constant acceleration spectrum except for
the residual acceleration resulting from the DFC. The constant part is budgeted in Table 5.1-6, the total accel-
eration spectrum acting on a single proof-mass is shown in Figure 5.1-8. Note that the increase of parasitic
acceleration towards higher frequencies is uncritical because the effects will be masked by the white noise
component of the interferometric measurement.
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Table 5.1-6:

Acceleration Budget resulting from this study (white noise part)

Acceleration

Error Source @10 Hz Comment
[10"°ms? /v Hz]
External effects directly 112 Taken from pre-phase A
acting on proof mass
CESAR internally generated 2.00 Taken from pre-phase A
Acceleration
Gravitational effect due to 0.13 Refer to §6.3.6

thermally induced mass
displacement

Gravity noise due to space-
craft displacement

no flat spectrum

Analysis result shows essentially non-white behaviour; the
effect is therefore handled separately, refer to Figure 5.1-8

Other Effects 1.56 Taken from pre-phase A; this is slightly pessimistic as some
of the effects enter into "Gravity noise due to spacecraft dis-
placement"

Total effect of acceleration 2.8

(white noise)
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5.1.3.4 Optical Path-Noise Budget

The measurement errors not resulting from acceleration acting on the proof-masses are summarized in the
optical path-noise budget. The main component is the error of the interferometric measurement itself as
described in Chapter 5.1.3.2. It is composed from shotnoise error and residual effects from compensated
laser phase noise. However the optical path-noise budget also contains thermo-elastic pathlength variations
in optical bench and telescope straylight effects and interaction of pointing jitter on the transmitted beam
with wavefront curvature. The optical path-noise budget as assesses in the LISA Pre-Phase A study is given in
Table 5.1-7 for reference. It is expressed in terms of length variation of the total optical path (4 space links).

Table 5.1-7: Pre Phase A Optical Path-Noise Budget [Ref. 1]
Error Source Mag{g;;u/ciFHL]way Number in Path

Main detector Shot Noise 1 4
Master Clock Noise 10 1
Residual laser phase noise after cor- 10 1
rection
Laser phase measurement and off- 5 4
set lock
Laser beam pointing instability 10 4
Scattered-light effects 5 4
Other substantial effects 3 32
Total 40

The shot noise dependent measurement error is budgeted in Table 5.1-8.
* The detailed optical power budget (as presented in Table 7.1-8) is used as input.
* Energy loss on the main carrier resulting from modulation is taken into account
* Numerically calculated modulation efficiency of the heterodyning at the main detector is used
* Electrical and phase measurement noise is accounted for (following Table 7.1-22)

The resulting effective phase noise (8,5 107 Rad/v'Hz) and the corresponding optical pathlength error is
slightly larger than predicted in the previous project phase. In the last row of Table 5.1-8 another degradation
of about 4% has been introduced to account for the effect of noise on the ancillary detectors as described in
Chapter 5.1.3.2.
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Table 5.1-8: Shot Noise Budge on Main Link (phase standard deviation)
Parameter Value Remark

Received signal power on main 65 pW see Table 7.1-8
detector (P;,)
Fraction thereof attributable to main 0.8 10% for subcarrier
carrier Mme)
Modulation Efficiency (Nyoq) 0.9 numerical simulation
Detector Quantum Efficiency (nge) 0.56 resulting from 0.65A /W sensitivity
Resulting electrical carrier to noise 81.4 dBHz

density

Mme Mmod " Nge - I:)in
hv

PND =

Resulting phase standard deviation
not accounting for electronics/
phase meter errors

8,5 10 rad /v Hz

stdev, = ——

Analog electronics error contribu-
tion

3 100 rad /v Hz

from Table 7.1-22 converted to rad /v Hz

Phase meter error contribution

6 10 rad /v Hz

from Table 7.1-22 converted to rad /v Hz

Resulting phase standard deviation

8,5 10 rad /v Hz

(phase meter and electrical noise is about
negligible)

detectors

Equivalent error in optical path- 28.5 pm/v Hz
length measurement
Accounting for noise on ancillary 29.6 pm/vVHz estimated using the results from

Table 5.1-3

The effect of transmitter pointing jitter on optical path-length is budgeted in Table 5.1-9. As the pointing per-
formance of the DFC and the optical quality of the telescope are both predicted to be better than the respec-
tive values used in the pre-phase A study the resulting effect is now smaller than previously assumed.

Table 5.1-9: Effect of beam pointing instability
Parameter Value Remark

Wavelength 1.06um
Transmitted beam pointing offset 30 nrad requirement to pointing acquisition proce-
error dure
Transmitted beam pointing yitter 6 nrad see analysis 4.6.3
Telescope diameter 0.3m design parameter
Telescope wavefront error (as frac- 1/30 telescope manufacturing quality

tion of wavelength)

Resulting phase error due to point-
ing yitter

3.73 prad /v Hz

using relation 3.6 of [Ref. 1]

Equivalent 1 way pathlength error

3.95 pm/v Hz
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The path-noise budged is summarized in Table 5.1-10. The evolution from pre-phase A can be observed by
comparison with Table 5.1-7.

The shot noise dependent contribution has increased. This is partly due to some loss factors not previ-
ously accounted for. However electrical noise and phase measurement noise are now included in this
budget point.

A residual effect of USO noise could not be demonstrated

The residual impact of laser phase noise is separately accounted for because of its frequency depend-
ency (see also discussion in Chapter 5.1.3.2)

With the proposed data evaluation technique the error in the locking process of the lasers does not cre-
ate an measurement error (it just serves to reduce phase noise on some measured signals)

Scattered light effects have been analysed in this study. However the dominant straylight paths mainly
involving the sub and main reflector enter directly in the pathlength budget, hence the path-length
effect of the stray light is negligible (small compared to the direct effect). Since it was not clear which
other stray paths have been accounted for in pre phase A the old values have been taken over as mar-
gin. The same has ben applied to the unspecified effects.

Two types of thermo-elastic path lengths changes have been accounted for

-variation of the optical path-length on the optical bench (mainly resulting from thermal
effects on components)

-variation of the optical pathlength in the telescope

Two types of telescope design have been analysed. Very good stability could be reached with a design using
CFRP struts. This has been selected as baseline and the respective performance has been used in the budget.
However an all-SIC design can reach path length effects in the order of 17pm /v Hz which also comes close to
useful performance.
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Table 5.1-10: Optical Path Noise Budget
Magnitude 1 Number
Error Source way .
lom /v Hz] in Path
Pathlength error due to phase meas- 29.6 1 See Table 5.1-8
urement noise The value Includes
* shot noise on all detectors (incl. ancil-
lary)
* electrical and phase meter noise
Master Clock Noise negligible -

Residual laser phase noise after cor-
rection

see Figure 5.1-9

separately accounted because of frequency
dependence

Laser phase measurement and off-
set lock

phase measurement noise included in
point 1; offset lock error is transparent for
selected processing principle

Laser beam pointing instability 4.0 4 See Table 5.1-9

Scattered-light effects 5 4 from pre-phase A

Other substantial effects 3 32 |from pre-phase A

Optical Pathlength Variation on 5.8 4 see Table 7.1-5

bench rms sum of
3.9pm/v'Hz and 4.3pm /v Hz

Optical Pathlength Variation within 0.6 4 Composite telescope with CFRP struts

telescope (1 way) SIC telescope design would contribute
17pm/V Hz

Total 38.3 Use of SIC telescope would result in

51.2 pm/+v Hz optical path error

A graph of the optical path-noise budget including the frequency depending residual error from laser-phase
noise is shown in Figure 5.1-9. An accuracy of 20m (rms) for absolute arm-length determination and LZH laser
phase noise characteristic has been assumed in accordance with the argumentation presented in Chapter

5.1.3.2.
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5.1.3.5 Performance Synthesis

The combined effect of proof-mass acceleration and measurement errors budgeted in the previous chapter is
shown in Figure 5.1-10. All effects are presented in terms of optical pathlength error.

It can be seen that the assumed white components of the acceleration budget and the path-noise budget
dominate over most of the measurement frequency range. The white acceleration errors dominate below
about 3mHz the white path-length errors above 5mHz. In the transition region residual effects from laser
phase noise play a role. How large this effect is and whether it is possible to suppress it entirely depends on
the strategy of arm length determination as described in Chapter 5.1.3.2. It is not directly linked to the magni-
tude of the laser phase noise except when an independent technique not depending on the laser phase noise
is used for the arm length determination.

The residual acceleration resulting from the DFC action does at no frequency significantly influence the total
error budgets. At the high frequencies where the DFC residual acceleration exceeds the white acceleration
noise the total error is dominated by the white path-length noise by more than an order of magnitude.

From the total measurement error the system sensitivity for gravitational waves can be predicted. The result-
ing sensitivity for 1 year averaging and gravitational SNR=5 is shown in Figure 5.1-11. As reference the sensi-
tivity that would result from the pre-phase A report budget values for acceleration noise (3 1071 ms'z/waz)
and path-length noise (40 pm/v Hz) is printed as requirement curve. The deviation is mainly resulting from
the residual effect of laser phase noise.
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5.2 System Mechanical and Thermal Design

5.2.1 System configuration

5.2.1.1 Background

Prior to, and at the beginning of the present study, a number of decisions were made and a number of
constraints recognised that dictated in large measure how the satellite element of the LISA mission
would be configured.

The first involves the method of transfer from a point near the Earth at escape velocity, to the
operational orbit and location of each of the 3 identical spacecraft that form the mission constellation. It
was concluded that each of the 3 vehicles shall be delivered by its own propulsion system, rather than
having one large propulsion system to deliver each one after the other to the 3 different operational
orbits.

The second factor was the decision to have for each satellite a separate and separable propulsion
module. This choice removes all the potential disturbances on the operational satellite that could be
caused by the remainder of the transfer fuel and the large solar array required for the ion motors in the
transfer phase.

The third factor driving the configuration is the LISA instrument. This is a large Y shaped fork of whose
dimensions are such as to dictate that the satellite configuration is formed around the instrument.

The fourth factor is the launcher selected as baseline for the study. The available volume under the
fairing compared to the dimensions of the instrument forced the 3 satellites and their propulsion
modules to be a vertical stack with each instrument fork laid across the stack. The resulting height of
this stack limited the overall diameter of both the science and the propulsion modules, because the
stack, including a launch adapter, intruded into the conical portion of the 9.5ft fairing.

These factors and decisions had already been recognised in a previous study [1], and resulted in the
configuration shown in Figure 5.2-1 and Figure 5.2-2. Here a stack of 3 satellites (named science
modules) and their associated propulsion modules are seen in the original baseline Delta Il 7925H
launcher with the 9.5ft diameter metal fairing. The launcher performance then placed a limit on the
maximum mass each satellite could be, and this allowed a total launch mass of 1407Kg.
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Figure 5.2-2: Science module configuration at start of Study
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The direction of illumination of the sun in operational orbit also played a part in the overall configuration.

The two arms of the instrument fork are aligned along the optical axes of the laser telescopes contained
in these arms, which are at 60deg to each other. The plane containing the optical axes is itself at 60deg
to the sun-satellite line. This means that the sidewalls of the science module must then be conical to
avoid sun illumination, making the anti-sun surface smaller in diameter than the sun face with its solar
array.

Two basic assumptions regarding the configuration were also made for the earlier study. The first was
that the basic structure was a cylinder, carried through each science and propulsion module, with
appropriate separation mechanisms. The second was that all the electronic and mechanical units could
be accommodated within the volume between the instrument fork and the cylindrical walls, plus the
small volume available outside the cylinder, allowing for the restriction caused by the conical outer side
walls.

5.2.1.2 Review of the science module configuration concept approach

To ascertain if the configuration concept of the earlier study could be confirmed, or whether any
changes or alternative concepts were necessary, it was first necessary to establish the subsystem
elements definition, for mass, thermal dissipation, power consumption and size. This also applied to all
the units associated with the payload experiment. The result can be seen in the Mass Budgets of Section
5.5 but in particular the extent to which the payload in particular has demanded more volume than
originally foreseen can be seen in Table 5.2-1 (the original list is in Table 5.2-2), partly due to a
reassessment of what units can remain in the fork tubes while maintaining the stable thermal conditions
in these tubes.

It then became clear that the originally conceived volume was inadequate, and that the baseline science
module constraints must be reassessed.

It was initially thought that all the units must be mounted directly to the radiator on the anti-sun side of
the spacecraft, to assist in the thermal stability of the satellite interior. Further, since the side walls of
the satellite "cylinder" should also not be illuminated by the sun, this anti-sun area is more limited than
the surface under the solar array panels. The consequences are seen in Figure 5.2-3, where it is clear
that such a simple approach cannot be used. It should be noted that the units shown in this drawing are
not the full complement eventually established, but an interim status defined during the process of
establishing the full complement, and do not include some previously internal telescope units are now
outside the telescope tubes.
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Table 5.2-1: Payload and platform unit definitions

Table 5.2-2: Original payload definition at start of study

Unit No. Tot. Mass
Laser head (incl. phase mod) 4 8
Laser head electronics 2 4
uso 2 0.8
Inertial sensor 2 13
IRS Electronics 2 4
UV box 2 1
Interfer. analogue elec. 2 3
Interfer. digital elec. 2 7
Instrument control elec. 1 4.5
Optical bench 2 11.2
Fibre Positioner 2 0.6
Telescope 2 13
Optical assy. structure 2 10
Optical assy. mechanisms 2 4
Optical assy. thermal 2 2
Str/Therm shield 1 13
Total 99.1

Unit/Element

No of Units

Fork assembly
Payload shield
Laser Electronics
Laser

UV Unit

Radiator plate

~ wN

Total Mass Kg

84.2
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Figure 5.2-3: Initial assessment of unit accommodation in the science module

5.2.1.3 Amendment to Launcher Baseline

The first relaxation in this situation was to allow the use of the newer 10ft composite fairing for the Delta
[, which replaced a heavier metal one. In consequence the launcher performance was not significantly
reduced (1380Kg down from 1407Kg), while gaining significantly in volume. The full 10ft diameter could
be used since the cylindrical portion of this fairing is longer than that of the 9.5ft fairing.

5.2.1.4 Assessment of structural/mechanical concept

The use of the triangular rather than the circular structural wall concept is mainly a consequence of a
review of the separation joint concept for the stack of modules. It also has the fortunate advantage of
being more efficient for unit accommodation than the circular concept as originally conceived, as Fig
5.2-5 shows.

The use of cylindrical walls also implies the use of circular adapter attachments e.g. marmon clamps to
meet the load transfer concept. Two factors militate against the use of such devices.

One is that a stay out volume, that intrudes into the volume needed by the science module, must be
created to allow for the release dynamics of the clamp. Alternatively the stack could be made
significantly taller, but this is limited by the eigenfrequency of the stack with 6 clamp interfaces in it, and
height limits driven by the fairing and the stack centre of gravity height.

The second is that, since all clamps must be retained by the propulsion module, there is a loose clamp
attached to the propulsion module for the duration of the transfer phase to operational orbit. (This is the
clamp between two adjacent science/propulsion combinations).
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The third is that the separation velocities are not easily controlled and small between the science
module and propulsion module on separation in the operational orbit.

The change to a triangle formed around 3 strong columns is also a consequence of reviewing the
instrument fork structure and its mounting. It is necessary to retain the outer fork of two tubes and the
"root" as a stand-alone structure containing the instrument telescope elements and front end
electronics.

To avoid any undesired distortion and thermal effects from the main structure feeding into the fork, and

thus its internal elements, the attachments for the fork must be so designed to carry the expected loads
but be so arranged to minimise carry-over of distortions. This means the walls themselves should not be
the main load carriers throughout the entire satellite stack as were the cylindrical walls. The introduction
of the columns is then necessary for the transfer of loads between stacked satellites.

The ends of these columns are used as the load transfer points between modules and are fitted with
hold-down and release mechanisms. These mechanisms form 2 groups. The first group connects each
science module to its partner propulsion module forming a combination, and the second group connects
each module combination to each other, and the lowest to the launcher adapter.

These mechanisms carry the high launch loads, and after launch each science/propulsion module
combination is released to enter its own unique transfer orbit. The separation shock caused by these
mechanisms are not significant for this operation. However, for the separation of science and propulsion
module at the operational orbit they become important. The science module is only equipped with FEEP
thrusters, and these cannot deal with high tip-off rates at separation. The separation must thus have a
very low tip-off rate and a low separation velocity. To achieve this a fourth separation mechanism is
incorporated at the centre of the circular anti-sun face of the science module and the adjacent
propulsion module face, and does not carry the main launch loads. First the 3 main mechanisms are
released, but the combination remains together using the central attachment. This, with its small
separation forces, is then actuated to perform the delicate separation of the propulsion module in the
operational orbit.

The consequence of the adoption of the 3 column approach is that a dedicated adapter must be
developed for the Delta Il to interface with the 3 load carrying columns of the payload.

To ensure that the structure modal response remains comfortably within the requirements of the
launcher, the upper and lower circular plates of the science module are joined around the rim by a
conical wall, broken where necessary for telescope apertures and the rear fork radiator.

Holes or cut-outs in the solar array caused by interfaces between modules are minimised by using the 3
column approach. This eases the accommodation of solar arrays, especially for the propulsion module,
which requires a large area and further avoids the implementation of deployable panels for the
propulsion module.

5.2.1.5 Other unit accommodation aspects

Using the revised structural concept, a review of all the units and elements to be accommodated in the
science module was undertaken. Allowing for the small but significant growth in the assumed telescope
outer tube diameter, driven by mirror mounting constraints, it was possible to mount some of the units
on the backside of the sun illuminated wall. The volume and surface areas then proved adequate, as is
seen in the internal layout shown in Figure 5.2-4.
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Figure 5.2-4: Internal layout of the science module

The star trackers are collocated alongside the two telescope apertures and aimed in the same
directions, so that each telescope has one coaligned ST. The telescope baffles themselves have
ejectable doors, necessary to prevent sun radiation damage during the LEOP and transfer phase when
the satellite combination may assume any attitude.

The thrusters are required to be arranged as in Figure 5.2-5.

This means that they may be conveniently be attached to the supporting triangular substructures on the
periphery of the larger science module upper structural plate. They are also thus located away from the
telescope apertures, avoiding contamination of the optics.

It is essential that the main internal volume of the
| science module has stable and moderate thermal
! , conditions. To achieve this there is an additional
A : \/ thermal shield plate attached to the sun facing circular
]

A

surface by thermally isolating mountings with a small
gap between the thermal and structural plate. This
thermal shield can then carry the relatively small solar
array on its front face and thus also protects the
structure from thermal heating effects of the solar array
itself.

It should be noted that the science module carries no
— = 6 —-9 battery, since no failure case is envisaged where solar
power is not available. Power for heating during the
transfer phase must then come from the propulsion
module, with the corresponding electrical connecting
interfaces between science and propulsion module.

Figure 5.2-5: FEEP Thruster arrangement
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5.2.1.6 Communications antenna mounting

External to the science module satellite body are the communication antennas. There are 4 basic
configurations for the antenna, which consists of a 30cm diameter dish and feed pointing at Earth about
10deg away from the plane of the front face of the science module towards the sun. A 360deg rotational
scan of the antenna around an axis perpendicular to the module front face plane is also required during
1 year. The alternatives are shown in Figure 5.2-6.

Option 1 of a central antenna on the sun face is the obvious candidate if the science module was on its
own. However the limited stack height drives the option to need either a large hole in the modules above
it, or a stowage mechanism that would still be too thick for the total allowable stack height.

Option 2 of a single antenna at the anti-sun side has the additional disadvantage of requiring a long post
to allow the antenna to look past the satellite rim with the required 10deg angle, as well as a stowage
mechanism with the disadvantages of option 1. Also the post and its joints must be very stiff to avoid
disturbances to the science measurements.

Option 3 of 2 antennas, each with 180deg motion on opposite sides of the science module seems
attractive, as it saves on stack height. However, too much of the module body must be cut away to allow
a satisfactory field of view at the limits of the 180deg arc.
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Option 1,4 /;j Propulsion Module
Gl
-
—
Option 3 @ //g? Science Module
/ L—
G+
Option2 Propulsion Module

30cm antenna
Feed not shown

Figure 5.2-6: Antenna options lllustrations

Option 4 utilises the concept of option 3, but with the advantages of option 1 in being mounted on the
front face of the satellite. There is enough volume available at the rim of the science module due to the
conical shape of the body to allow the antennas from one module to intrude into the vacant space of the
module above. 2 antennas are needed since both must be moved in unison to minimise the disturbances
to the science measurements.

This Option 4 is the option that has been selected for all the above stated reasons.
5.2.7 Factors influencing the science module depth

In minimising the depth or "thickness" of the cylindrical height of the science module, some factors need
to be taken into account.

To accommodate the nominal 300mm diameter instrument telescope mirror, mountings and alignment
equipment, the outer diameter of the instrument fork structure tube is around 400mm.

Additionally the solar array is mounted directly on the thermal shield with a gap between the shield and
the of the main module. When the science module structure, thermal shield and separation mechanisms
are taken into account, then the total "thickness" of the science module is 592mm, for an overall
diameter of 2700mm, matching the 2743mm available from the 10ft fairing. This is seen in Figure 5.2-7
below.

The resulting overall configuration of the Science and Propulsion module combination is shown in Figure
5.2-8 and Figure 5.2-9.
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Figure 5.2-7: Cross section of Science and Propulsion modules

Figure 5.2-8: Overall Configuration of Science Module
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Figure 5.2-9: Overall Configuration of Science and Propulsion Modules
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5.2.2 Science Module Gravitational Design

This section summarises the requirements related to self-gravity and addresses the basic principles
used for gravitational design. For detailed gravitational analyses and design considerations the reader is
referred to sections 6 and 7 of this report.

5.2.2.1 Requirements for Gravitational Design

The LISA requirements related to self-gravity at proof-mass locations can be summarised as follows:

e Constant (or nearly constant) self-gravity effects below the Measurement Band Width (MBW), i.e.
below 0.1 mHz

e Constant self-gravity induced accelerations at proof-mass locations along sensitive axis:
<1. E-10 m/s"2 (Payload Definition Document, sect. 5.6)

e Constant self-gravity induced gradients of the acceleration field at proof-mass locations
along sensitive axis: < 5.E-8 1/s"2 (requirement slightly more constraining than the value
given in sect. 5.6 of the Payload Definition Document but necessary to limit the proof-mass
total negative stiffness for control reasons to 1.E-7 N/m)

e Fluctuations of self-gravity induced accelerations within the MBW (0.1 - 100 mHz)

e Fluctuations of self-gravity induced accelerations at proof-mass locations along sensitive
axis due to thermal distortion: < 3.E-16 m/s"2 (rms) (Payload Definition Document, sect.
5.3)

e Variations of self-gravity induced accelerations above the MBW (> 100 mHz)

e No requirement

5.2.2.2 Basic Concepts for Gravitational Design

The concepts to be applied depend on the frequency ranges at which gravitational disturbances need to
be avoided or restrained.

5.2.2.2.1 Constant Self-Gravity

The gravitationally ideal shape for LISA would be that one of a homogeneous hollow sphere, since there
would be no gravitational forces exerted by this sphere on bodies (such as the proof-masses) contained
inside of it.

A more realistic concept for a gravitational design is to minimise constant self-gravity at proof-mass
locations by shifting heavy structural parts and boxes as far as possible away from the proof-masses,
since the gravitational attraction is inversely proportional to the distance squared between the attracting
masses. Unfortunately, this proves to be unfeasible in view of the considerable number of boxes and of
the constrained dimensions under the Delta Il fairing. The configuration selected for LISA could
therefore not be tailored to meet the requirements for constant self-gravity. As a consequence, the
constant self-gravity at proof-mass locations will have to be compensated by dedicated balance masses.
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These balance masses should be mounted preferably in the vicinity of the proof-masses in order to avoid
them getting too bulky. The subject of gravitational balancing on payload level is covered in section
7.3.3. It is evident that the proposed method of balancing will be based on math model predictions and
therefore depend on the fidelity of the underlying models.

An question to be analysed in a future phases is whether there is a need to compensate for the
gravitational repercussions of the launch distortion.

5.2.2.2.2 Quasi-Static Self-Gravity Variations

For very slow, quasi-static variations of self-gravity the same requirements apply as for constant self-
gravity. The compensation of these variations would require mechanisms slowly moving balance masses
around. In order to avoid such mechanisms, moving masses have to be avoided or minimised. The only
macroscopically moving masses on-board the LISA Science Module are the HGA and the Optical
Assembly. It is shown in section 6 that the variation of gravity due to HGA rotation and Optical Assembly
swivelling is sufficiently small and needs not to be compensated.

5.2.2.2.3  Self-Gravity Fluctuations within the MBW

Temperature fluctuations within the MBW result in thermo-elastic distortion which itself leads to self-
gravity fluctuations. Main reasons for temperature fluctuations are fluctuations of the solar radiation and
variations in the power dissipation of on-board units. There are consequently several design measures
necessary in order to minimise these self-gravity fluctuations:

1. Shielding against solar radiation

2. Variations in dissipation of electrical units to be minimised, e.g. by constant operation
3. Thermal decoupling of electrical units with fluctuating dissipation

4. Selection of materials with low CTE

These design measures are discussed in more detail in sections 5.2.3 and 5.3.2.

Another cause for low-frequency self-gravity fluctuations could be sloshing propellant masses. For this
reason, a separable Propulsion Module has been baselined which contains tanks and pipework of the
hydrazine RCS system and the ion propulsion.
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5.2.3 Structure & Mechanisms
5.2.3.1 Requirements

5.2.3.1.1 Compatibility with the Delta Il launch

The LISA spacecraft design shall ensure compatibility with a Delta Il launch. Although this launch vehicle
will be most probably no more available at the envisaged launch date, it shall be shown that a spacecraft
design with the limited mass and volume capacity of a Delta Il class launcher is possible.

e The resulting limitations on spacecraft size and mass have been discussed in chapter 5.2.1.

e The required minimum fundamental frequencies are 15Hz for the lateral modes and 35Hz for axial
modes, which are value typically found for several launchers

e The Delta Il only allows for a limited distance of the spacecraft CoG from the separation plane
resulting in severe limitations on spacecraft height

e A clamp band fixation shall be avoided for mass saving reasons, thus loads have to be transferred
via individual separation devices. Although the 3-stage Delta Il only provides clamp band interfaces,
the 2-stage 6915 PAF adapter was considered assuming that it would be possible to adapt it to the
3-stage launcher.

5.2.3.1.2 Launch in a stack

The launch has to be performed in a stack of 3 science modules (S/M) and 3 propulsion modules (P/M).
Separation into 3 pairs of S/M and P/M occurs immediately after separation from the launch vehicle,
the separation of S/M and P/M occurs only after achievement a final operational orbit. Thus:

e 6 separation planes with the associated separation mechanism, interface fittings and connectors
are needed.

e The individual modules, especially the P/M's have a very small height to diameter ratio. The
structure has to accommodate the units under these conditions

e The separation devices have to be compatible with
- the loads to be transferred
- the transfer phase duration of one year
- afinal orbit achievement accuracy of 0.3cm/s
- electrical connectors between S/M and P/M

e the antenna has to be accommodated in a way that does not interfere with the stacking

5.2.3.1.3 Payload performance related

In order to limit the disturbances on the payload specific constraints result:
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The solar array has to be thermally decoupled from the spacecraft. The solar array it self has to
provide shielding of temperature fluctuation for which a core layer of 20mm Polyimide foam is
needed. The equipment accommodated on the top of the solar array (e.g. sun sensor, antenna) shall
preferably be mounted on the outer face sheet. If this is not possible, the mounting has to provide a
very efficient thermal decoupling.

The fixation of the payload Y-shaped tube has to account for differential thermal deformation. Due to
the required stability of the gravitational field deformations occurring on the spacecraft side may not
be transferred into the payload tube. A thermal decoupling is also needed, however less stringent
than in the case of the solar array because the radiative coupling is dominating . This is not a design
driver because it will be automatically provided due to the required mechanical decoupling.

For thermal and configuration reasons, the heat rejection of the units can occur to the conical rim of
the spacecraft. In this direction only one wall between any dissipating unit and space is acceptable.

5.2.3.2 Structure Design

In Figure 5.2-11 the Delta Il adapter, based on which the design has been established, is shown. The
structure makes use of the 3 attachment points available on the Delta Il adapter. In order to directly
transfer the loads from the upper modules to the launcher interface, tubes have been used connecting

all modules

Figure 5.2-10: Delta Il Adapter 6915 PAF
(taken from Delta Il Payload Planner's Guide, APRIL 1996 MDC H3224D)
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5.2.3.2.1 Science Module

The principle design of the science module structure is shown in Figure 5.2-11.

Figure 5.2-11: Science module structural design
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In the Science module the 3 tubes are connected by shear wall. These tubes provide for
e Overall lateral bending stiffness of the stack
e Mounting provision for the payload Y-shaped tube
e Transfer of loads from the top and bottom plate into the tubes
e Stiffening of top and bottom plate

All equipment outside the payload Y-shaped tube is accommodated on the top and bottom plate. From
thermal stability point of view it is required to place all dissipating units on the bottom plate. This was
not possible because of lack of available space. A less favourable, but still acceptable place are the
areas on top and bottom plate close to the rim. This now leads to a mechanical unfavourable mass
distribution. Besides the stiffening provided by the shear walls, also the conical rim of the module has to
be closed by a conical panel.

Considering the stiffness and thermo-elastic behaviour, an all aluminium structure could be used.
However, for mass reasons, CFRP panels with aluminium honeycomb are needed. The solar array panel
serves as a thermal shield. Initially a sandwich with pure foam core was selected. However, this did not
provide sufficient stiffness. Thus a double sandwich with a foam core for thermal isolation and a
aluminium honeycomb core for stiffness is used. The solar array is mounted on 13 thermally insulating
attachment provisions.

Main plates: 30mm sandwich consisting of 0.5mm CFRP face sheets and an aluminium
honeycomb core with a density of 50Kg/m3

Stiffening Webs:  20mm sandwich consisting of 0.5mm CFRP face sheets and an aluminium
honeycomb core with a density of 50Kg/m3

Connecting tubes: Aluminium tubes with outer diameter 100m and 2.5mm wall thickness

Solar array: sandwich consisting of: (starting from solar cell side)
- 0.6mm CFRP facesheet
- 20mm polyimide foam
- 0.6mm CFRP facesheet
- 20mm aluminium honeycomb core
- 0.6mm CFRP facesheet

5.2.3.2.2 Propulsion Module

The structural design of the propulsion module is shown in Figure 5.2-12. The main driver is the very
small available height. For thermal reasons, the solar array panel cannot be used for unit
accommodation. Therefore, all the propulsion module units have to be accommodated on the module
rim.

Instead of the triangular shear walls, a cylinder is used in order to also provide for a stiffening of the
panel at the outer rim. This is still not sufficient, additional webs have to be used locally at unit mounting
positions. The top plate is needed for the solar cell fixation. Some mass savings could be cut-outs in the
bottom plate
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In any case the very stringent limitation in height does not allow to apply lightweight design principles.

Essential mass savings can only be achieved by material selection, e.g. by using CFRP facesheets
composed of strands with some spacing between each other.

Figure 5.2-12: Propulsion Module structural design
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5.2.3.3 Structure Performance

5.2.3.3.1 Stiffness

The stiffness of the overall spacecraft is defined by the minimum fundamental frequencies which have
been determined in a FEM analysis which is described in section 6.1. The achieved frequencies are:

Achieved Frequency Delta Il Required Frequency

Lateral modes 15.9Hz 15Hz

Axial modes 46.6Hz 35Hz

5.2.3.3.2 Stability

Inputs to be provided by RAL

Generally an aluminium structure should be preferred because of the better stability from ambient to
vacuum due to moisture release. The advantage of the smaller coefficient of thermal expansion can
hardly be used because the electronic units present most of the mass and show the largest temperature
fluctuations. Using a different material than aluminium for housing of the electronics seems not to
feasible. Thus the fluctuations of the gravity field would be determined by the thermal deformation of the
units themselves. Except for the very high modulus carbon fibres, the thermal conduction of aluminium
is higher than that of CFRP.

Use of an all aluminium structure avoids the problems of moisture release. The created thermal
deformations have a magnitudes that can not be avoided anyhow as long as aluminium housings are
used. Aluminium allows for a more uniform temperature distribution which can even reduce the thermal
deformation effects.

5.2.34 Mechanism Design

5.2.3.4.1 Spacecraft separation mechanism (SSM)

The SSM separates the 3 spacecraft's from the launcher. After separation from the launcher the
spacecraft are separated from each other. In all cases the same mechanism will be used. The
mechanism has to separate at the 3 interface points provided by the launcher. Between each
spacecraft, the same arrangement of interface points is given due to the tubes used for load transfer
through all spacecraft's. A cup-and-cone connection will be used, the fixation is provided by a preloaded
bolt which is separated by a Pyronut. Such a mechanism has already been defined in the DSS phase A
study for Mars Express.

5.2.3.4.2 Module separation mechanism (MSM)

The separation into modules is done at the final orbit position. The orbit position has to be achieved with
a very high accuracy, the allowable uncertainty must be less than 3mm/s. Since the science module

Report LISA - Final Technical Report
No LI-RP-DS-009

Date April 2000 Page 5-56



5

System Baseline LISA

att

itude control relies on the FEEPs which only provide very low thrust levels, also the rotation rates

after separation have to be limited to less than 1 mrad/s. Electrical connection between the 2 modules
is needed during transfer phase. Thus also an electrical connector has to be separated.

Separation will be performed in 2 steps:

Immediately after injection into the transfer orbit, a separation of the load carrying parts will be
done. This is a mechanism identical to the one used for SSM. This avoids cold welding effects during
transfer. During transfer a spindle will maintain both spacecraft's connected to each other. The
interface forces only results from the ion thrusters which is less than 0.1N.

After injection into the final orbit the spindle drives will be operated to separate the 2 modules. The
separation direction has to be fixed by the propulsion module AOCS, the spindles will than produce
an exactly defined separation velocity, high enough to bring them at a safe distance in an acceptable
time. The solar radiation pressure will ensure steadily increase of this separation.

The principle arrangement is shown in Figure 5.2-13. For redundancy reasons, 2 separation drives
and a harness separation mechanism are needed. Each separation drive includes an override which
would disconnect the spindle. The harness separation mechanism is operated first. Once the
connector is retracted, the spindle drive will separate the 2 modules. In case of failure of the
harness separation mechanism failure, the separation drives would press the connector out of its
interface. Thus the following operation modes are possible:

Spindle Drive 1 Spindle Drive 2 Harness separation mechanism
Nominal Operational Operational Operational
Spindle drive failure | Spindle separated Operational Operational
Harness separation | Operational Operational Separated by spindle drives
mechanism failure

Harness
separation
mechanism

Drive 1

Figure 5.2-13: Arrangement of separation mechanism spindle drives and electrical connector
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Figure 5.2-14 shows and detailed drawing of the separation mechanism design. The module separation
mechanism (MSM) basically consists of a spindle which is fixed to the propulsion module and a nut
driven by a stepper motor which is fixed to the science module. For the nut 2 planetary roller nuts are
used with springs in between to eliminate backslash by providing a pre-load on the threads. The stepper
motor rotor directly drives the nuts. The stator is fixed inside the housing which also houses the bearings
of the nuts and a potentiometer used for the spindle motor speed control. The fixation of the nut drive
housing to the science modules is via a pin/bush connection which is maintained in place by the pin of a
pin puller device. This allows a disconnection of the nut housing from the science module by operation
of the pin puller device in case the nut drive fails.

The set-up of the connector release mechanism (CRM) is very similar. In this case the spindle is
attached to the connector and prevented from rotation by a longitudinal guidance. On the science
module side an override for disconnection is not needed in this case, the housing is mounted on a
flange.

5.2.3.4.3 Telescope launch lock

In the investigation on the payload telescope pointing mechanism it is shown that a launch lock for the
telescope can be avoided. For more details refer to section 7.

5.2.3.4.4 Telescope pointing mechanism

This mechanism is covered in section 7

5.2.3.4.5 Antenna pointing mechanism

The design of the antenna pointing mechanism is driven by
e Antenna pointing requirements

e Allowable disturbance torque's

e Allowable changes in the self-gravitation field

The pointing requirements are not very stringent. In principle this can be fulfilled by a stepper motor
without gear reduction. The torque disturbance resulting from the movement by 1 step is compensated
in case 2 antennas are used and if the rotation axis is parallel to the principal axis of rotational inertia. If
this is not achievable, a micro-step drive can be used for the motor which could reduce the reaction
torque below the FEEP thrust capability and could thus allow operation during antenna pointing activity.

In any case the antenna pointing mechanism will not present any technology difficulties.
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5.2.3.5 Mechanism Performance

5.2.3.5.1  Spacecraft separation mechanism (SSM)

The SSM will be based on a cup-and-cone connection employing a pyronut which is available from
Pyrospace, F. These nuts are available for pre-loads of up to 50KN which is fully in-line with the launch
loads.

The pyronuts can be operated in a re-settable manner on ground by pressurised air to allow testing and
have only to be charged immediately before launch. Such a device has already been developed by DSS.
The pyronuts include internal redundancy and have a proven reliability.

5.2.3.5.2 Module separation mechanism (MSM)

The parameters of the MSM design are selected to provide:
e An acceleration of 0.01m/s? to limit the reaction force to 0.8N
e An acceleration time of 3s to achieve a separation velocity of 0.03m/s

e A spindle length of 100mm for sufficient time to damp any created spacecraft vibration resulting in
inaccuracies in separation velocity

The separation profile is shown in Figure 5.2-10. The spindle length has been selected to 100mm. The 2
changes in acceleration at t=0s and at t=3s induced a vibration of the spacecraft. In Figure 5.2-16 the
oscillation of the spacecraft during separation is shown starting at t=3s. The end of the spindle is
reached at t=3s+2s. Then the amplitude in acceleration has dropped to 7*10°m/s2. The load on the
spindle due to this oscillation is 0.0 14N. This is the minimum pre-load on the nut to be used in order to
prevent backslash. For adjustment reasons a pre-load of 0.1N is selected. The tolerances which
determine the separation speed will be in the order of 1% resulting in an inaccuracy of the separation
speed of less than Tmm/s

The rotation rate at separation in the nominal case results from the elastic energy stored in the pre-
loaded nut. In the worst case, this can induced a rotation rate of 4.5*10°s ", In case of a failure of 1
spindle the rotation rate depends on the bending stiffness of the spindle. In case of a steel spindle with
J8mm the worst case rotation rate is 2.4* 10'43'1, for @12mm the worst case rotation rate is
4.7*107s™.
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Figure 5.2-16: Spacecraft oscillation in fundamental mode during separation
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5.2.4 Thermal Control
5.2.4.1 Requirements

5.2.4.1.1 Temperature requirements

The standard requirement is as always to maintain the temperatures within their acceptance
temperature range. Besides that that are 2 important requirements on temperature stability and on
stability of a temperature gradient within the measurement frequency range:

K

JHz

requirement actually results from optical path length variations within the laser cavity and thus
potentially only applies locally. The required value rather represents the value found to be
achievable in pre-phase A and is considered as a design goal

. The

e Minimise temperature fluctuations on the optical bench with a goal of AT <107

e Maintain the fluctuation of the temperature difference across the proof mass cavity below

AAT)<2-107°

Hz

5.2.4.1.2 Implicit Thermal Requirements

Implicit requirements result from requirement on the gravitational field. They concern both, the long
term drift and the stability within the measurement frequency range.

e Long term drifts in the temperature field shall be limited such that changes in the self-gravitation

field are Aa <107° %
s

e the temperature stability of the spacecraft shall provide a stability of the self-gravitational field of

m
Aa<107" @
Hz

The effect on the gravitational field strongly depends on the distance from the proof mass location. In
order to provide a guideline for the thermal design a temperature fluctuation budget can be established.
If it is assumed that all items contribute statistically to the overall disturbance and if the mass of all
individual items is in the same order of magnitude, a budget only depending on the distance from the
proof mass can be established. The acceptable values under these assumptions are shown in Figure
5.2-17. These can be used for preliminary justment on the acceptability of unit temperature fluctuations
without the need to perform an overall thermo-elastic and gravitational analysis.
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Figure 5.2-17: Temperature fluctuation budget for short term (1.00E-15) and long term (1.00E-09)

5.2.4.2 Thermal Design

5.2.4.2.1 Science Module
The thermal design principle is shown in

Figure 5.2-18. As a general design principle no MLI has been used in order to prevent any effects from
changing properties due to crinkling by thermal or ageing effects.

The solar array is used as sun shield in order to isolate the science module from the disturbances
created by the solar constant fluctuations right at the source. All areas not needed for solar cells will be
covered with SSM to minimise the absorbed solar flux and to reduce the solar array temperature. The
reduction in temperature reduces the radiative couplings and thus improves the isolation. No
illumination of any other science module surface shall occur. The size of the solar array is limited by the
launcher fairing diameter. Thus all other external surfaces have to be within a 30° cone behind the solar
array. By this approach only the solar array experiences temperature fluctuations due to the solar
constant variation.
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Figure 5.2-18: Thermal design principle

The transfer of these temperature fluctuations into the science module needs to be minimised by an
effective thermal decoupling. The solar array panel is built-up by CFRP face sheets with a polyimide foam
core. This reduces the transfer of temperature fluctuations to the solar array rear side by both, insulation
and thermal capacitance. On the rear side insulating fixation elements are used for mounting the solar
array to the structure. A main contributor is the thermal radiation from the rear side because of the large
area and the direct transfer to the payload tube. This is limited by a gold coating on all surfaces in the
view of the solar array rear side and the solar array rear itself.

The sensitive payload parts are accommodated within the Y-shaped tube , therefore the tube surface is
goldized to provide radiative decoupling also on the inside. The mounting of the tube is via a thin walled
flange to accommodate differences in coefficient of thermal expansion, further decoupling is not needed
because of dominating radiative coupling

Difficulties arise from the disturbances in dissipating of the electronic units. Ideally they would all be
mounted on the rear side of the science module, insulated from the structure as good as possible and
directly reject their heat to space. This is not possible for accommodation reasons. Both, bottom and top
plate of the structure have to be used for the mounting of the units. In order to limit the transfer of
temperature fluctuations from these units to the structure, they are mounted on insulating feet. Heat
rejection is done by radiation the science module side wall which acts as a screen radiator. The radiative
coupling from these units to the payload tube is reduced by covering the areas with direct view to the
payload tube with gold. For smaller boxes eventually doubler plates have to be used or such units have
to be mounted on the bottom plate for direct heat rejection. Due to the current status of design this is
not yet investigated in detail

The payload tube is very well decoupled from the rest of the science module, this efficiently filters
temperature disturbances and allows a very stable optical bench. The telescope will be provided with
low emissivity coatings as far as possible to thermally de-couple from the tube. The temperature level
inside the optical bench is only determined by the dissipation inside the tube and the remaining small
radiative exchange through the telescope aperture. A calculation of actual temperature level will contain
high uncertainties and the system will react very sensitive to parameter changes.
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5.24.3 Thermal Performance

5.2.4.3.1 Temperature Level

The temperatures of electronic unit can be adjusted by the size of the conical radiator. A trimming of
this radiator was performed in order to achieve an overall temperature level of about 20°C. The actual
temperatures of the units are shown in Table 5.2-3.

All units a have to reject their heat by radiation from their housings. Due to the varying ratio of unit size
to unit dissipation, the actual temperatures cover a rather wide range which gives in some cases values
outside the acceptable temperatures. Therefore, this range needs to be reduced by an individual
trimming of the units. For hot units this can be achieved by placing a doubler plate under the unit, cold
units can be covered with low emissivity coating. This also needs to be addressed in conjunction with
the transfer of temperature disturbances to the payload, this needs a low emissivity on the unit areas
facing the Y-shaped tube. This type of design activity needs to know the exact shape and dissipation of
each unit. Since major changes are expected towards the real start of LISA phase B activities, the
detailed thermal design was not covered in detail. The overall solution is compatible with the system
needs, for the trimming of individual units sufficient trimming capability is available and this also allows
for sufficient growth potential of the system.
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Table 5.2-3: Steady State Temperatures

Solar Array
PCDU

CentEl CPS
Transpond 1
Transpond 2
FEEP EI. 1

FEEP EI. 2
StarTrack 1
StarTrack 2

HGA Drive 1
HGA Drive 2
RFDU

Gyro Pack

EPC 1

EPC 2

TWT 1

TWT 2

ST Elec. 1

ST Elec. 2

ST Elec. 3

ST Elec. 4
StarTrack 3
StarTrack 4

UV Box 1

UV Box 2
InstConEl 1
InstConEl 2
Laser Head 1
Laser Head 2
Laser El. 1
Interfer El. 1
Laser Head 3
Laser Head 4
Laser El. 2
Interfer El. 2
Optical bench
Proof mass
Sensor

Titanium housing
Primary mirror
Baseplate
Secondary mirror
Mast

Telescope thermal shield
Electronics plate
Analogue electronics box on plate
Digital electronics box on plate
USO box plate
USO box A

USO box B

Cold Case Temperature in °C

81.8
32.9
31.9
20.3
8.6
18.8
4.3
13.1
8.5
11.0
7.2
13.3
5.6
51.3
23.9
21.5
19.0
16.5
10.9
6.4
7.3
10.6
5.5
17.0
17.2
28.9
8.0
43.7
31.0
22.8
31.4
34.0
21.3
13.2
7.7
9.1
8.4
8.4
8.4
-14.0
-13.2
-13.6
-13.6
-0.3
24.2
25.6
26.0
-3.4
=B
-7.4

96.4
34.7
33.7
22.8
11.3
21.2
7.0
16.3
11.8
13.9
10.1
15.7
8.1
52.9
25.8
23.5
21.0
18.9
13.5
9.0
9.9
13.1
8.0
19.4
19.6
31.2
10.7
46.3
33.7
25.5
33.8
36.8
24.2
16.0
10.6
11.2
10.6
10.6
10.6
-12.0
-11.1
-11.6
-11.5
1.9
26.3
27.8
28.1
-1.3
-3.7
5.3

Hot Case Temperature in °C

Report

Date

LISA - Final Technical Report
LI-RP-DS-009
April 2000

Page

5-66



5 System Baseline LIS A

5.2.4.3.2 Temperature Stability

With respect to temperature stability the following cases have to be considered:

5.2.4.3.2.1 Temperature fluctuations due to solar constant fluctuation.

The fluctuation of the solar constant is given as a spectral density, thus it is only required to determine
the frequency dependant transfer function. This was done by performing a transient thermal analysis at
3 different frequencies. As shown in Annex B - Temperature Stability Analysis Method the temperature
response is always decreasing with the frequency, thus 3 cases are sufficient. The solar constant

fNw
\mHz m? A Hz

fluctuation is given as 1.75 ( in the pre-phase A report. The thermal analysis

made use of rounded values.

Table 5.2-4: Temperature fluctuations due to solar constant fluctuation

Solar Constant Fluctuation | Transfer Function in K/W | Temperature response in
in W/m2VHz K/NHz

10"Hz | 10°Hz | 10*Hz | 10'"Hz | 10°Hz | 10™*Hz | 10'Hz | 10°Hz | 10™Hz

Optical Bench 0.377 1.75 3.77 n/a |2.2E-11| 2.9E-7 | <1E-12 | 3.8E-11 | 1.1E-06

Primary Mirror 0.377 1.75 3.77 n/a |2.0E-11| 2.6E-7 | <1E-12 | 3.5E-11 | 9.9E-07

Payload E-Boxes | 0.377 1.75 3.77 n/a |2.0E-11| 5.8E-5 | <1E-12 | 3.5E-11 | 2.2E-05

The Issue for the performance is the temperature difference across the proof mass cavity. This
temperature difference is not represented in the model because it depends too much on the actual
configuration which is not known in full detail today. However, the fluctuation in temperature difference
will be similar to the fluctuation in temperature level on the optical bench. The actual fluctuation of the
temperature difference will be at about 1.1E-06 and will thus be a factor of 20 better than the
requirement.

5.2.4.3.2.2 Temperature fluctuation due to a correlated fluctuation of unit dissipations

Such a correlated fluctuation could occur due to fluctuation in the voltage of the power supply or due to
operation profile characteristics with effect on the dissipation of many units. Only the lowest frequencies
are of concern in this case. The resulting temperature amplitude can be taken to determine the
maximum acceptable dissipation fluctuation. Once a transfer function from voltage to dissipation
fluctuation is known, a requirement for the voltage stability can be derived. The dissipation stability's
can be specified in terms of spectral densities, respectively in terms of upper limits to the response to
voltage fluctuations. Therefore it was sufficient to consider only the lowest frequency which is the worst
case A . In Table 5.2-5 the resulting temperature fluctuations and transfer functions are summarised.
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As for solar constant fluctuation, the temperature difference across the proof mass cavity is important.
The required 2E-5K /\Hz are exceeded. The correlated fluctuation of dissipations should be less than
0.2%.

Table 5.2-5: Temperature fluctuations due to 1% electronic units dissipation variation at 1 0°Hz

Temperature Response in K Transfer Function in K/ppm
Optical Bench 6.5E-05 6.5E-09
Titanium Housing 2.0E-05 2.0E-09
Primary Mirror 3.0E-05 3.0E-09
Secondary Mirror 5.0E-05 5.0E-09
Payload Analogue E-box 1.0E-03 1.0E-07
Payload Digital E-box 1.0E-03 1.0E-07
USO box A 8.5E-03 8.5E-07
USO box B 8.5E-03 8.5E-07

5.2.4.3.2.3 Temperature fluctuations due to single events

Such single events are e.g. switch on and off of the down-link assembly. Although it is foreseen to keep
all components permanently switched on, this case was used to establish an upper limit for any single
event dissipation change. For the resulting temperature disturbance a spectral analysis has to be
performed in order to achieve the resulting spectral densities in temperature fluctuation. However, the
result also depends on the bandwidth which is used to derive spectral density from the amplitude at
discrete frequencies. For this case a more specific definition of the requirement is needed.

In the analysis a down-link event leading to an additional dissipation of 36W over 3 hours was
considered. The resulting temperatures of optical bench, titanium housing and the temperature
difference between both is shown in Figure 5.2-19.

In order to check against the temperature fluctuation requirements, a Fourier analysis has been
performed. From the Fourier coefficients the spectral densities were then derived using 1 octave
intervals. These results are shown in Figure 5.2-21. The same spectral analysis was also performed for
the temperature difference. The result is shown in Figure 5.2-20. The temperature response is included
in the same diagram. It can be seen that in the interesting frequency range the spectral densities of both
are almost the same.

The response is about a factor of 100 above the requirement. Thus any switch-over in electronic units
needs to be limited to less than 0.36W.
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Figure 5.2-19: Temperature response to a down-link event (Temperature scale shifted)
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Figure 5.2-20 Spectral analysis of temperature difference response
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Dissipation Step Function

1 0E+02 + Temperature Amplitude
1.0E+01 I = Temperature Spectral Density
1.0E+00 '._I
1.0E-01
1.0E-02 |t bt
1.0E-03
1.0E-04 —
1.0E-05
1.0E-06 -
1.0E-07 -
1.0E-08
1.0E-09
1.0E-06 1.0E-05 1.0E-04 1.0E-03

Frequency in Hz

Response in K, resp. K/sqrt(Hz)

Figure 5.2-21 Spectral analysis of the temperature response of the optical bench

5.2.4.3.3 Verification of thermal performance

Because of the specific thermal design of the science module, the verification of the system will be
difficult and has to be investigated in detail at an early stage. For the verification of “standard” thermal
requirements the simple environment will allows end-to-end verification by test. However, the extreme
thermal decoupling will result in very long stabilisation periods

For the verification of temperature stability requirements test chamber environment will not be
sufficiently stable. Also the long stabilisation period will only allow for few parameters to be tested.
Therefore the verification has to be performed in terms of transfer functions

Verification of the acceleration noise requirements has at least to be supported by analysis. The
acceleration noise calculation needs knowledge of displacements of science module. Anyhow, the
structure can only reduce acceleration noise by material selection. TCS has to reduce disturbances from
solar constant and unit dissipation fluctuations. From achievable TCS filtering, the upper limit of unit
dissipation fluctuations can then be established in terms of dissipation fluctuation spectral density and
worst case dissipation profile in time domain. This are then the parameters which can be tested, for all
the rest one has to rely on analysis.
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5.3 Spacecraft Electrical Subsystems

The LISA electrical configuration concept is primarily composed of the electrical subsystems on the
Science Module and necessary add-ons on the Propulsion Module according to the sketch of Figure
5.3-1:

— the Avionics subsystem which includes the classical Command & Data Handling (C&DH) and the
AOCS/RCS; today's Avionics applies an integrated processing system with the C&DH and AOCS
software task running quasi in parallel in the so called Control & Data Management System
(CDMS, nomenclature of ROSETTA and Mars Express)

— the lon Propulsion subsystem on the Propulsion Module

— the Power subsystem and the Solar Array with some dedicated parts on the Propulsion Module
— the RF Communication subsystem

— thermal control (T/C) equipment

— and dedicated external and internal functional /electrical interface.

g% RF E—> eject
. AOCS/RCS-Aviohics
RFCOMS Lucal pocsires | prolon; T/C SIS
S/S Pointing : Propulsmn
*Sensors v ejectable
*Actuators +Propulsion Module]
T™M/TC bfor RF COMS § \— > gject
Science g Data t : . e TM/TC

CDMS-Avionics
Control & Mass Memory

Data Management
(High Performance Processor)

Instrumert:t Clock& Scignce Ingrtial o
I B o T S
.""., | Y

Solar Power Outlets ™,

N PR UL cciaanand to all Users Instrument1 |4
Partofsfoctaie || par o ecae

Mgdule Propulsion

eject Module [

eject

Figure 5.3-1: Survey of Electrical Subsystems

The aim within this study was to define and design a system fulfilling all mission and payload require-
ments in a reliable, effective way with the heritage of European state off the art subsystems and units, in
order to meet the mass, schedule, and cost constraints.

The pre-Phase A Avionics system instead had been designed with US heritage based on the recent Mars
missions recurring units with the VME backplane Bus (in the Processing Unit) and high performance RAD
6000 processors.
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5.3.1 System Electrical Architecture

LISA specific Functions and Requirements

The electrical spacecraft functions for the LISA mission involve classical subsystem services as well as
some interdisciplinary features with the integrated satellite .

Before starting the design of the electrical architecture in a block-diagram, the major LISA functions and
features have to be identified. These are gathered in a graphical form in Figure 5.3-2. This figure depicts
the main configuration items, major internal and external interface, and the major processor control
tasks, indicated in the respective colours which are applied for the subsystem discipline (green for
C&DH, reddish/brown for AOCS/RCS, and yellow for the Instrument). For Phase A2 an early decision
has been made to aim for a centralised processor system (CPS) for the accommodation of the S/W
tasks for C&DH, AOCS, and Instruments because of the necessity for complex integrated control.

The LISA specific functions are:

— Attitude and orbit control with chemical propulsion and ion propulsion for LEOP and cruise phase;
both propulsion systems will be installed on the propulsion module; if ion thrusters are mounted
on optional gimbals the chemical propulsion could be deleted

— FEEPs for coarse acquisition after separation of the propulsion module, and for fine pointing
during nominal operations phase;

— In this nominal operations phase the Instrument Inertial Sensor (Proof Mass) and the additional
elements for instrument control (telescope pointing, fibre positioning) and spacecraft control are
to be combined in close control loops to serve for drag free attitude control and undisturbed
science data measurement.

— telemetry (HK and science data), tracking, and commanding in X-band with DSN 34 m antenna

— accommodation of two high or medium gain antennas with 1 DOF to rotate +/- 180°

— providing external and internal umbilical /harness for the stacked composites on the Launcher
which shall allow for soft separation of the propulsion modules from the Science Modules

— the power and energy concept only needs stored energy (from battery) during LEOP, the cruise
phase, and the turning of the stack before separation of the propulsion stage; thus the battery is
only proposed to be accommodated on the Propulsion module (Safe Mode of the Science Module
later is sun pointing of the SA, beyond that the Power subsystem will always safely start-up when
the solar generator will be illuminated by the sun)

— the functional interface between the Central Processing System and the instruments, as there are
sensor raw data acquisition, instrument sensor & actuator control, synch. interface, and inter-
satellite communications data.
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System Baseline

Conceptual Design

The electrical service functions have to be allocated to units with a minimum of overhead to serve the
stack of Science and Propulsion Modules as well as the separated Science Modules during the Nominal
Mission Phase.

Figure 5.3-3 gives the proposed allocation of units to the electrical subsystems and the interconnecting
interface. This concept is closely oriented to state-of-the-art ESA electrical design concepts of today's
scientific satellites, but also respects the specific functions of the previous section. The centralised
processor system runs the DMS tasks, AOCS tasks, and Instrument tasks with the estimated processor
loads as indicated in the figure, instrument tasks run only on the Application Layer.

The applied background colours correspond with the allocation of responsibilities and competence (H/W
tree), design, for cost estimates in the early phases , and later-on for procurement.
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Figure 5.3-3: Conceptual Electrical Design

The baseline design is the implementation of the functional breakdown into an architecture. This is
depicted in Figure 5.3-4. It is composed of state of the art subsystem designs for ESA spacecraft and
comprises the following functions:

e The avionics system comprises the classical Command & Data Handling System (C&DH) and the
AOCS sensors and actuators electrical interface. The avionics system is applying an integrated
avionics processor system sharing the processor for the C&DH, the AOCS/RCS, and the Instrument
tasks. To ease the graphical lay-out the green AOCS interface module and the (Remote) Terminal
Module are drawn separately from the CPS but in the baseline design they are embedded
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Figure 5.3-4: Functional/Electrical Architecture

e The power discipline is realised by two sets of Power Conditioning and Distribution Unit (PCDU) and
solar array, one set for each of the two modules. The battery is accommodated only on the
propulsion module. The PCDU and the solar arrays are designed for the selected power control
concept (PPT).

e The RF communication system is an X-band system with two transponders at 5 W RF power outlet.
Six low gain patch antennas provide a quasi-omnidirectional coverage in LEOP, Cruise and Safe
Modes. 2 HGAs (1 DOF) compensate the torque disturbances when rotated. Only one HGA will be
active at a time in nominal science phase. A Radio Frequency Distribution Unit (RFDU) performs the
selection of the transmitting antenna.

e Thermal control electrical items are the heater mats, thermistors, thermal control power outlets in
the PCDU for survival heater power switching; nominally the temperature control is performed via
software controlled circuits.

e The interconnecting medium is the serial MIL-STD-1553B data bus.

e The satellite operations interfaces will be applied via the Command and Data Handling System
(C&DH) of the avionics system and will be based on the ESOC SOIRD (S/C Operations Interface
Requirements Document).
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5.3.2 Electrical Power Subsystem

Major Requirements:

e According to the strong requirements on AOCS control stability, very low electromagnetic* and
thermal disturbances shall be generated by the Power subsystem.

e The solar panel shall not generate temperature gradients during the measurement phase, which
requires a SA power control scheme, that exploits the SA power homogeneously but not in switched
strings or sections.

e The battery shall generate low magnetic momentum*, magnetic materials shall be omitted as far as
possible.

*the initial stringent requirement for low magnetic momentum was the design driver but has been
'provisionally' relaxed, refer also to the EMC section.

The Power subsystem and the solar arrays shall comply with the calculated total power demand of Table
5.3-4.

Power Design:

Based on the discussion of the power concept of section 4.2 the Electrical Power Subsystem (EPS)
architecture is selected as given in Figure 5.3-5.
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Figure 5.3-5: Power Subsystem Block Diagram, baseline

e Science Module Solar Array

e Propulsion Module Solar Array

e Power Control and Distribution Unit (PDCU) with Maximum Power Point Tracker (MPPT), Main
Regulator and Main Error Amplifier (MEA), one of these on each of the modules

e Power Distribution of the Science Module with a Pyro Module
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Battery of Li-ION type; charge and discharge regulators are located in the PCDU of the Propulsion
Module.

The MPPT builds a closed control loop with power regulators of the buck converter type, which
transfer the SA power into a 28V regulated main bus voltage. During LEOP and the cruise phase the
SA and/or battery power of the Propulsion Module is transferred to the main bus of the Science
Module. For separation of the composites after cruising this power path shall be disconnected at
zero current flow to avoid potential connector welding by arcing.

Main bus voltage regulation, performed by a 2 out of 3 hot redundant voltage controller, including
the main error amplifier (MEA), which delivers the control signal of the primary power control loop,
built by SA power regulators - only on the Propulsion Module together with the battery charge and
discharge regulators (BCR and BDR).

The primary power distribution interface to the users must be designed that no single failure at a
distributed power line can lead to a permanent shutdown of the main bus. The PCU power bus (on
both modules) recovers automatically from any shutdown transition if the cause of it is disappeared.

The PCDU will be designed such that it safely starts up when it receives power from the SA. Battery
charging and survival heating shall not prevent the PCDU from start up capability, even when the
battery is fully discharged.

The EPS is monitored and controlled by the Data Management System (DMS) via a serial data bus
and discrete command lines from the (Remote) Terminal Module (RTM).

The following table give the detailed figures for mass and dimensions of the PCDUs on the Science
Module and the Propulsion Module.
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Table 5.3-1: Science Module PCDU Mechanical Characteristics

Module Mass / g No Total Mass Module Width Length / mm
/ mm
Input Module 1250 1 1250 50 50 MB-Filter 800u, 2 Batt-relay, 2
Curr. Sensors, 2 D*M 25 pins
SAR Module 900 2 1800 50 100 2 Power Regulators 400W, 1 of 2
PPT-400W redundant
LCL Module 530 2 1060 25 50 2*8 Instrument outputs
Heater - LCL 560 3 1680 25 75 3* 8 Heater outputs LCL +
Module Switch
FCL Module 500 1 500 25 25 8 Current Limiter outputs
Pyro Module 680 2 1360 25 50 2 * 8 Pyro Outputs (2 * Arming-
Relay, Fire)
Auxiliary 650 1 650 25 25 Dual-Supply 2*6W, 2*DxM
Supply
I/F Module 440 2 880 25 50 MIL STD 1553 I/F
HK-stage MEA, 540 1 540 25 25 MEA, PPT, HK-acquisition (M+R)
PPT 2*DxM25
Housing 2700 1
Total Mass 12.42 kg
Dimensions: HxW x L (mm x mm x mm)
203 x 204 x 450

Power Design Option:

The Electrical Power Subsystem (EPS) architecture of Figure 5.3-6 is given as a compromise with some
advantages for the power discipline (mass and cost reduction) but also disadvantage on system level for
thermal aspects.

The initial reason for a separate SA on the propulsion module has been the initially smaller area of the

Science Module SA because of its location in the cone of the fairing. The constraints of the Launcher

CoG reduced the height of the Propulsion Module and caused the upside down orientation of the
composite stack on the Launcher, thus the area of the Science Module SA increased to 5.7mz2.

Deleting the SA on the Propulsion Module would demand for a complete lay-out of the Science Module
upper plate with solar cells which does no longer allow to optimise its thermal control with second
surface mirrors.

Table 5.3-2: Science Module PCDU Mechanical Characteristics, minimised option

Total Mass

15.07 kg

Dimensions:

HxW x L (mmxmmxmm)
203 x 204 x 550
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Figure 5.3-6: Power Subsystem, minimised option

Solar Array:

The solar array of the Science Module under normal operating conditions is orientated to the sun under
an aspect angle of 60°. In order to cover the maximum bus power demand of 315W any type of solar
cells could be applied for this Module. Table 5.3-3 is listing the major parameters for standard GaAs and
triple junction GaAs cell designs. In a common procurement with the solar array of the Propulsion
Module the triple junction GaAs cells are baseline.

There remain large areas for the application of Second Surface Mirrors for thermal design on the
Science Module SA and to add SA strings from redundancy reasons (one failure tolerance at minimum).
The minimum cell area must be 1.9 m? (without string redundancy).

Each of the SA string is terminated with a protective diode to avoid propagation of short-circuit failures
into the power system.

Table 5.3-3: Potentially Available SA Power at EOL

Parameters Science Module | Science Module
Available Area / m2 5.7 5.7
Applied GaAs cells standard triple junction
Efficiency of cells at 28°C 18.3% 24.5%
Temperature Coefficient 0.19%/K 0.25%/K
Array Temperature /°C 70 70
Efficiency at ops temperature 16,84% 21.93%
Solar Aspect Angle 30° 30°

EOL 10 years 10 years
Required Power (SA area) 315 W 315 W (1.9 m?)
Available SA Power at EOL 837 W 950 W

Power Degradation: 2.75% per year, as for GEO application assumed for both types of cells
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Table 5.3-4: Detailed Power Budget with Power Demand of the Solar Arrays

Sub- NO. |Unit Name Ops No. of Average | Contin- | Gross Total | Gross Total
System Power/ |operating gency Science | Propulsion
unit units factor Module Module
W] wi W] wi
AOCS 1 |Star Camera Assembly 7,6 1,0 7,6
4 |Coarse Sun Sensor 0,2 0,0 0,0
1 |Fibre Optical Gyro Unit 12,0 1,0 12,0
2 |HGA Drive 2,5 2,0 5,0 0
AOCS 0,10 27,1 21,6
Instrument | 2 |Laser Assembly 5,0 2,0 10,0
2 |Laser Phase Modulator 6,0 2,0 12,0
2 |USO 0,6 1,0 0,6
2 |UV Discharger 3,0 2,0 6,0
2 |Interferometer:
2 optical bench 4,5 2,0 9,0
2 electronics box 11,9 2,0 23,8
2 DHU 10,0 2,0 20,0
2 |lInertial reference EL. 5,0 2,0 10,0
2 |LISA Instrument Controller 8,0 1,0 8,0
2 |Instruments total 0,25 124,3 0
Power 1 |PCDU Basic Power 6,0 1,0 6,0
Battery trickle charge 5
Power Subtotal 0,10 6,6 6,6
CDMS 1 |Centralised Processor 23,0 1,0 23,0
2 |Solid State Mass Memory 2,0 1,0 2,0
OBDH Subtotal 0,10 27,5 27,5
RF COMS | 4 |LGA X-band
1 |RFDU 1,0 1,0 1,0
2 |Transponder X-band 5,0 2,0 10,0
2 |HGA X- band 1,0 0,0
2 |modulator in TRSP 2,0 1,0 2,0
2 |SSPA (5W RF power) 30,0 1,0 30,0
1 |WG, Switch,Cabling 1,0 0,0
RF COMS Subtotal 0,10 47,3 47,3
FEEPs 2 |FEEP Electronics 8,0 2,0 16,0
3 |FEEP Clusters 2,8 3,0 8,4
RCS Subtotal 0,25 30,5
Propulsion | 1 |Electric Propulsion
Propulsion Subtotal 588,00 0,15 676,2
Thermal S/S thermal stabilisation
Instrument
Total Power required 263 784
PCDU load depend. losses & harness : 8% 23 68
Module power 286 852
System Margin 0,10
SA Power 315 938
demand — —
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5.3.3

Command and Data Handling/Avionics

As depicted in Figure 5.3-7 state-of-the-art Control and Data Handling systems also serve the interfaces
to the AOCS/RCS sensors and actuators and run the C&DH and the AOCS software in their common
processor system. For these systems the expression 'AVIONICS' is well established.

For LISA the Avionics System also has been envisaged to run the instrument specific S/W to ease the
integrated scientific control applications. Thus a 'Centralised Processor System' is a LISA specific item.
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: i Y
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Module Memory
- TM Formatter
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Figure 5.3-7: Avionics System with Interface to Instrument

The functional interface with the instruments which will serve for
- Sensor raw data acquisition
- Sensor and Actuator Control
- Synchronisation
- and Inter-Satellite Communication Data transfer.

will be implemented via the MIL-STD 1553B data bus and a specific simple LISA Instrument Controller.

LISA Instrument Controller:
Proposed definition of general tasks and implementations:

Acquisition of instrument raw data and formatting into CCSDS Source Packets

Secondary Power

'

Monitoring and reporting of all instrument modules/units (HK-TM acquisition, formatting to

CCSDS Source Packets and distribution to system DMS, i.e. the CPS)

Serving all instrument sensors and actuators on their lower OSI layers - as Data Link and Physical

Layer (ISO/0SI 7 layer structure as reference); the Application Layer (e.g. complex control
algorithms for drag-free control) are processes in the CPS
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Timing Synchronisation, e.g.1 Hz clock via MIL-Bus Broadcast correlated to S/C elapsed time (in
CCSDS Unsegmented Time Code (CUQ)), if necessary a dedicated TBD MHz clock for sub-
seconds counts at high resolution could be amended.

Inter-Satellite Communication data will simple be identified according to their Application
Process ID.

The LISA Instrument Controller is proposed to be designed of one single cold redundant unit. It shall
incorporate for each redundant path:

1 Processor board with a rather simple controller, baseline could be 80C32 (radiation tolerant
design, Temic), ROM, EEPROM, and RAM on board

1 interface board with ADC for analog status and thermistor acquisition, a set of pulse command
outlets, detector telemetry I /F: 1 serial IEEE 1355 link (link performance ca. 100Mbps) or optionally
RS 422 I /F with UART (link performance ca. 10 Mbps for 10 m cable length) to the dedicated data
electronics, a set of digital status acquisition lines and the System interfaces MIL-STD 1553B RT,
Clock and Time synch. I /F

1 DC/DC converter.

5.3.3.1 AVIONICS System Design
The proposed avionics design for the Centralised Processor System (CPS) is based on an Integrated
Platform Computer (IPC) named LEONARDO.

LEONARDO (LEo On-board Novel ARchitecture for_Data handling) is a novel Integrated System especially
suited for small and medium size satellite.

The CPS gathers, in a unique mechanical box, Command, Data Handling, Attitude and Orbit
Determination/Control and Housekeeping capabilities, with great advantages in terms of compactness.
A'local Solid State Mass Memory module can also be included In the same housing.

The CPS is based on an internal modular fault tolerant architecture employing fast internal serial lines
(IEEE- 1355 DS-link /"Spacewire") for communication among the various modules. A MIL-STD 1553B bus
is adopted as a main avionics system bus and also internally to transfer data between the Processor and
the peripheral I/0 modules.

CPS Description:

The CPS is the core of the Satellite avionics and includes in the same box the typical Data Handling (DH)
and Attitude/Orbit Determination and Control (AOC) functions.

For this purpose it interfaces:

e The S/C subsystems via MIL-STD-1553 bus and discrete TM/TC channels

e The AOCS sensors and actuators via either MIL-STD-1553 bus or dedicated specific interfaces
e The Payload via MIL-STD-1553 bus and discrete TM/TC channels

e The TT&C and RX Payload for Ground Telecommands processing and execution and for sending
Telemetry to Ground.
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LEONARDO hosts a dual redundant electronics.

Normally the main modules are switched on (except the TC decoders that are both powered on). In case
of failure the redundant module can be switched over independently from the other modules: a full
cross-strap is in fact implemented within the unit to allow any module to exchange data with all of the
others. Moreover the unit is conceived in such a way to allow switching on both redundancies at the

sam

Figu

e time (for emergency or diagnostics reasons).

re 5.3-8 shows the block diagram of the proposed Integrated Platform Computer.
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Figure 5.3-8:Centralised Processor System(LEONARDO) Block Diagram

CPS basic modules are:

TC Module implementing a fully compliant ESA PSS-04-107 Packet Telecommand Decoder : Video

BPSK or digital input interfaces towards TT&C Receivers and EGSE, telecommand video BPSK
stream digital demodulation, single ASIC Telecommand Decoder Core functions including internal
standard Authentication Unit and Command Pulse Distribution Unit logic. Moreover, High Priority
command pulse drivers, MAP demultiplexing and distribution interfaces are housed in the same
module.

TM Module implementing a fully compliant ESA PSS-04-106 Telemetry Generator providing on the
same module up to 4 Virtual Channels, Virtual Channels multiplexing, Telemetry formatter and
Telemetry Interfaces towards TT&C Transmitter and EGSE. Essential telemetry generation HW is also
provided.

The Reconfiguration Module is connected to the nominal and redundant Processor Modules through
DS-Links IEEE-1355 ("Spacewire")

Processor Module. The Processor Module is based on an ERC-32 single chip microprocessor (TEMIC
TSC695E), which implements SPARC V7 architecture. The Processor Module features 17 Mips / 3.4
Mflops @ 24MHz. Thanks to this performance it is possible to execute on the same Processor
Module the classic Data Handling tasks, Attitude/Orbit Control tasks as well as Payload specific
tasks with great advantage at system level in terms of mass and power consumption. The Processor
Module comes with Start-up/Boot PROM, Application SW EEPROM and SW Working SRAM (the
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latter two SED/DED EDAC protected).
The following Interfaces are foreseen: serial MAP |/F’s toward TC module; 6 IEEE-1355 DS-Links
towards TM / RM modules. Figure 5.3-9 shows a block diagram of the Processor Module.
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Figure 5.3-9: Processor Module Block Diagram

e Reconfiguration Module. The Reconfiguration module gathers all of the functions pertaining to
Failure Detection Isolation and Recovery (FDIR). In details, it provides: the Reconfiguration Function,
the Protected Resources, the On Board Time counter, the Reconfiguration Commands logic and
drivers. The Reconfiguration Module is connected to the Nominal and redundant Processor Modules
through IEEE-1355 DS-Links.

e Attitude Control Electronics (ACE) Module. The ACE module is in charge of interfacing the AOCS
actuators and sensors. It provides functions for AOCS command distribution/actuation and data
acquisition. The ACE module can support the LISA AOCS Sensors: Sun Sensors, Star Trackers and
Fibre Optic Gyros (in case they request particular interfaces different from MIL-STD-15553B). The
Propulsion Actuators (FEEP as well as Chemical propulsion systems) are also supported. This module
interfaces the Processor Module via MIL-STD-1553B data bus.

e Housekeeping Module. The PF-HK module interfaces the MIL-STD-1553B data bus and collects
standard acquisitions and distributes standard commands from/to external users, implementing the
classical OBDH Remote Terminal Unit (RTU). Acquisition interfaces include: Analogue, Digital Bi-
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level, Relay status, Digital Serial and Thermistor channels; commands interfaces are for Digital
Memory Load and for discrete Pulse Command. | /O Interfaces are ESA TTC-B-01 compliant.

LEONARDO heritage and future improvements:

LEONARDO has been developed for the Italian standard satellite platform PRIMA, intended to be mainly
exploited for small/medium class satellites (<1000 kg) carrying either Scientific or Earth Observation
Payloads.

Every module is implemented on the basis of the LABEN experience in designing On Board Electronic
equipment: most of the proposed electronics is inherited from existing hardware already flown or
installed on current space programmes.

The Processor Module is an evolution of the one developed for the Italian Star Tracker which will fly on
board the SAC-C satellite. TM, TC and Reconfiguration modules largely take into account the experience
gained on Cluster/XMM/Integral CDMU's. The Housekeeping | /O Standard (Analogue, bi-level and
digital channels, discrete Pulse commands) are based on the above programmes Remote Terminal Units
(RTU's), while interfaces towards actuators and sensors are based on ARTEMIS Remote Unit A (RUA)
which has been designed to support command and control of Propulsion System, Reaction and
Momentum Wheels, Gyros, Earth and Sun sensors.

Although the present LEONARDO design is based on state-of-art technology with large use of VLSI's
(ASIC) and hybrid modules, it can be argued that, considering the schedule of LISA development, new
technologies will become available to the space market. This will allow further improvements in terms of
compactness, mass, power consumption, capability and processing performances. Some already
foreseen expected improvements are for instance:

e 3.3V digital families, improving power consumption of the logic electronics

e Memory density, allowing to host the requested Mass Memory capacity (256 Mbits) by expanding
the one already present on the Reconfiguration Module (currently 64 Mbits)

e Increased adoption of MCM (including 3D) and "system on chip" technology

e Increase of the processing power adopting the forthcoming SPARC V8 which is being developed by
ESA

H/W Budgets:

The following budgets have been estimated for the LISA CPS:

e Mass: 15.9 kg

e Dimensions: 410x243x185 mm (LxWxH) (410x275x190 including mounting feet and connectors)

e Power consumption: 25 W (average)

5.3.3.2 Software Design

A reference software layout of the Command & Data handling and AOCS/RCS systems is proposed to be
composed out of three layers:

1. Basic Software

2. Standard Application Software

3. Mission Specific Software
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The general functions and their implementation are described in Table 5.3-5. The standard application
software will basically comprise the following functions:

TC Handler, TM Handler, Time Tag Buffer Handler, HK Monitor, History Monitor, TM Transfer Frame
Generator, Instrument data formatter (VCDAU) Handler, S/W Reporter, DMS serial links Handler
(IEEE 1355), Data Bus Control Handler (MIL 1553B), CDMS/Avionics Processor Unit Control, SSMM
File Handler, SSMM Patch/Dump Handler (back-up for failure analyses), PT to PT Communication
Handler via MIL-1553B Data Bus), Time Synchronisation Service

The mission specific software is decomposed into its major constituents servicing the instrument and
the individual subsystems (services in this sense are functions not provided by the Standard Application
S/W package). It contains the mission specific criteria and nominal operational cases for which OBCPs
are selected and initiated. In addition, it comprises

System Nominal Autonomous Control (allowing an unattended operation of TBD hours)
High level Anomaly Control, Anomaly Procedures Execution

Macro Procedures Execution

Power S/S Control Service

Thermal Control Service

C&DH Control Service

Instrument Service

RF communication service for TT&C and Science Data downlink

Inter-Satellite Laser link communication

Including AOCS/RCS mode management, attitude & orbit control and orbit maintenance during LEOP
and Cruise, and drag-free control during the science phase..

Table 5.3-5: LISA Software Layers:

Layer Functions Implementation

Basic S/W 1. Processor dependent basic operating system functions 5.is VxWorks (for the ERC 32
2. Real time execution environment processor) which is a commercial
3. Services for the non-basic software operating system offering all
4. Interface Drivers necessary software development

tools available

Standard 6. Implementation of mission operational interface requirements 8. Proposed by On-Board Control
Application S/W based on ESOC's SOIRD (handler software) Procedure language (OBCP)

7.AOCS and RCS equipment handlers

Mission Specific 9.lmplementation of services not provided by standard application | 14. To reduce S/W development

Service S/W S/We.g.: costs, goal is to implement
10. System nominal autonomous control (tbd h autonomy) majority of functions by already
11. CPS applied instrument service functions and existing modules in lower layer
12. Laser inter-communication service software

13. AOCS / RCS software for mode management, navigation, drag-

free control etc.
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5.3.3.3 Data Budget

Data Acquisition (from Master S/C instruments and also via Laser Inter-Satellite Links), storage, and
transmission by LISA Master S/C:

Science data: 14 Variables x 24 bit x 2 Hz = 672 bps (desired from instrument experts)
Auxiliary data TBD, assumed: 3 S/C x 100 bps = 300 bps (minimum)

S/C HK data TBD, assumed: 3 S/C x 100 bps =300 bps (minimum)

Data Formatting into CCSDS Packets: 5% overhead

Formatting into Transfer frames for play-back: and RS encoding: 15% overhead

Table 5.3-6: LISA on-board Data Rates and Volumes:

Parameter Data Rates/ bps
Status:

Start Ph. 2 updated

Science Data - raw 1000 672 (3S/C)
- compressed 200

Instrument Data (Auxiliary data) 100 3x100
S/C HK Data 100 3x100
Total for Master S/C 400 1272
CCSDS Packets into SSMM 1336
Transfer Frames factor with RS encoding during play-back (1.15)
Data Volume per 48 h 69 Mb 231 Mb
Downlink duration at 7 kbps data rate per 48 h 2,74 h 9.17 h

As identified in the table above the required data volume of ca 231 Mb for the '"Mass Memory' is far
below 1 Gbits. Its implementation can be easily done with the expansion of the processor memory or the
Safeguard Memory. From 2002 the available SSMM boards instead provide a memory capacity of 132
Gbits on a single double-eurobord.
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5.3.4 RF Communications

The configuration of the RF Communications Sub-system is shown in

Figure 5.3-10. It comprises two high gain antennas and six low gain antennas connected to a redundant
X-Band Transponder by an RF Distribution Unit.

The two high gain antennas are steerable dish antennas of 30 cm diameter, each providing 180°
coverage in azimuth. They are mounted on the science module to provide a complete 360° of coverage
(refer also to the configuration drawings).
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Figure 5.3-10: RF Telecommunications Sub-system Block Diagram

During the operational phase the science module makes a stable 360 degree rotation around its
symmetrical body axis once per year. In order to minimise the torque of the antenna to the science
module, the antenna drives will be actuated 2 degrees every second day (two minutes motion time
assumed). The antenna actuation will be controlled by the AOCS, the disturbance torque is further
minimised by moving the antennas simultaneously in opposite directions. The driving motor could be a
piezoelectric drive, if the magnetic momentum has to be minimised (refer also to the EMC chapter).

Figure 5.3-11: Piezoelectric Rotary Drive; Concept of Travelling Wave and Example of Design
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Each 30 cm diameter dish antenna will have an antenna boresight gain of about 26 dBi and a 3 dB
beamwidth of ca. 7 degrees.

The antenna movement is done only in azimuth. The boresight in elevation varies by +0.5° as shown in
the orbit analysis. This gives a pointing loss of 0.13 dB. This loss is respected in the link-budget.

An X-Band Standard Deep Space Transponder (recurring from SMART 1, but without Ka-Tx) with a
transmission output power of 5 W is baseline (further enhancement by a 20 W SSPA is an option which
would allow to increase the data rate up to 28 kbps and thus reduce the actual downlink transmission
time from 9.17 h per two days time intervals below 2.3 h).

Six low gain patch antennas, mounted equidistantly on the spacecraft rim, will provide an quasi-
omnidirectional coverage (actually a torroidal pattern around the x axis). If more detailed analysis reveal
the necessity for full omnidirectional coverage two additional patches may be adopted into the
directions of the main rotational axis.

The RF Telecommunications has two downlink modes, one with high rate to transmit science and HK
data in the normal operations mode, another with a 1 bps (at 5 W RF power (or 5 bps at 20 W RF power)
low rate for the final transfer phase and for spacecraft health and emergencies. At lower distances for
the early mission phases this rate should be increased reverse proportionally to the smaller path losses
The DSN 34-m beam waveguide (BWG) station will receive the X-band downlink in both modes and will
also uplink X-band commands at a rate of 2000 bps via the HGA.

The high rate X-band link budget is based on the following parameters:

The 7 kbps downlink uses a modulation index of 1.4 radians peak, directly modulating the carrier. The
system will employ rate 1/6, constraint length 15, convolutional code, concatenated with the JPL
standard Reed Solomon code. The assumed bit error rate (BER) of 10° requires an S/N of about 0.81
dB. The antenna will have a 3 dB beamwidth of about 6.97°, and a pointing loss of 0.13 dB.(for the
boresigth elevation variation of £0.5). It is assumed the DSN receiver will have a bandwidth of about 5
Hz. With this assumption, the data margin will be > 3 dB and carrier margin will be at least 6 dB. Table
5.3-7 shows these link budget results. Positive link margins (at least the add-on relative to 3 dB) indicate
that the BER will be better than assumed for the link budget calculations. As there are presently no
dedicated data available for the DSN concatenated encoding scheme from above (rate 1/6, constraint
length 15) Table 5.3-1 gives the required S/N ratios for achievable BERs. As indicated an additional 0.1

dB reduces the BER from the assumed 10 ° to at least 10”.

The low-rate (1 bps) TM mode will use six fixed 3 cm low-gain patch antennas (LGAs), each with a 3 dB
beam-width of about 67.2°. This link will also use the same coding scheme used by the high-rate
downlink. Under these conditions the link will provide a reasonable data margin of 3 dB and a carrier
margin of about 6 dB. Table 5.3-7 also shows the link budget results for this case.

For emergency mode and cruise phase communications, that will use the low-rate mode, the spacecraft
will be pointed towards the sun and the one LGA facing the earth will be switched active. It will receive
TC and transmit the spacecraft HK data to the ground. In the case of total failure of the attitude control
system the CPS computer will sequentially switch the antennas in a predetermined way and identify the
respective antenna active which will cause a receiver locked signal. Emergency commanding will be
done using the 34-m BWG antenna to transmit X-band at 20 kW. In both cases the link is a viable link
with reasonable margins.
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Table 5.3-7: TM Link Budgets Results:

Antenna Band = Amplifier Gain @Beam EIRP = eff. Rate n Margin [db]
W dBi deg dBWi kbps Carrier Data
HGA-0.3m X 5.0 26 7 63 7 8.12 3.12
X 20.0 26 7 69 28 14.12 3.10
LGA X 5.0 0 67.2 37 0.001 3.27 3.21
X 20.0 0 67.2 43 0.005 8.11 3.69

Table 5.3-8: Required E,/N, for different Bit Error Rates (BER) (for ESA compatible links):

Encoding Ey/Ny at required Bit Error Rates (BER)
Scheme 0f | 10f | 107 | 10t | 10°
uncoded 9,6 10,5 11,3 12 12,5
R_S 6,1 6,4 6,6 6,8 7
convol (1/2) 4,3 4,9 5,4 5,9 6,3
concat (1/2) 2,4 2,5 2,55 2,65 2,7

5.3.5 EMC

For LISA a spacecraft design resulting in a moderate to low EMI level is proposed. Areas of particular
EMC-concern will be

Grounding and shielding concept of Science Module and Propulsion Module

EMI Propulsion module to Science Module

EMI S/C bus to payload
RF compatibility (RFC)

Electrostatic charging / ESD.

The grounding concept shall be Distributed Starpoint Grounding (DSPG) for the entire system with the
primary starpoint inside the Science Module PCDU. DSPG requires primary isolation within any unit on
both Modules as well as signal interface isolation (basically on the receiver end). To achieve a low EMI
environment the shielding concept will include requirements for harness-, box, and panel shielding.

For EMI between Propulsion Module and Science Module no major interference is expected due to the
fact that the two modules are not going to work simultaneously during the nominal science phase, ie.
the EMI driving science instrument will not work during the transfer phase.
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EMI to/from the payload is mainly dependent on the satellite design. No particular EMI precautions shall
be foreseen according to the actual design. Nevertheless the special voltage stability which is required
in the range of 2.8 to 4 x-10° V/\/Hz for some instrument electronic units (Phasemeter electronic, Front-
end electronic, ...), which is required by the thermal analysis, shall not be part of the EMI requirements
due to the fact that the voltage stability shall be realised inside each critical unit on secondary voltage
level. The required voltage stability shall not be part of the EMI requirements on the power bus. The
FEEP thruster system is working at high voltages. The design of the FEEPs and their control electronics
shall prevent any radiated emissions EMI.

For Magnetic Cleanliness some analyses were performed. The initial requirement for magnetic
momentum of < 3mAm" is now provisionally relaxed (Memo form S. Vitale, 25.11.1999: '... there is no
specific request for the magnetic momentum of the spacecraft'; i.e. no particular design needs to be
established on LISA according to the referenced document. This information is presently to be
consolidated from further experts. If this statement will be revised to a strong requirement on magnetic
cleanliness again there will be some possible applications with piezo-electrical drives. Presently there
are some activities at the ESTEC mechanisms division for the TRP-Plan (2000-2002) for linear and rotary
drives and also for piezo-electrical valves.

RF Compatibility (RFC) will be a minor issue because of the two TT&C high gain antennas (X-band Rx and
X-band Tx) on every satellite. The antennas will be mounted on top of the science module with the main
beam of each antenna in opposite directions. One antenna only is actively used during each mission
phase on every satellite. The coupling between the antennas is therefore reduced by the
accommodation and orientation of the antennas. Nevertheless the influence of unwanted coupled
signals shall be reduced by the design of the RF communication units and an RFC analysis in future
design phases.

The electrostatic charging and ESD respectively depend mainly on the satellite design. The S/C will
usually charge up negatively due to the space plasma. Space exposed surfaces must avoid high voltage
gradients caused by dielectric materials to prevent ESD (S/C body and S/A). The influence of the lon-
Emitter propulsion system on the S/C charging must be investigated. The FEEP thruster system is
expected to have no negative influence on S/C charging according to the analysis of ARCS: 'Parameters
of the ARCS In FEEP Thruster System', 24./25.10.1999).
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5.4 Attitude and Orbit Control

5.4.1 Introduction

The LISA Attitude & Orbit Control System (AOCS) requires a particular attention, since the mission
combines a transfer to a deep space orbit (heliocentric orbit 30° behind the Earth), the acquisition of
inter-satellite links between very distant spacecraft and finally pointing & translation control with an
extreme accuracy during the operation phase. Both, the acquisition of the optical link between the S/C
and the Drag-Free and Attitude Control are the major challenges of this mission. But other modes must
also be carefully studied, LISA being a deep-space mission with unique features.

All modes up to the Laser beam acquisition will be described in this section. before a detailed study of
the most critical ones in the next sections. As the Drag-Free and Attitude Control System (DFACS) is one
of the key issue with a direct impact on the scientific performance. This mode alone requires large
efforts to be developed, since the targeted acceleration level is smaller than for any other mission, flown
or under development.

5.4.2 AOCS Modes

5.4.2.1 Overview

The LISA AOCS modes are presented in the following diagram, with a clear distinction between the
"coarse" pointing modes of the transfer phase to the operational orbit and the acquisition & fine pointing
drag-free modes after the separation from the Propulsion Module. In the frame of this Phase A, we will
focus on the most critical & innovative modes, only a brief description of the more conventional modes
is given in the following, with as main objective to identify requirements on sensors and actuators.

Propulsion Module
Separation

Transfer On-orbit S/C Controlled Modes

Launcher Sun pointing Star Sensor Operational Attitude Star Sensor
Separation Acquisition Mode Pointing Mode Acquisition Mode Waiting Mode

4

[ Safe Mode Cruise Mode J Safe Mode
. Instrument
Science Mode Commissioning
& Calibration Mode

Payload Computer Authority

Drag-Free
Acquisition Mode

Laser Beam
Acquisition Mode

Figure 5.4-1: Diagrams of the AOCS modes
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5.4.2.2 Modes during transfer

Sun Pointing Acquisition Mode & Safe Mode (S/M + P/M)

The Sun Pointing Acquisition mode is the first mode to take place right after the launcher separation. Its
role is to damp initial angular velocities (due to the separation itself), and then to point the spacecraft
Solar Arrays (SA) toward the Sun to provide power and safe thermal conditions. A secondary objective is
to allow communication with the ground through correct orientation of the TM/TC. These are also the
objectives of the safe mode.

The attitude control is performed in two steps :

- First, through the application of a control torque proportional to the cross-product of measured and
wanted Sun vector, to reorient the S/C toward the Sun.

- Then reduce the rate about the stabilised Sun direction to zero.

To perform these sequences, 1-N hydrazine thrusters will be used with full torque authority. For attitude
determination, the use of star trackers cannot be baselined for the Acquisition Mode because of the
possible high angular rate (0.5°/s typically, and up to 2°/sec for some launchers), and for the Safe
Mode for failure isolation considerations. Therefore it is recommended to use two coarse/wide Field Of
View (FOV) Sun sensors (one on the Science Module, one on the Propulsion Module) for nearly full sky
coverage. This provides in formation around two axes. For sensing the rotation about the Sun line, the
baseline is to use a magnetometer. This is adequate for the initial Sun Pointing Acquisition that takes
place in the neighbourhood of the Earth, but not for the safe mode which may occur in deep space,
where no valuable magnetic information is available. For this mode, where the angular rates will be small
enough, it is proposed to use the star sensor, possibly in relative mode for initial rate damping.

Cruise Mode & RCS configuration

The objective of this mode is to perform the transfer from the Earth toward the nominal orbit around the
Sun. To reach the operational location (30° behind the Earth ojn its orbit around the Sun), an ion
thruster will be constantly fired, S/C attitude being continuously varied to orient the thrust vector
according to the navigation profile . The role of the AOCS in this mode is therefore to perform 3-axis
attitude stabilisation around the (slow) guidance profile, while ensuring maximum illumination of the
solar array.

During this mode, the attitude reference is given by the star trackers (STR). The STR LOS are always at
least 70° away from the Sun, and at least one of them is not blinded by the Earth, Thus no star hole is
expected provided that the sensor FOV is sufficient (this is actually the case with the baselined wide
FOV autonomous star sensors.

The main difficulty in this mode is to cope with the high disturbing torques created by the IPS (lon
ropulsion System) (misalignments of the thrust vector and uncertainty on the centre of mass location).
The hydrazine thruster will be used to cancel out these disturbing torques, with possibly the use of tilt
mechanism for the IPS. Such a mechanism would reduce the torques, and consequently the hydrazine
consumption.

Two cases are then studied to assess the need for a tilt mechanism. In the first case, the IPS is used
without mechanism, whereas in the second case, the IPS is mounted on two-axis gimbals.
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The hypotheses to calculate the disturbing torques are an IPS thrust level of 18 mN, a bias on thrust
direction of 1° (typical of IPS systems like the RIT10), and a centre of mass uncertainy of 15 mm in the X
direction (the considered configuration is described in section 2.3).

Without gimbals, the hydrazine budget is 10 kg for a 450-day transfer (no margin), whereas it would be
reduced to less than 2 kg with a 2-axis mechanism (i.e. to compensate for the solar torque only).

Therefore, since the propellant mass saving (typically 5 kg when accounting for the mass of the two
gimbals) is small, it is not recommended to implement gimbals, which would add complexity and cost.
This point may need to be reconsidered in further stages if the S/C mass budget happen to be critical.

5.4.2.3 Modes after the Propulsion module separation

Sun Pointing Acquisition Mode & Safe Mode

After the separation of the Propulsion module, the pointing of the S/C towards the Sun has to be re-
acquired. Quite hopefully, the initial dynamic conditions are much more benign compared to the
separation from the launch : the angular rates have been evaluated to 0.03° /sec by DSS. Indeed, the
actuators available on the S/M (Sience Module) FEEP thruster, have a very low force authority (20 uN).

The convergence duration is evaluated to 15 min, with a maximum pointing error wrt the Sun limited to
less than 5°. Therefore, there is no need for full sky coverage. The single Sun sensor implemented on
the S/M (the other is on the P/M) is therefore sufficient . An attractive solution is however to rely on the
star sensors, so that the acquisition sequence is greatly simplified (the separation is only a transient
within a single stellar mode.

For the safe mode , the same concept could be utilised, with automatic reconfiguration to redundant
thrusters and star sensor. The Sun sensor is then used as an attitude anomaly detector, providing
separate failure detection & failure recovery means. Using a single mode for Attitude Acquisition and
Safe Mode also contributes to high robustness and autonomy with a reduced development effort.

Drag-Free Acquisition Mode

The detailed study of this mode has been left to further studies, since the priority was given to the
Science Mode and the Laser Beam Acquisition Mode. However, this mode deserves a specific attention
since it is likely to be quite challenging from control point of view. Indeed the rejection ratios required in
Science Mode are quite high (100 dB typically), which represent a dramatic reduction of the natural
acceleration errors. Progressive reduction of these errors will be necessary to avoid excessive transients
(e.g. the Proof Mass (PM) may hit the cage). This is however an issue common to all missions requiring
high accuracy drag-free performances, that is generally solved by implementing gain scheduling and
transition smoothing filters. A point to be assessed in future phases is the required dynamic range of the
sensors involved in the drag-free acquisition process.

The current approach is to perform the drag-free acquisition prior to laser beam acquisition (see the
bloc-diagram of Figure 5.4-1). This is however not frozen, since only detailed analysis and design of
these transition modes will allow to select the best sequencing of events.

The Laser Beam Acquisition Mode and the Science Mode are studied in details in dedicated sections.
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5.4.3 AOCS Electrical Architecture

The block diagram of the AOCS subsystem is presented in the following figure. The majority of the AOCS
hardware is part of the S/M, only the actuators specific to the transfer phases (hydrazine thrusters and
IPS) are implemented on the P/M. Consistently with the overall avionics layout proposed by DSS, the
AOCS is organised in a centralised architecture, an unique data bus (1553 bus assumed) connecting the
different sensors & actuators to the centralised computer where AOCS/DFACS software modules for all
modes are executed.

The AOCS sensors & actuators are interfaced with the data bus through dedicated interface electronics,
with the exception of the star sensors, which generally have direct connections. A single electronics box
houses the interfaces with the standard analogue sensors, while FEEP thrusters are interfaced through
their specific electronics, to be provided by the manufacturer.

The DFACS also interfaces with the payload, for the acquisition of the telescope pointing sensors
(acquisition & heterodyne photodiode detectors), the Inertial Reference Sensor and to drive the
telescope steering mechanisms.

Branch | | Branch Sun
Br?Ch BraEr:ch Se(r):;c)ars Magnetometer
HYDRAZINE FEEP
THRUSTER THRUSTER Analogue Sensors
DRIVE DRIVE Interface
ELECTRONICS ELECTRONICS Electronics
CENTRALISED
1353 BUS PROCESSING
SYSTEM
ION STAR
PROPULSION TRACKERS
DRIVE (2+2 red.)
ELECTRONICS
INTERFEROMETER INERTIAL
ELECTRONICS SENSORS
(Detectors & Mechanisms) ELECTRONICS
Science Module
Figure 5.4-2 AOCS/DFACS Electrical Architecture
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5.4.4 Reaction Control

5.4.4.1 Propulsion Needs

Three very different propulsion needs are identified for the LISA mission:

¢ To generate the large velocity increment (up to 1100 m/s) required for the long transfer to the
operational orbit, continuously thrusting ion propulsion has been preferred to conventional
bipropellant chemical propulsion since it allows to significantly reduce the mass of the propulsion
module. Two 20 mN class ion thrusters will be implemented on the P/M, one being in cold
redundancy. There are a number of potential suppliers in Europe, such as DASA (RITA) or MMS-UK
(UK10)

¢ For coarse attitude control (1° typically) during the transfer phase, conventional impulsive chemical
thrusters are more adequate than reaction wheels, which would be heavier and would anyway
require additional actuators for momentum off-loading. Off-the-shelf 1 N hydrazine thrusters (e.g.
from DCA, or PRIMEX in the USA) are recommended for LISA;

¢ For high accuracy DFACS on the operational orbit, FEEP microthrusters (maximum thrust set to 20
UN, see section 2.4.5) are the only actuators able to deliver continuous thrust with the required
accuracy. Two FEEP thruster technologies are candidate for application to LISA, caesium-propellant
/ slit-shape thruster developed for years by Centrospazio and more recent alternative of indium-
propellant ion emitters derived from spacecraft potential control devices from the Austrian Research
Centre Seibersdorf (ARCS), as further described in the following section.

The first two reaction control assemblies used during the transfer phase are implemented into the
propulsion module and therefore described in section 5.5.

5.4.4.2 Centrospazio FEEP thruster technology

Field Emission Electric Propulsion (FEEP) is an electrostatic propulsion concept originated at ESTEC in
the 70's. Unlike other ion engines, FEEP does not require propellant vaporisation in order to obtain
ionisation; on the contrary, ions are directly extracted from the liquid phase. The thruster can accelerate
a large number of different liquid metal or alloys; caesium proved to be the best choice, due to its high
molecular weight and its low ionisation potential. As caesium liquefies at 28.4°C, the thruster thermal
power requirement is much lower than in conventional ion thrusters, and the emitter thermal control is
quite simple. The efficiency of conversion of electric power to propulsive power reaches values as high
as 98% as opposed to maximum values of about 80% met in other ion engines. Specific impulse is in the
range of 6000 to 10000 s, and may be easily adjusted to meet specific mission requirements. Thrust
level is finely tuneable, and instantaneous switching capability allows pulsed mode operation. Clusters of
emitters have been successfully tested.

Thrust is obtained by exhausting a beam, mainly composed of singly-ionised caesium atoms, produced
by field emission. The emitter module consists of two plates in Inconel (a Ni alloy with 14 to 17 % Cr),
with a small propellant reservoir. A sharp blade is accurately machined on one side of each plate. A thin
layer of Ni is sputter-deposited on the other three sides; when the two emitter halves are tightly clamped
together, a 1 um slit is left between the blades. Caesium flows through this tiny channel, forming a
cylindrical free surface at the exit of the slit, with a radius of curvature of about 1 uN. Under a strong
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electric field, generated by the application of a voltage difference of about 10 kV between the emitter
and an accelerator electrode located in front of it, the free surface of the liquid metal approaches a
situation of local instability, due to the combined effects of the electrostatic force and the surface
tension, and creates a series of protruding cusps (Taylor cones) ; the local electric field at the tip
increases as the radius of curvature of the cusps decreases. When the electric field reaches a value of
about 109 V/m the atoms at the tip spontaneously ionise and an ion jet is extracted by the same
electric field, while the electrons are rejected in the bulk of the liquid. Mass flow rate is extremely small
and requires no control, as the particles extracted are replaced by the capillary actions from the
propellant reservoir in the amount necessary to maintain dynamic equilibrium at the emitter tip. When
voltage is removed, the capillary force prevents the propellant from pouring out of the slit. The
emitter/accelerator arrangement is shown in Figure 5.4-3.

The main parameters in the design of a FEEP thruster are the height of the slit and the width of the
blades ; the latter is limited only by machining problems, since the inner surfaces and the slit tips require
very precise surface finishing. The value of the gap between the emitter and the accelerator electrode

(in the order of 1 mm), as well as the details of the shape of the accelerator window, have only a second-
order effect upon the thruster performance. At a total applied voltage of 10 kV, specific impulse is better
than 6000 s. Specific power is in the range of 60 W/mN ; although this figure is quite high as compared
to conventional ion thrusters, it poses no practical restriction on the use of these thrusters when the
thrust level involved is in the order of several tens of uN. Emission rise time ranges from 10 to 30 ms,
depending upon the ion current; the minimum impulse bit is a small as 108 Ns.

The most likely cause of malfunctioning in the operation of FEEP thrusters is the emitter contamination
during the early wetting of the emitter inner surfaces by the liquid propellant. The emitter performance is
very sensitive to the presence of water vapour or other impurities on the channel and slit surfaces, as
caesium reacts with water forming a solid hydroxide, that can obstruct the propellant duct and severely
reduce the effective emitting length. This problem can be overcome by adopting a correct pre-flight
procedure, i.e. performing a careful outgassing of the emitter in ultra-high vacuum before the
introduction of the propellant. If started correctly, the ion emission characteristics become stable and
can be reproduced precisely. No other failure mode has been reported.

While thruster performance has been thoroughly assessed (see ref. [3]) and found consistent with the
LISA requirements, several aspects of the thruster/spacecraft interaction are to be investigated,
including the possible back flow of propellant to the spacecraft surfaces, electrostatic interactions, etc.
Moreover, the propulsion system configuration has not been frozen: such aspects as the thruster cluster
configuration (including the number and location of neutralisers), the number and location of clusters on
the spacecraft (redundancy philosophy), and the power and data interfaces specifications, are still to be
defined. The low power oxide cathode neutraliser developed at Centrospazio has shown satisfactory
performance in terms of current emission, but some further development is needed to minimise the
power consumption.
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Figure 5.4-3 Centrospazio prototype uN FEEP thruster assembly

The FEEP system will be flight tested on a Get Away Special canister onboard the Space Shuttle in mid
2000 (EMITS experiment, GAS payload G-752). A 2000 hours endurance test is under preparation in the
ESTEC Electric Propulsion Laboratory under the responsibility of Centrospazio. This test will exploit a set
of diagnostics (ion beam probes, quartz crystal microbalances, etc.) to fully characterise the thruster
performance and the plume effects on nearby surfaces. Realisation of a thrust balance aimed at
measuring 100 uN maximum thrust with a resolution of 0.1 uN is underway. A joint test of the thruster
and the ONERA accelerometer is planned to investigate the drag-free system closed-loop performance.
A 3D computational model of the ion beam has been realised and is used to evaluate the plume
characteristics and to study propellant backflow, electrode erosion (to estimate thruster lifetime), and
neutraliser effectiveness. Advanced thermionic neutraliser and microtip field emission electron sources
development is underway. Investigation of alternative propellants (indium) is funded by ESA.

5.4.4.3 ARCS FEEP thruster technology

The ion thrusters developed by the ARCS are based on field emission ion emitters with indium as charge
material. A sharp needle made of tungsten is mounted in the centre of the charge reservoir and covered
by a thin film of indium. For operation a voltage of about 6-7 kV is applied between the needle and an
accelerator electrode. Under the counteractive forces of the resulting electric field stress that moves the
liquefied indium film towards the electrode and the surface tension that pulls it back a cone like
protrusion is formed on top of the needle tip. The field at the apex of that cone is high enough to remove
surface atoms in an ionised state by the process of field evaporation. These ions are replenished by
hydrodynamic flow from the reservoir so that a stable and continuous current emission is maintained. A
prototype of a thruster module is shown in Figure

The thruster system proposed for application to LISA fine attitude & drag-free control here is based on
the sound concept of the space proven ARCS S/C potential control instrument. Extensive databases
exist both from operations in space and in the laboratory. The indium emitter itself is well understood
and characterised, electronics and especially neutraliser hardware developments are carried out under
different programs. From this ongoing work neutraliser evaluation, LISA thruster design and a fuel supply
concept will be derived. An assessment of miniaturised electronics and a trade off of mass savings vs.
reliability will also be done based on these hardware developments.
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The principal arrangement of the ARCS thruster system is shown schematically Figure 5.4-5 below. The
indirectly heated ion thruster emitter needs the accelerator (< 12.5 kV) power supply only for beam
forming and one small heater supply (near ground potential). The electron neutraliser is of the directly
heated thermionic type and needs a heater supply floating at emitter potential and an accelerator supply

(2000 V).

19 mm

Indium ion source

eeeeeeeeeee

Figure 5.4-4 Prototype ARCS thruster module (80 grams, diameter 45 mm).

The accelerator supplies for thruster and neutraliser are off - the shelf US - made high voltage
converters. They must be controlled and supplied by variable voltage DC/DC converters (VVDC) and

regulated in a control loop (see Figure 5.4-6). In actual measurements, it was shown that regulation of
emission current gives better noise figures than regulation of emission voltage. Still better however is
thrust regulation which however needs more circuitry, mass and power.
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Figure 5.4-5 Thruster and neutraliser alimentation of ARCS FEEP system, schematic
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Figure 5.4-6 ARCS Thruster supply and regulation, schematic

5.4.4.4 FEEP thruster Configuration

The proposed FEEP thruster configuration is similar to the one selected for GAIA, as shown below. The 3
clusters of 4 FEEP thruster (2+2 redundant) feature a 6 DOF authority. This configuration does not allow
the S/C to provide negative control forces along Z_axis. This is not a problem since the major
disturbance on the operational orbit, the solar pressure force, has always a negative component along Z
direction (in other words, the Z-control force will be always positive)..

A

e N

A

Figure 5.4-7 : FEEP Thruster configuration
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Thrust direction optimization

As for hydrazine thrusters, the optimisation parameter is the thrust direction, defined by two angles, 6
the angle between thrust vector and the X-Y-plane and y the angle between the projections on the X-Y-
plane of the directions of the nozzles of a same cluster.

The optimization of these angles has been performed in order to minimise the maximum thrust required
for the FEEP thrusters, calculated over one year. Indeed, there are very stringent requirements on the
FEEP thrusters noise, so minimising the max thrust level allows to reduce the required dynamic range.

The optimisation accounts for constant and slowly varying solar perturbations (1-year period), bud does
not take consider the needs for DFC and attitude control in the MBW, small compared to the others. The
forces and torques are evaluated using a simple geometrical model of the S/M:

Fxmax = 4.6 E-6 N Fxmin =-4.6 E-6 N
Fymax =4.5E-6 N Fymin =-45E-6 N
Fzmax =-3.24 E-5 N Fzmin =-3.24 E-5N
Txmax = 1.0 E-6 Nm Txmin =-1.0 E-6 Nm
Tymax= 4.2 E-6 Nm Tymin = 2.2 E-6 Nm
Tzmax= 4.5 E-7 Nm Tzmin =-4.5 E-7 Nm

Figure 5.4-8 shows the maximum thrust required from the thrusters versus the configuration angles. We
can notice that as far as we keep away from 6 = 0, and from ¥ = 0, the required thrust is little sensitive
to these angles.
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Figure 5.4-8 Maximum thrust versus configuration angle

The selected angles are = 55° and y = 115° For this configuration, the largest thrust required to an
individual FEEP is 9 pN. It has to be noticed on Figure 5.4-8 that the area around the optimum is in fact
very flat, and therefore these optimum values could be easily modified for bulkiness or plume
inpingement considerations.

A factor of two margin is considered on this preliminary evaluation, the maximum thrust of the LISA
FEEP thruster is specified to 20 uN. This does not account for any needs for orbit maintenance, since
Phase A orbit analyses concluded that the geometry of the LISA cluster does not need to be controlled.
If this eventually happen to be necessary, the recommendation is to use dedicated thrusters, since the
required thrust level would set unrealistic constraints on the FEEP dynamic range.
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5.4.5 AOCS Sensors

5.4.5.1 Acquisition & safe mode sensors

As indicated in section 2.2.1, the sensors for acquisition and safe mode during transfer are two wide
FOV Sun sensors for nearly full sky coverage (one on the bottom of the P/M and one on the top of the
S/M), plus a magnetometer used for attitude determination around the Sun line during the initial
attitude acquisition. In subsequent phases, it is expected that maximum spacecraft angular rates will be
low enough to rely on the star sensor, so that there is no need for a gyro to complement the Sun sensor.

Optionally, a specific AAD (Attitude Anomaly Detector) can be implemented on the S/M in order to
completely segregate the failure detection from the failure recovery (i.e. the sensor used in Safe Mode).
This is however not mandatory, if as proposed the Safe Mode is performed using redundant star sensor,
so that the AAD can simply be the Sun sensor of the S/M.

All theses sensors are standard off-the-shelf equipment, as shown in the following table:

Table: 5.4-1: Candidate acquisition/safe mode sensors

Item Potential Suppliers Comments

Sun sensor MMS (BASS17) 1 unit on SM, and 1 unit on PM for full sky
TPD/TNO coverage.

Magnetometer Al TAMA (TFM) 1 unit for initial angular rate reduction

Sextant Avionique (170S3E)

Attitude Anomaly MMS SAS, ... TBC for improved failure isolation wrt safe
Detector mode
5.4.5.2 Star sensors

The star sensor requirements and configuration are actually driven by the Laser Beam Acquisition Mode,
as further detailed in section 3. For the transfer phase, there is no specific performance requirements
(1° coarse pointing is sufficient), the only concern might be to avoid blinding by the Sun or the Earth
along the attitude guidance profile. This is obtained with the proposed STR configuration (1+1 red. unit
aligned with each telescope LOS).

The LISA STR is to be selected among the number of new generation wide FOV autonomous star
sensors currently under development in Europe. The major characteristics of the candidate STR models
are summarised in the following table.
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Table 5.4-2 : Candidate star sensors

Item

Potential Suppliers

Comments

Star sensor

MMS (SSM)
DTU (ASC)
Sodern (SED16)
DJO (SETIS)
TERMA STR

4 optical head and 2 electronic units. Other
configurations are in options (3 units, 2
aligned with each telescope LOS and a

third one in the —Z direction)

At this stage, the two best candidates, in terms of performance, appear to be the ASC (Advanced Stellar
Compass) from the Denmark Technical University and the SSM (Senseur Stellaire Miniature, or
Miniature Autonomous Star Tracker) currently under development at Matra Marconi Space (see Figure

below).

The evaluation of the performances of the STR is not straight-forward in the case of LISA, since most of

these sensors are designed for LEO. A detail performance analysis is presented in section 5-107.
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w0
Senseur Stellaire Miniature Advanced Stellar Compass

(MMS) (Denmark Technical University)

Figure 5.4-9 Candidate star trackers for the LISA mission

The ASC is currently flown on the Oersted satellite, complete in-orbit results are expected in the very
near future. As a consequence, the ASC is a very good candidate for a medium term technology
demonstration mission for LISA.

For the more distant LISA mission, MMS recommend to consider a star tracker derived from the SSM, a
sensor based on the latest detection and electronics technologies which is to be developed and qualified
within a few years. The main features of this new generation of sensors are:

- APS (Active Pixel Sensor) detectors instead of CCDs, thus enabling major gains in the detector
electronics mass, volume, power consumption and cost. The APS technology for space applications has
reached a mature development status, which makes is suitable for the production of small and high
performances star sensors.

- MCM (Multi Chip Module) fast processing calculators (already developed, to be used for ROSETTA
mission) and ASIC electronics for a fast video chain.
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The development and qualification of the SSM are to be completed by the end of year 2001, which is
fully compatible with the LISA schedule.

In its current definition, the SSM is made of two distinct units, the optical head and the electronics unit.
The electronics could then be integrated within an other electronic box, or remain self standing.

The following drawings gives and overview of the sensor in its current definition:

R I |
Mij@j | Pljﬁ

Figure 5.4-10 Optical head & electronics unit mechanical interfaces

The typical interfaces of a star tracker ensuring an 1 arcsec for the LISA mission and derived from the
MMS SSM development are the following:

mass 2 kg

volume

optical head 120 x 120 x 150 mm”®

electronics 125 x 105 x 120 mm°

power consumption ~ 8W.

5.4.5.3 Star tracker configuration

A single STR is not sufficient for LISA. Indeed, a STR cannot measure the attitude with the same
accuracy on all directions. The error around the line of sight of the sensor is much larger than around the
other two directions.
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Therefore the nominal configuration for LISA is to have one STR working for the pointing of each
telescope, which means 2 STR per satellite. Each sensor is aligned with its allocated telescope, so that it
provides the best accuracy for the telescope pointing.

Several options exist to provide redundancy to the system.

The simplest idea is to put a spare STR for each telescope; then the total number of devices is 4 per
S/C (12 total).

A very interesting alternative is to have a single spare sensor per S/C, pointing in the off-plane direction.
After a failure, the pointing of the telescope with the failed STR would be performed by combining the
measurements of the other nominal STR with the measurements of the spare. The drawback of this
solution is the thermo-elastic biases that may affect the pointing accuracy due to the larger distance
between the sensors and the telescope.

MMS recommend a third solution. It consists in having 2 +2 redundant optical heads (similar to the first
solution), and only two electronic units, each one being able to compute the raw data coming from the
optical head. This is possible with both the ASC and the SSM, which feature separate processing
electronic boxes.

This last solution provides the required failure isolation capability, and limit the number of pieces of
H/W.

5.4.6 Laser Beam Acquisition Strategy

5.4.6.1 Introduction

This section studies the mode during which the optical links between the three spacecraft are
established. This of course is quite challenging since each spacecraft has to acquire narrow and very
weak laser signal from its companions, which are located 5 millions km away.

A key aspect to realise these optical link acquisition is to have the best a priori pointing knowledge. The
attitude is of course given by Star Trackers (STR, with an accuracy significantly better that in
conventional LEO applications thanks to the very benign thermal & dynamic environment expected for
LISA. The PAT (Pointing Acquisition & Tracking) strategy to explore the uncertainty cone and to obtain
the two-way link is also a critical point, which hopefully benefits from the experience gained in the SILEX
development.

This section intends to demonstrate the feasibility of this mode, and moreover to prove that the laser
beam acquisition does not require additional cost-driving equipment.

5.4.6.2 Star Tracker performances

5.4.6.2.1 Introduction

The selection of this star tracker is a major trade-off. Indeed, very high attitude knowledge performances
are requested, but highly accurate star sensors (e.g. SOHO STR from Galileo) also feature high cost, not
compatible with LISA cost objectives.
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The goal of this section is then to assess the possibility of using the so-called new generation star
tracker (wide FOV & large number of tracked star allowing autonomous acquisition & very low probability
of star hole), and to show how the standard performances of such sensors can be improved for the LISA
mission.

The performances of a star tracker can be decomposed in bias, resulting from different contributions,
and a white noise, called Noise Equivalent Angle (NEA). Both of them should be reduced to improve the
overall pointing accuracy.

Roughly speaking, the bias of the STR will determine the attitude and the beam pointing knowledge,
whereas the noise will have a direct impact on the attitude stability.

All new generation star trackers are able to provide a 3-axis attitude. However, the two axes transverse
to the line of sight are always more accurate than the roll angle (around the line of sight). For LISA, we
are only interested in the two “good” axes, since each telescope has his own star tracker for its own
acquisition (the acquisition of one laser beam only requires 2 axis control).

5.4.6.2.2 Achievable STR performance
The overall performance (NEA, bias & thermo-elastic distortions) of the considered STR class is typically
of 20 arcsec when it is operated at high frequency (several Hz) on conventional LEO platform

In the LISA very slow dynamic environment, a much lower measurement frequency can be accepted,
and the NEA can then be decreased below 1 arcsec by :

- adequate measurements filtering and averaging,
- hybridisation with angular acceleration measurements from the inertial sensor.
The performance is then limited by

e the position knowledge of the stars used by the sensor (this error is small if the sensor field of view
& sensitivity ensure that enough catalogued stars (10 to 50 typically) are always visible, which is the
case for a typical 20° FOV),

e the “relativist aberration”, due to the spacecraft motion in an inertial reference frame. This effect is
compensated internal star tracker processing of the measurements so only the small residual
processing error is to be considered,

e the limitations of the optics and detector (matrix inhomogeneities and optics distortion aberration),
which can however be minimised by a pixel by pixel initial characterisation.

Providing that the storage and processing capabilities of the STR are sufficient to enable measurements
filtering and images correction, the contribution of the above errors can be low enough to achieve 1
arcsec accuracy through hybridisation (see section 3.2.4).
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5.4.6.2.3 Bias Reduction

A lot of different sources will produce a bias of the attitude estimate : STR mounting bias, thermal
effects, residual optic aberration, and distortion, star catalogue accuracy.

These biases can be reduced using the following techniques :

e Calibration of constant bias, by comparison with star sighting in the telescope

e Very stable thermal environment

e Simultaneous processing of a large number of stars (up to 50 stars is already possible).

To obtain a first assessment of the final bias for the LISA STR, we have chosen to consider the can SED-
16 sensor, currently developed by SODERN for SPOT 5, for which very detailed bias budgets are
available. This star tracker, almost “off-the shelf”, will probably not be selected eventually - it might be a
good candidate for an earlier demonstration mission though - but it is understood that the same order of
magnitude of bias can be expected for other sensors of the same class (e.g. the ASC or the SSM), if not
better.

The figures given in the first column of Table 5.4-3 hereafter are SODERN preliminary noise budget
(see[11]), the second column are figures estimated by MMS for LISA :

Table 5.4-3 : Expected STR performances for LISA (arcsec,30, sensitive axes)

SED-16, Spot-5 orbit, LISA STR, 50 stars Comments
9 stars processed processed
Constant bias 11 0 Removed by calibra-

tion using telescope

Thermal variation 2 0 Thermal stability
Non-uniformity variation 3 1.3 Number of stars
Total 16 1.3

Calibration

The constant bias will be in fact equal to the accuracy of the calibration using the telescope, which is
basically the bias error of the incoherent detector, small compared to 1 arcsec accuracy objective.

The difficulty of the calibration is the ability to find a star in a ring defined by the rotation of the
telescope around the direction of the Sun, so that no thermal distortion appears between the calibration
and the acquisition phase. The width of this ring has to be defined in further study. It should be not to
large, to keep an excellent thermal stability, but not too small, so that the incoherent sensor is able to
work with the light of at least one star in the ring.

The non-uniformity error can only be reduced by processing more stars. It is also dependent of the Sun
direction angle, which should not vary in the case of LISA.
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Figure 5.4-11 : Location of the stars compatible with STR alignment calibration

5.4.6.2.4 Reduction noise on the attitude estimate

The NEA of the star tracker is a function of the STR technology, of the sampling frequency and of the
number of star processed. Nevertheless, like in the classical gyro-stellar estimation scheme, the attitude
estimation accuracy can be largely improved by hybridising the STR information with the angular
acceleration measurements from the inertial sensor Indeed, the latter will provide a low noise relative
attitude reference that can be used to filter STR noise. Figure 5.4-12 compares the Power Spectrum
Density (PSD) of the Star sensor and of the inertial sensor noises, demonstrating that the latter allows to
filter the STR noise above 2 mHz.

attitude noise analysis
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Figure 5.4-12 : Noise PSD of LISA sensors
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The hybridisation consists in taking into account the information of the star tracker in the low frequency,
and the low-noise information of the inertial sensor in the upper frequency band. Thus, with the resulting
noise PSD, the pointing error is very stable, and will not exceed 0.5 prad as shown on the following
figure, which presents the evolution of the attitude estimation error as a function of time: the attitude
estimate from the inertial sensor increases up to the upgrade with the filtered STR measurements every
about 250 sec.
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Figure 5.4-13 : attitude knowledge stability (standard deviation with time)

5.4.6.3 Acquisition cone budget

5.4.6.3.1 Acquisition cone definition

The acquisition cone corresponds to the angular sector that the emitting spacecraft will have to cover to
be certain to illuminate the receiving spacecraft during the acquisition phase. It is also a contributor to
the field of view of the receiving spacecraft incoherent optical channel.

The contributors to the acquisition uncertainty cone are:
- the knowledge of the spacecraft relative positions,

- the knowledge of each spacecraft emitted beam direction.

5.4.6.3.2 Spacecraft relative positions

Before the acquisition is performed, the position of each spacecraft can be determined with a £ 10 km
accuracy using the NASA Deep Space Network (see Pre-Phase A report § 6.5, 1-sigma value estimated
under the assumptions of X-band tracking). For the acquisition studies a value at 3¢ is used, so we
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consider that each spacecraft position is known with a + 18 km error, leading to a + 5 prad contributor
to the acquisition cone.

Remark: a + 2 prad may be achievable using the DSN because most of the uncertainties in the
spacecraft position knowledge come from uncertainties in the Earth ephemeris, which have been
improved since the Pre-Phase A report redaction. The Pre-Phase A report figure is however maintained in
the budgets until an updated figure is provided by JPL.

5.4.6.3.3 Knowledge of each spacecraft emitted beam direction

The spacecraft attitude is determined before the acquisition using star trackers. The performance of a
star tracker is determined by both its intrinsic accuracy and the knowledge of its orientation with
respect to the optical payload line of sight.

5.4.6.3.3.1 Star tracker vs. payload alignment knowledge

The biases between the star tracker axes and the optical assembly line of sight are due to the initial
sensor alignment, to the launch effects (vibrations, gravity release) and the long term in-flight thermo-
elastic distortions. Relying on an on-ground calibration would have a dramatic impact (more than + 100
prad) on the bias between the star tracker axes and the instrument lines of sight knowledge. An in-flight
calibration before the initial acquisition is necessary. Only the calibration accuracy is then to be
considered for the performance budget.

The proposed co-alignment calibration principle is the following:
1) a selected star is imaged and then centred on the Optical Assembly acquisition sensor,

2) the spacecraft orientation is determined, using the same star or other catalogue stars within
star tracker FOV.

The accuracy of step 2) is driven by the limitations of the STR optics and detector, and step 1) accuracy
depends on the Optical Assembly acquisition sensor performance.

The following table gives an estimation of the star tracker vs Optical Assembly LOS in-flight calibration
contributors.

1) acquisition sensor performance (barycentring on CCD) < 1 yrad
2) star position determination by star tracker + 3 yrad
Total (quadratic sum) <+ 4 pyrad

This calibration gives a knowledge of the Optical Assembly acquisition sensor LOS co-alignment with
respect to the star tracker reference. The co-alignment between the Optical Assembly acquisition sensor
and its emission path is also to be considered. It will be calibrated on-ground, and then be affected by
the Optical Bench long term stability.
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The calibration of the on-ground co-alignment between the emission and reception paths can be
achieved with a = 2 arcsec accuracy using a commercially available high quality retro-reflector and
optical densities.

The main contributor to the long term drift is the fibre lateral stability. The fibre positioner lateral
displacements will enable an in-flight compensation of the emission path misalignments, so an allocation
of 1 um for the fibre displacement is considered for the budget, corresponding to the re-alignment
accuracy. This induces a 40 prad co-alignment drift at optical bench level.

Co-alignment between acquisition sensor LOS and emission direction
On-ground calibration accuracy allocation + 10 prad
Long term drift compensation accuracy + 40 prad
In-flight co-alignment at Optical Bench level + 42 yrad
Telescope magnification g,=60
Co-alignment at telescope output + 0.7 yrad

5.4.6.3.4 Acquisition cone budget

The contributors identified in the previous paragraphs are independent, and are therefore summed
quadratically to obtain the acquisition cone budget.

Spacecrafts relative positions knowledge + 5 prad

Star tracker intrisic accuracy + 5 prad

Star tracker LOS calibration accuracy + 4 prad
Acquisition LOS vs emission direction + 0.7 prad
Acquisition cone budget (quadratic sum) + 9 prad (+ 1.8 arcsec)

The knowledge of the acquisition cone budget associated with the emitted beam FWHM (2.6 prad) enables to define the
acquisition strategy.

5.4.6.4 Candidate acquisition strategies

From the budgets presented in the previous paragraph,
- the emitted beam FWHM is 2.6 prad,
- the acquisition cone width is £+ 9 prad.

The acquisition cone corresponds to the angular sector to be covered by the emitting spacecraft to
illuminate the receiving one during the acquisition phase. If the acquisition cone is larger than the
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emitted beam FWHM the acquisition cannot be direct. Two possibilities have been considered to
perform the acquisition, defocus of the emission beam or scan of the uncertainty cone. Both options are
discussed in par. 4.3.2.

5.4.6.5 Acquisition sequence

The aim of this sequence is to enable the start of the mission measurement by ensuring a mutual
acquisition of the spacecraft optical beams, their centring on the coherent detectors and the lasers
frequencies synchronisation.

The important level of straylight generated by the emitted beams on the acquisition sensors lead to a
strategy where one spacecraft laser has to be switched off when the use of the acquisition sensor is
required.

During all the acquisition sequence, the spacecraft attitudes are controlled using the proof-mass as
inertial sensor. Their attitudes can then be controlled in open loop with an accuracy better than 0.5 prad
over several hours, which makes possible the proposed sequence.

The acquisition sequence of event is described in Figure 5.4-14. The same scenario is then to be
repeated twice to establish the link between spacecraft 1 and 2 with the spacecraft 3.

In addition to the nominal sequence, a « misalignment sequence » has been studied, which may occur
for the first acquisition. This sequence shows how the acquisition may be possible in spite of
unexpected launch effects inducing some optical bench misalignments.

If a mis-alignment has occurred between the emission and the reception paths, the beam may not be
detected by the acquisition sensor. An additional scan is in this case necessary (see Figure 5.4-15),
using the fibre positioner. This scan is to be initiated if no “answer” is received from the opposite
spacecraft. This is presented in the “mis-alignment scenario”. A similar approach is to be applied if no
beam detection occurs for the step 5 of the nominal scenario
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Nominal scenario
Spacecraft 1 Spacecraft 2
. Star tracker vs acquisition sensor calibration . Star tracker vs acquisition sensor calibration
o
(&)
>
. Spacecraft stabilisation pointing toward opposite | . Spacecraft stabilisation pointing toward opposite
g_ spacecraft within acquisition cone, using star sensor | spacecraft within acquisition cone
(]
% | and NASA Deep Space Network data _laser OFF
. Laser ON
- . Scan of acquisition cone - scan speed TBD
o |according to acquisition sensor integration time
(&)
>
. Beam detection on acquisition sensor
. Determination of beam direction (barycentring on
a acquisition sensor CCD)
(&)
@ . Orientation toward opposite spacecraft within
emitted beam divergence angle (+ 1.3 prad)
. Laser ON
. Laser OFF when scan completed
. Beam detection on acquisition sensor
o
o . Beam centring on coherent sensor
@ . orientation toward opposite spacecraft within
emitted beam divergence angle (+ 1.3 prad)
. laser ON
. Laser OFF
. Beam detection on acquisition sensor
O
o . Beam centring on coherent sensor
@ . Orientation toward opposite spacecraft within + 1
prad accuracy (coherent sensor total FOV is 3 prad)
. Laser ON
. Frequency scan of the reference oscillator
N
o . Detection of the signal by the coherent sensor
% | when both spacecrafts are synchronised
. Emission at spacecraft 2 frequency
[ee]
2 | Optimisation of emission vs reception channels co-alignments by signal flux optimisation (including fine
‘» | focusing of emitted beams)
Start of measurements
Figure 5.4-14 Nominal Laser Beam Acquisition Sequence
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Mis-alignment scenario

Spacecraft 1

Spacecraft 2

. Star tracker vs acquisition sensor calibration

. Star tracker vs acquisition sensor calibration

o
(&)
>
~ . Spacecraft stabilisation pointing toward opposite | . Spacecraft stabilisation pointing toward opposite
& | spacecraft within acquisition cone spacecraft within acquisition cone
>
. Laser ON . laser OFF
m o ey
o . Scan of acquisition cone - scan speed TBD
% | according to acquisition sensor integration time
. Beam detection on acquisition sensor
< . Determination of beam direction
(o
% . Orientation toward opposite spacecraft within
emitted beam divergence angle (+ 1.3 prad)
. Laser ON
?l . Laser OFF when scan completed
(]
% | NO beam detection on acquisition sensor
. Laser OFF
NO beam received from opposite spacecraft
. => mis-alignment compensation required
9]
& . Laser ON
2]
. Scan of acquisition cone using fibre positioner, the
reception path remaining pointed toward opposite
spacecraft
. Laser OFF when scan completed
. Beam detection on acquisition sensor
. Beam centring on coherent sensor
NS
a . Orientation toward opposite spacecraft within
[ . .
% | emitted beam divergence angle (= 1.3 prad)
. Wait t=scan duration
. Laser ON
. Beam detection on acquisition sensor
',\l . Determination of co-alignment bias using detection
2 datation wrt end of scan
. Resume nominal scenario step 4
Figure 5.4-15 "Misalignment Scenario" for Laser Beam Acquisition Sequence
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5.4.7 Budgets

5.4.7.1 Mass & power budgets

The mass and power budget of the DFACS and RCS system (without propellant) is given in Table 5.4-4.

Table 5.4-4 : Mass and power budget

Device #of devices| Size(mm3) |Unitmass| Total |Unit Power] Power (W) Comments
(kg) |mess(kag)l (W)
Star sensor (MMS/'SSMV) 4CH 120x120x 150 0,74 2% 15 3 Baffleinduded
28U 125x105x120 0,7 14 79 79

Sun sensor 1Tonthe SM [195x705x72 0,03 003 q
(MVISBASS) 1onthe PM 0,03 0,03
lon thruster (DSS/RIT) x2 Diam 165x 185 2 4 583 583
Xenon 2
Valves, piping, electronics, etc 15 3
1 N Hydrazine thrusters (PRIVEXVR-103)  (x8 Ax148 033 1,32 137 ( Average power is amost nul,
Hydrazine 10 when averaged over time.
Tank, valves, piping, electronics, etc 4
magnetometer (IA-TAMAWTFV) x1 %Hx53x27 0,18 018 08
FEEP micro-thrusters 6xPodsof 2 1,77 1062 1§ ARCS data,
Mounting & baffies 2 8 Provision
Preliminary Total DFACS

Total for the Science module 231 26,9 Mergins are not induded

Total for the Propu module 764 5997 Margins are not included

5.4.7.2 Bus data and CPU load budgets

The DFACS system includes a lot of controllers, since 19 DOFs need to be controlled simultaneously.
Fortunately the order of the controllers and the sampling rate can be kept low, so that DFACS-related
bus data budget and CPU loads are not critical relative to current avionics performances. The estimated
bus data budget is presented in Table 5.4-5, and the CPU load related to control algorithms in
operational mode (FDIR & data management not included) is presented in Table 5.4-6. The critical
aspect is likely to be the software size, because of the large number of AOCS modes (not evaluated

here).
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Table 5.4-5 : Bus data flow for DFACS

Device # of op'eratlng # of Inputs &| I/0 Rate 4 of bits Data Rate
devices Outputs (Hz) (bps)
Stiff suspension 10 1 2 18 360
Weak suspension 2 1 0.01 18 0.36
Input for DFC 3 2 2 18 216
Attitude 3 1 2 12 72
LOS actu.atlon 1 1 ) 16 3
generation
FEEP command 1 7 2 12 168
generation
TOTAL bus data budget for DFACS with no margins! 848
(bit/sec)
Table 5.4-6 : Computation needs for DFACS
# of operating # of floating Computation
S/W modules devices operations Rate (Hz) load (Flops)
Stiff suspension 10 11 2 220
Weak suspension 2 11 0.01 0.22
DFC 3 19 2 114
DFC comr.nand 3 5 ) 30
generation
Attitude 3 19 2 114
Attitude estimator 3 2 2 12
LOS actuf:ltlon | 15 ) 30
generation
LOS estimator 1 2 2 4
FEEP com@and | 77 ) 154
generation
Software margins (100%) 678
TOTAL computation needs (kFlops) 1.4
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5.4.7.3 Summary of Sensor & Actuator requirements

Star Trackers
NEA on transverse axes : < 1 arcsec/Hz”Z.
Bias on transverse axes (other than mounting & thermal biases) : < 1 arcsec - 30.

FOV : shall allow 3-axis attitude determination without star measurement interruptio

Heterodyne sensor -
Attitude sensing noise : < 3 nrad/HZI/Z.
Range : 3 prad

Output frequency :2 Hz if no active damping of the telescope tilt mechanism oscillation (12 bits A/D
conversion), 10 Hz if ctive damping performed with the heterodyne measurement

Telescope pointing mechanism
Range : 1°

Angular rate : 20 nrad/s
Absolute accuracy : < 1 prad

1/2

Noise : 0.7 nm/Hz ’* above 40 mHz.

FEEP thrusters

Configuration : Pods of 2 thrusters with possible adjustment of the two thrust directions (+2 redundant
emitters)

Range : 20 pN
Noise : <3 nN/Hz'/%.
Scale factor : <5%

Thrust direction misalignment : <5°
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5.4.7.4 Conclusions and critical areas

The AOCS/DFACS analyses (see par. 7.2) conducted in the frame of the LISA Phase A study have
demonstrated the feasibility of the S/C & payload control for the considered configuration with two
optical assemblies in each of the three spacecraft. In particular, the 10-DOF dynamic simulator has
allowed to verify that the preliminary DFACS design meets all requirements in the MBW : PM
acceleration along the principal axes, PM relative position w.r.t. the S/C, pointing stability.

If the overall feasibility of the very challenging control of this mission is now demonstrated, some areas
need to be consolidated as detailed hereafter.

5.4.7.4.1 Sensor/actuator technology :

Four technologies deserve interest for the consolidation of the DFACS mission performance :

1. Star tracker performance. In this document, it was shown that new generation, and low-cost, star
trackers should reach an accuracy of 1 arcsec in the favourable conditions of the LISA mission. This
level of performance should be consolidated through a more detailed error budget for these sensors,
which are generally designed for LEO operations.

2. Inertial sensor : Among all aspects related to the inertial sensor, one item has been shown in this
document to be of primary interest for the control aspects : the inter-axis couplings due to
electrostatic forces. Rough estimate of these couplings have been provided, but the accurate value
(or an accurate model) for the final sensor configuration is necessary. Consolidation of the
achievable minimum negative stiffness is also important for control design.

3. FEEP thruster : The most critical aspect for LISA DFACS design, to be covered by further studies is
the level of noise in the MBW. MMS derived preliminary requirements from mission & control design
constraints, which appear to significantly below (by a factor 2 to 3) first FEEP noise measurements
at ARCS & Centrospazio. These requirements have to be consolidated/reviewed according to
refined experimental results, which should be performed with FEEP drive electronics actually
optimised to reduce thrust noise. Means to actually assess the thrust noise are also to be
investigated..

4. Mechanisms : If the fibre positioner appears now as a nearly off-the-shelf mechanisms (thanks to
the large descoping of its initial 3-DOF / wide range functionality), the telescope tilt mechanisms
still deserves further attention. In particular the criticality of using a stepper motor should be further
investigated and traded-off with a still-to-qualify piezo-driven motor .
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5.4.7.4.2 Control Design

In terms of control, two major areas deserve further investigations : the drag-free acquisition modes, and
the low frequency perturbation cancellation, as explained in the following paragraphs :

Drag-Free acquisition modes

During Phase A it was chosen to focus on the science mode, featuring a steady drag-free control, and on
the laser beam acquisition mode, which appeared to be the most critical modes. In order to meet
extreme mission requirements in the MBW, very large disturbance rejection ratios are requested from
DFACS controllers, resulting in static gain up to 100 dB (i.e; reduction by a factor of 100,000 of quasi-
static disturbances). In addition to sensor dynamic range issues, transient phases shall be analysed in
depth, in order to define the drag-free acquisition sequence from uncontrolled dynamics to operational
conditions. This need is reinforced by considerations on the inertial sensor : in drag-free mode, the
proofmass is free-floating along the sensitive axis. During the Drag-Free Acquisition Mode, the
suspension will be first stiff enough to allow release the proofmass without collision with the cage, and
(progressively) softened in a second time, as the cancellation of the solar pressure by the FEEP thrusters
becomes more accurate.

Low frequency perturbation attenuation

The very-low-frequency components of the forces (self-gravity mostly) acting on the PM will have to be
cancelled out, because of the stringent requirement on the absolute variation of the distance between
the PM and the cage. These aspects were only investigated at conceptual level during this phase A
study, focused on the demonstration of the performance in the MBW. The proposed solution is to feed-
forward a force command (either to the FEEP or to the CAESAR actuation system) to compensate for the
estimated low frequency disturbance. The design & performance assessment of this
estimation/feedforward scheme shall be further investigated in subsequent phases, with the support of
a dynamic simulator, quite straightforward to develop from the existing 10-DOF noise analysis tool.

The simulator developed for this study could be completed by including all degrees of freedom, by
improving the models describing every element of the DFACS architecture, and by utilising compiled
versions of the simulator (automatic transformation from Matlab/Simulink environment toward a C
program), so as to reduce the computation time, as required to assess performances in the very low
frequency domain.

A demonstration mission on an Earth orbit is of course the best way to assess the performance of the
DFACS for LISA, as well as to resolve the remaining control problems. In particular the viability of the

strategy without electrostatic compensation along the principal axis, so-called “strategy 4” in Chapter
7.2, which was shown to improve the performances, could be demonstrated.
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5.5 Propulsion Module
5.5.1 Configuration

5.5.1.1 Module Concept

The propulsion module is a relatively simple module. The only functions it has to perform are propelling
the science module to the operational orbit from the near Earth trajectory, providing power to the
science module for heating and navigation during transfer, and orienting and releasing the science
module in its operational orbit and attitude.

Navigation control would be performed by the science module, and only the attitude forces, torques and
propulsion is provided by the propulsion module. This means that only an RCS, the ion motor system and
a power supply is necessary for this module.

5.5.1.2 Stack Height Limitations
This is indeed fortunate, because the available height in the stack of science and propulsion modules

within the launcher has proved to be even less than originally envisaged in the Pre-Phase A study.

The restriction on height for any payload within any launcher always has two limits. The first and obvious
one is the volume and shape of volume of the launcher fairing. The second is the maximum height of the
centre of mass of the payload from the nominal launcher attachment interface plane.

This second factor varies according to the mass of the payload, as is illustrated for the baseline launcher
here of Delta Il by Figure 5.5-1.
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Figure 5.5-1: Payload mass versus centre of mass height for Delta Il

For the originally assumed mass of 1407Kg in a 9.5ft fairing, the height is approximately 1.5m. This is
less than the original configuration of Fig 5.2-1 indicates. For the 10ft composite fairing, the value is not
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exactly defined, but is between the metal 10ft fairing shown in Fig 8 and the 9.5ft values. It can then be
assumed around 1.4m.

This means the stack cannot be over 2.8m high even with a zero thickness launch adapter. For a stack
of 3 module combinations, each combination cannot be deeper than 933mm. At 800mm, a launcher
adapter of only 200mm height is allowed. This is too small for an adapter with one interface circular at
937mm diameter, and the other 3 points at 872mm radius (1745mm diameter circle). To keep the
overall height within limits, the adapter must interface directly with the STAR 48 mounting ring, thus
carrying some launcher equipment that is on the original adapter structure between the STAR 48 and
the standard Delta Il 937 interface (see Figure 5.5-2). This then involves development by the launcher
supplier of a special adapter, a service they have offered elsewhere before.

o E.\fﬁﬁ -

Figure 5.5-2: Delta Il STAR 48 Adapter

The stack height for one combination of science and propulsion module, taken as 800mm, is shown in
Fig 5.4-3. It is clear that only 203mm total height is available for the propulsion module.
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Figure 5.5-3: Stack height dimensions (repeat of Fig 5.2-9)
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5.5.1.3 Propulsion Module Layout

The units to be accommodated in the module must therefore mostly be located around the periphery of
the module structure, using the free volume created by the conical shape of the science module outer
walls, but avoiding the science module antennas.

This also means the structure is not optimum for the module. it is effectively a large thick flat plate,
supported only at 3 points some way inboard of the rim, and with the bulk of the mass at the rim in
clumped masses. The structure can be reinforced locally to meet the eigenfrequency limits locally, but a
heavy penalty is paid in mass and structural complexity. The resulting layout is seen in Figure 5.5-4.

fau W

Figure 5.5-4: Propulsion Module layout.

It is seen from the internal detail illustration of Figure 5.5-5 that a return to the circular wall has been

adopted, and this is to minimise the overhang distance of the clumped masses from the main structural
elements.
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Figure 5.5-5: Internal detail of the propulsion module

Cutouts in the rim of the plate are to allow for the projection of the communications antennas of the
science module into these spaces.

The heaviest element of the clumped masses is the ion thruster group on the tilt mechanism. This
mechanism allows the thrust vector to be always aligned through the CoG of the science

module /propulsion module combination during the transfer phase. There may be a possibility to be
studied in the future of deleting the tilt mechanism if the RCS can provide enough counterbalancing
torque without excessive fuel use.

The rear side of the main plate carries the propulsion module solar array, which will cover most of the
surface. This will then provide power for both the propulsion and science modules during the transfer
phase.

There are therefore a number of electrical interfaces between the modules, consisting of signal lines to
operate the propulsion and RCS from the AOCS electronics in the science module, and power and signal
lines for the propulsion module power subsystem, to allow control from the science module and power
supply to it.

These connections must also have a separate and special separation unit, to ensure that separation of
these connectors do not disturb the small separation velocity required at the operational orbit.

5.5.1.4 Review of the separable modules concept

When originally proposed, the concept of a separable propulsion module appeared full of advantages. It
removed with one stroke all the problems of residual fuel slosh and allowed an optimised operational
power subsystem for the science module functions.

What was then not expected was the severe limitation imposed by the centre of gravity height
limitations of the stack within the launcher. This limitation has resulted in a flat disk propulsion module
with significant structural and mass disadvantages, incorporation of special low velocity separation
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mechanisms and connectors, and most significantly, removing any flexibility for minor growth changes in
the telescope diameter should any detail design considerations in this area so require.

It may be therefore worthwhile in any subsequent study to quantify the disadvantages of reintegrating
the propulsion functions into a single science/propulsion satellite, to allow comparison with the
disadvantages of the present scheme. While the present layout does not appear to contain any show
stoppers, the margin for refining the detail design could prove too small to prevent some restriction of
science performance of the satellite as finally realised.

An alternative approach is to reconsider the selection of launcher. It is not clear that the Delta Il will still
be in production by the time of intended launch of this mission. In that case the newer generation
launchers may provide just the margin that is at present lacking for the current selected baseline
launcher.

5.5.2 P/M Electrical Architecture

The LISA electrical configuration is composed of the electrical subsystems on the Science Module and
necessary add-ons on the Propulsion Module for ion- and chemical propulsion interface and for the
power system (refer to Figure 5.3-2: Functional /Electrical Concept with Centralised Processor System
and to Figure 5.3-4: Functional/Electrical Architecture).

The LISA specific electrical P/M functions are:
— providing the interface for the chemical propulsion and ion propulsion systems, if ion thrusters are
mounted on optional gimbals the chemical propulsion could be deleted
— providing external and internal umbilical /harness for the stacked composites on the Launcher
which shall allow for soft separation of the propulsion modules from the Science Modules
— providing the power and energy (from battery) during LEOP, the cruise phase, and the turning of
the stack before separation of the propulsion module.

Design:

e The P/M power subsystem is realised by a Power Conditioning Unit (PCU) with some limited power
outlets, and a solar array. The PCU and the solar array are designed for the selected power control
concept (PPT).

e The PCU functional modules as the MPPT , voltage controller, and MEA and the Main bus voltage
regulation are equivalent to the Science Module PCDU as described in section 5.3.2

e Dbattery of Li-ION type

e charge and discharge regulators are located in and managed by the PCU. The design employs a
highly efficient method with an extensive space proven heritage.
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Table 5.5-1: Propulsion Module PCU Mechanical Characteristics

Module Mass No Total Mass Module Width Length
/g /g / mm
Input 125 1 1250 50 50 MB-Filter 800u, 2 Batt-relay, 2 Curr.
Module 0 Sensors, 2 D*M 25 pol
SAR Module| 900 3 2700 50 150 3 Power Regulator 400W, 2 aus 3 hot
PPT-400W redundant
Propulsion 530 2 1060 25 50 Switches for Prop Control
Control
Mod
Discharge 110 3 3300 50 150 2 aus 3 hot redundant
Regulators 0
Charge 475 2 950 25 50 1 aus 2 cold redundant
Regulators
Auxiliary 650 1 650 25 25  Doppel-Supply 2*6W, 2*DxM
Supply
Interface 440 2 880 25 50 MIL STD 1553 1/F
HK-stage 540 1 540 25 25 MEA Batt. Charge Control, HK-
MEA,PPT Erfassung (M+R) 2*DxM25, Peak
Power Tracker

Housing 3300

Total Mass 14.63 kg

Dimensions: HxW x L (mmx mm x mm)

203 x 204 x 550
Solar Array

According to Table 5.3-4: Detailed Power Budget with Power Demand of the Solar Arrays' the SA of the
Propulsion Module during the cruise phase is required to generated 938 W. This is only feasible with the
application of dual junction GaAs solar cells (efficiency 23% at 28°C) or triple junction cells (efficiency
24.5% at 28°C, US source). Standard GaAs cells do not comply with the required performance (refer to
Table 5.4.2-2).

During the cruise phase this SA is orientated to the sun under an aspect angle of some few (TBD)

degrees. Up to an angle of +/- 34 degrees the SA of 5.2 m2 delivers full power as given in the budget. At
maximum illumination the required SA area is only 4.3 m2.

Report

Date

April 2000

LISA - Final Technical Report
LI-RP-DS-009

Page

5-127



5 System Baseline LIS A

Table 5.5-2: Potentially Available SA Power at EOL

Parameters Propulsion Module | Propulsion Module
Available Area / m2 5.2 5.2
Applied GaAs cells standard triple junction
Efficiency of cells at 28°C 18.3 24.5%
Temperature Coefficient 0.19%/K 0.25%/K
Array Temperature /°C 110 110
Efficiency at ops temperature 15.45% 19.48%
Solar Aspect Angle 0° 0°

EOL 450 days 450 days
Required Power (SA area) 938 W 938 W (4.3m?)
Available SA Power at EOL (900 W) 1134 W

Power Degradation: 2.75% per year, as for GEO application assumed for both types of cells

Battery:

There are no other requirements for the battery yet than for magnetic cleanliness and to serve for LEOP,
cruise back-up, and turn-over manoeuvre.

Provisionally a hypothetical 10 kg Li-lon battery is taken as reference for the budgets and mechanical
configuration.
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5.5.3 lon Electric Propulsion Subsystem

5.5.3.1 Requirements

It was already decided at the beginning of the study based on the pre-phase a investigations that solar
electric propulsion will be preferred against chemical propulsion due to the resulting mass saving.
Electric propulsion systems generate the thrust by acceleration of a propellant by electric energy. The
exhaust velocity is essentially higher than for chemical propulsion systems and thus is the specific
impulse. The propellant necessary for transfer of the LISA spacecraft to their operational orbits
decreases dramatically. Unfortunately is the propellant mass saving partially compensated by the high
dry mass of the electric propulsion system mainly caused by the higher mass of the thrusters, the power
conditioning units and the S/C power subsystem.

Two thrusters in cold redundancy will be installed on one side of the satellite thrusting in spacecraft X-
axis through the c.g. of the satellite. Table 5.5-3 shows the main requirements on the performance of
each thruster.

Table 5.5-3: Electric Thrusters Requirements

PARAMETER REQUIREMENT

Maximum thrust 18 mN

Thrust level adjustable Only on or off mode required

Total operation time <10,100 h

Thrust vector migration during the mission +0,5°

Thrust vector stability <0.5°

Thrust noise 5mN,@f<2mHzto 50 uN,@ f > 0.2 Hz
1/f slope in between

5.5.3.2 Suitable Electric Propulsion Systems

The important requirements for the thrusters along the orbital velocity axis (x-axis of the spacecraft) is
the high specific impulse to decrease the propellant mass.

Different propulsions systems have been investigated with respect to their suitability to the
requirements of the mission. Mainly thrusters with grids forming the ion beam are best suited for this
application because they offer the most attractive data with respect to thrust stability and thrust
accuracy. Out of the thrusters currently in development and/or in qualification in Europe 3 thruster
types have been considered as applicable for this mission:

» Radio frequency lon Thruster RITA, manufactured by Dasa in Germany
» Electron-Bombardment lon thruster UK-10, manufactured by DERA (or MMS) in England
» Radio frequency with Magnetic field Thruster RMT, manufactured by Laben-PROEL in Italy
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The first two developments are suitable for the application on LISA while the RMT is currently specified
for 12 mN only. In the following the RITA and the UK-10 types are briefly described with respect to the
LISA requirements.

5.5.3.3 The RF lon Thruster RIT 10

The RF ion thruster (RIT) principle has been developed at the university Giessen, Germany. At Dasa the
RIT thrusters are under development since many years. Discharge chamber diameters from 10 to 35 cm
have been investigated. The most advanced thruster system RIT 10 is based on a 10 cm discharge
chamber diameter. A thruster of this type has been flown on the retrievable carrier EURECA in 1992 /93.
Two thruster assemblies are qualified and delivered for the European telecommunication satellite
Artemis, where they will perform north-south station keeping together with the UK-10 thrusters.

The design of RITA for Artemis has been mainly directed to its use for North/South station keeping of
Geostationary satellites and the interfaces requirements of Artemis, but is considered to be adaptable to
LISA without major changes. The thrust level is qualified at 15 mN but has already been demonstrated
up to above 40 mN (RIT-evo grids). The LISA thruster will be equipped with the new grid design for lower
power/thrust ratio.

Dasa has also started the development of a RIT ion thruster for commercial application for a nominal
thrust level of 150 mN, which is expected to be qualified in 2001.
Operation Principle

The RF-ion thrusters achieve ionisation of the propellant gas by inducing energy by means of a high
frequency generator coil positioned around a discharge chamber. The operational principle is illustrated

in Figure 5.5-6.
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Figure 5.5-6: RF-lon Thruster Operating Principle
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The propellant Xenon enters the discharge chamber of the thruster through the isolator and a gas
distributor. To start the ionisation of the Xenon the neutraliser is activated first. Electrons generated in
the discharge at the neutraliser tip are drawn into the discharge chamber by application of positive
potentials to the electrodes of the extraction system. The electrons in the discharge chamber
accumulate energy from the RF-field of the induction coil and ionise the neutral propellant by inelastic
collisions with the propellant atoms. Once the discharge has started it is self sustaining and the voltages
on the grids can be switched off. The thruster is now in a state of Stand-by condition, ready for thrusting.

To generate thrust, a positive high voltage (900 to 1200 V) is applied to the plasma holder and a
negative high voltage (-200 to -600 V) is applied to the acceleration electrode. The decelerator is kept
on thruster ground potential. Under the influence of this electrostatic field positively charged propellant
atoms (ions) are accelerated towards the thruster outlet at velocities in the range of 40 km/s.

The ion beam is neutralised by electrons from the discharge at the neutraliser tip, where the electrons

are generated by ionisation of Xenon in a low voltage arc discharge between a cathode and the keeper
of the neutraliser. The ion beam will act as potential wall for free electrons. The current drawn from the
neutraliser thus match the needs for neutralising the ion beam automatically.

Thrust control can be realised easily and accurate by the control of the beam current via the density of
the ions in the discharge chamber, which again is controlled by the energy of the RF-field via an
automatic control loop.

Operational Characteristics

Figure 5.5-7 shows the total power input necessary for the RITA Evo (Evolution) thruster based on test
results in 1998 and on calculations for the efficiencies of the electronics.
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Figure 5.5-7: Total Power Input for RITA/Evo
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Figure 5.5-8 shows the relevant optimised mass flow versus the thrust level. In both diagrams the
thruster is operated at a screen grid voltage of 910 V up to a thrust level of 15 mN. Above 15 mN a
screen grid voltage of 1200 V will be necessary to reach the required thrust level. This results in an
increase of power input and in a decrease of required mass flow.
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Figure 5.5-8: Total Mass Flow versus Thrust Level for RITA

Figure 5.5-9 shows the beam current control loop for RITA.
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Figure 5.5-9: Beam Current Control Loop for RITA
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The beam current is measured in the return line as a result of the current to the screen grid and to the
accel grid. It will be compared with the given thrust value, which may come from ground commands or
from a source in the satellite. Deviations will be regulated by the adaptation of the power of the RFG
Power Supply.

Fast changes can be realised at constant mass flow through the thruster having some impact to the
specific impulse. For slow variations the mass flow through the thruster can be adapted which will allow
to run the thruster at optimum specific impulse conditions.

5.5.3.4 The UK-10 Thruster

Development Activities over many years in the UK have culminated in the development of a 10 cm beam
diameter gridded ion thruster (UK 10, also referred to as T5) which has been developed for tasks
requiring moderate thrust below about 30 mN. The UK 10 is also used for station keeping on ESA’s
Artemis. The UK-10 thruster system and the pressure reduction device have been qualified within the
Artemis program to the same requirements and interfaces as RITA Thrust levels above 20 mN have been
demonstrated

Operation Principle

The gridded ion systems developed in the UK are based on Kaufman-type ion thrusters. Each thruster
must be supplied with propellant gas at accurately regulated flow rates from a propellant supply and
monitoring equipment (PSME), and with appropriately controlled voltages and currents by a power
conditioning and control equipment (PCCE).

The thruster schematic is shown in Figure 5.5-10. Propellant gas - originally mercury, now Xenon - is
fed from the PSME into the cylindrical discharge chamber via an axial hollow cathode and a by-pass
distributor mounted on the soft iron backplate. This gas is ionised in a DC discharge between the
cathode and a concentric cylindrical anode. The efficiency of this discharge process is enhanced
considerably by the application of an azimuthally symmetrical magnetic field to the discharge chamber.
This field is generated by solenoids distributed around the outside of the discharge chamber. The
magnetic field links two cylindrical pole pieces, the one bolted to the backplate being of much smaller
diameter than that at the exit from the discharge chamber. The tip of the inner pole piece surrounds a
non-magnetic baffle disc, which effectively separates the hollow cathode region (the coupling plasma)
from the main discharge plasma.

The design of these critical components is such that the primary electrons from the cathode gain the
correct amount of energy in passing through the annular gap between this disc and the pole piece to
achieve optimum ionisation in the discharge chamber.

The resulting highly ionised plasma drifts toward a set of closely spaced, perforated grids at the
downstream end of the discharge chamber. The positive ions are extracted and accelerated to a high
velocity by electric fields applied to these grids. This velocity is determined totally by the applied
potentials, and is typically 30 to 50 km/s.
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Figure 5.5-10: Schematic View of the UK Kaufman-Type lon Thruster

The positive space charge of the emerging ion beam is neutralised by electrons emitted from an external
cathode, which is essentially identical to that in the discharge chamber. The neutraliser is fed with
Xenon at a very low flow rate, and a plasma is created adjacent to its tip by a discharge between it and a
nearby keeper electrode. Electrons are extracted automatically from this plasma to maintain the
spacecraft at close to space potential.

Operating Characteristics

Figure 5.5-11 shows the relation between power to the ion thruster and thrust level. The thrust level can
be adapted to the requirements by influencing the operational parameters.

Numerous measurements have been performed at thrust levels between 0.2 to 22 mN by DERA in the
course of the GOCE study. This included specifically thrust vector stability at different thrust levels,
beam divergence and transient response. As an outcome of those tests it is mainly necessary to change
the current to the magnets to change the thrust level. The mass flow of the hollow cathode can be kept
nearly constant over the whole thrust range. The main mass flow has to be adapted to thrust level
accordingly.

The UK-10 thruster system and the pressure reduction device have been qualified within the Artemis
program to the same requirements and interfaces as RITA.
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5.5.3.5

Propulsion System Evaluation

Due to the 18 mN thrust requirement only 2 of the 3 European propulsion systems can be considered:

e The RITA, manufactured by Dasa in Germany

e The UK-10, manufactured by DERA (or MMS) in the UK.

A comparison of the system masses of RITA and UK-10 is shown in Table 4-1.

Table 5.5-4: Masses for RITA and for UK-10 based on Artemis

Unit RITA UK-10

Mass per |Number of |Total Mass |Mass per |Number |Total Mass

Unit [kg] Units [kg] Unit [kg] of Units | [kg]
Thruster 1.8 2 3.6 1.9 2 3.8
Mounting Bracket 1.0 1 1.0 1.0 1 1.0
Flow Control Unit 2.0 2 4.0 2.0 2 4.0
Pressure Reducer 0.6 2 1.2 0.6 2 1.2
Power Supply Unit 9.8 2 19.6 11.5 2 23.0
Harness, Tubing, Valves 2.3 1 2.3 2.3 1 2.3
Total Mass 31.7 35.3

The masses of the two systems are comparable within the accuracy of the estimations. Both ion thruster
systems can be used for the application on LISA, the RITA being included in current baseline.

5.5.3.6 Thruster System Design and Interfaces

As a final selection of the ion propulsion system for the application to LISA will be done later the design
and interfaces have been done using the RITA as an example. Same or similar solutions can be found for
the UK-10 system.

Figure 5.5-12 shows the block diagram of the ion propulsion system for LISA for 2 RIT thrusters which
can be operated alone or in parallel. 2 pressure reducers are mounted, one in operation and one in
redundancy. Table 5.5-5 shows the main dimensions and constraints of the RITA components. The two
thrusters shall be mounted as close as possible side by side, both thrusting through the COG of the
spacecraft. Figure 5.5-13 shows a view on the RIT 10 thruster. Figure 5.5-14 shows the arrangement of
the thrusters on the -x side of the spacecraft.
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Thruster/Neutraliser 1 Thruster/Neutraliser 2
Figure 5.5-12: lon Propulsion System RITA for GOCE
Table 5.5-5: Dimensions and constraints of the RITA Components
Equipment Dimensions Constraints
Thruster/Neutraliser 185 x 165 x 185 mm Thermally decoupled from S/C structure ?

Radiation of heat loss directly into space by
thruster case ?

PCDE (includes RFG) 290 x 250 x 220 mm Mounted inside the satellite, thermally coupled
to S/C structure

Flow Control Unit 200 x 150 x 100 mm Mounted inside the satellite, thermally coupled
to S/C structure
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Figure 5.5-13: View on the RIT 10 Thruster

One of the two thrusters will be in operation at a time to decrease the power requirement on the solar

arrays.

The thrusters will be arranged as close as possible to minimise the angle between the thrust vector and
the x-axis in order to minimise the thrust component vertical to the x-axis. Figure 5.5-14 shows that for
the RITA a minimum distance of 170 mm can be achieved considering cut-outs at the mounting flange.

———

Thruster 1
— _ g
Neutraliser €
£
L 3
Thruster 2
¥

Figure 5.5-14: Mounting of the two Thrusters Side-by-Side

Neutraliser 1

Mounting Bracket

Neutraliser 2

This arrangement guaranties full redundancy of the two thruster systems. If one thruster fails, the other
thruster will be set in operation. In addition there is the possibility to operate one thruster with any of

the two neutralisers if this situation is considered in the design of the electronics.
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Regarding the thrust vector migration the current assumptions are:

e There will be a migration of the thrust vector by thermal expansion of the grid system during heating
up of the thruster for the first hour of operation of maximum 1° over the total mission time.
Measurements performed up to now show * 0.2° for a few cycles.

e During steady state operation a migration of the thrust vector is very low.

e Unsymmetrical erosion in the grid system may cause an additional migration of the thrust vector of
1° over the total mission time which, in the worst case, can have the same direction as for heating
up and could therefore increase the migration to 2°. Measurements for this migration have not been
performed yet.

e The offset of the thrust vector with respect to the mounting plane will be measured during
qualification- and acceptance tests.

e The thruster will be mounted on the satellite in a way which minimises the 3 reasons for thrust
vector migration by shimming. This could help to achieve the required limitation of the migration to &
0,5° under the operating conditions on LISA.

It is recommended that special tests of the thrust vector migration will be performed to measure the
deviation during start-up, constant operation and change of thrust level on a real thruster in the lay-out
for GOCE to get detailed information on this phenomenon.

5.5.3.7 Conclusions

lon thrusters are under development world-wide since about 30 years. Since 5 years detailed experience
in orbit operations exists. Application on commercial satellites (Hughes) and scientific missions (Deep
Space 1) did show that this thruster technology is mature enough to be used on future programs.

The two thrusters currently under consideration have undergone a detailed qualification program for its
application on Artemis, which will be launched this year. Both can be used with minor modifications for
the LISA mission. The main modification concerns the thrust level of 18 mN.

Tests must also clarify if the thrust vector migration specified with = 0.5 ° during the total mission can
be achieved with the existing thruster design. The thrusters will be mounted on the satellite thrusting
through the c.g. of the spacecraft. As deviations of the thrust vector direction increase the need for
attitude control propellant, the thrust vector migration during the whole mission is an important issue for
the spacecraft design. Test on a real thruster with detailed measurements on the thrust vector direction
shall therefore be performed at an early stage of this program.
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5.5.4 Hydrazine Propulsion Subsystem

During the transfer phase to the operational orbit the propulsion module provides the propulsion using
lon thrusters and attitude actuators are proposed using a conventional Hydrazine RCS system. The lon
thruster assembly can form part of the attitude control system in so far as the assembly can be mounted
on a one axis gimbal to ensure the propulsion thrust is always through the predicted centre of gravity of
the science module plus propulsion module combination. The alternative is to fix the lon thruster
assembly, and use the RCS to correct for the torques caused by the offset thrust axis of the lon
thrusters. In the latter case the RCS will be the same but with a larger fuel tank.

5.5.4.1 Requirements

The minimum number of thrusters to control 3-axis torques is 4, when no constraint is set on the
resulting disturbance force. In a first configuration, it is proposed to place these thrusters regularly
spaced on the outer border of the propulsion module plate (see Figure 5.5-15). This is a good
configuration to create torques in all directions, with a large lever arm, but it could be re-optimised in
later phases, taking into account other issues, such as bulkiness, etc...

With this preliminary configuration, the direction of thrust of each thruster that minimises the hydrazine
consumption with respect to the expected spatial distribution of the disturbance torques can be found.

Figure 5.5-15: Thrust-direction-optimised configuration

The optimisation programme shows that the optimum angle for 6 and ¥ (With © the off-plane angle, and
Y the angle between X and the projection of the thrust in the plane) are 6 = 45° and ¥ = 160°.
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hydrazine consumtion vs angles (logarithm scale : F = 10%kg/s)

200

Psi (deg)

0 20 40 60 80
Theta (deg)

Figure 5.5-16: Thrust direction optimisation result

These results correspond to the case without gimbals for the IPS so only solar disturbing torques are
accounted for.

Since there is only 4 thrusters, it is not possible to control the torques without creating parasitic forces.
These are small, less than 400uN compared to IPS thrust. , so the effect on the transfer orbit is
negligible.

The recommended configuration is therefore 4 thrusters, plus a redundant branch for failure isolation in
Safe Mode.

5.5.4.2 Subsystem Description

As a typical example for a Hydrazine mono-propellant RCS fulfilling the requirements for attitude control
of LISA during the transfer phase, the ‘LEO ONE’ module developed on basis of the Globalstar
Spacecraft is shown in Figure 5.5-17 and Figure 5.5-18 summarised in Table 5.5-6. The tank size is
representative of that expected for the fixed lon thruster case and would be reduced for the mass
optimised gimballed version.

The hardware presented will also be used as reference for the baseline cost estimate.
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Fill and Vent Valve
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Figure 5.5-17: Schematic of the LEO ONE Mono-Propellant RCS

Figure 5.5-18: LEO One Hydrazine RCS
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Table 5.5-6: Summary of a LEO ONE based RCS

Subsystem comprises:

Operational temp.:

Thruster:

Supplier:

Model:

Heritage:
Operation mode:

Tank:
Capacity:

BOL pressure:
Supplier:
Model:

Operation

Tubing:

Latching Valve
Pressure Transducer

Fill and Vent Valve

Further Equipment:

4 Thrusters, 1 Propellant Tank, 2 Fill and Vent Valve, 1 Latching Valve, 1
Pressure Transducer, Tubing

+10°C to +50°C

1N with Isp of min. 211s and max. 222s

Dasa-RI / Moog (Valve)
CHT 1

GlobalStar

blow down

@=320mm

up to 12 kg Hydrazine
22bar @ 20°C, EOL >5.5bar
Pressure System Inc
80342-1

Propellant expelled by pressurant gas separated by rubber diaphragm

1/4 inch Titanium

Moog/Vacco
Paine

DSS (GlobalStar)
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5.6

System Budgets

In the following tables the detailed figures estimated for the dimensioning of all units is listed. For the
detailed power figures and other electrical system budgets please refer to section 5.3.

Table 5.6-1: LISA Subsystem Mass and Dimensions

15-Feb-00 QTY Mass Dimensions p. unit Power
H/W Sys/ [kg] Length Width Height p. unit/ SS [W]
No. DESCRIPTION Mod. p. unit p. S/IC [mm] [mm] [mm] average peak
0 |LISA Satellite System
1000 Science Module 3 273.9
1100 Structures & Mechanisms 1 69
1200 Thermal Control 1 14
1300 Electrical Power 18.4
1310 PCDU 1 12.4 450 204 203 6
1320 Solar Array 1 6
1400 Data Handling 15.9
1410 CPS 1 15.9 410 243 185 25 35
1500 Radio Frequency 19.6
1510 Transponder 2 3.5 7 184 220 165 12
1520 RFDU 1 1 1 160 60 80 1
1530 SSPA 2 14 2.8 227 63 110 30
1540 TWT 0 0.75 0 321 58 36
1550 HG Antenna 2 3 6 3009
1560 LG Antenna 4 0.2 0.8
1570 Cabling set 2
1600 Cable harness 1 21
1700 Attitude Control 16.9 65
1710 Star Camera Assembly 1 4.36 9.4
1711 SC Optical Head 4 0.74 2.96 120 120 150 15
1712 SC Electronics 2 0.7 1.4 125 105 120 7.9
1720 Sun Sensor 2 0.08 0.16 72 71 20 0 0
1730 Att. Anomaly Detector 1 0.2 0.2
1740 Magnetometer 1 0.18 95 53 27 0.8 0.9
1750 FEEP Assembly 1 9 49.8 74.4
1751a FEEP El. Clusters 6 1.5 9 8.3 12.4
1760 HGA Drive 2 1 3 5
1761 HD Mechanism 2 0.5 1
1762 HD Electronics 2 1 2 5
1800 Science Instrument 99.1
Report LISA - Final Technical Report
No LI-RP-DS-009
Date April 2000 Page 5-144



System Baseline LIS A

Table 5.6-2: LISA Instrument Units Mass and Dimensions

16-Feb-00 QTY Mass Dimensions p. unit Power
H/W Sys/ [kg] Length Width Height p. unit/ SS [W]
No. DESCRIPTION Mod. p. unit p. S/IC [mm] [mm] [mm] average peak
1800 Science Instrument 99.1
1810 Instrument Electronics 28.3 115.6
1811 Laser Assembly 2 12 37
18111 Laser Head 4 2 8 165 130 60
18112 Laser Electronics 2 2 4 200 200 100 37
1813 uUso 2 0.4 0.8 100 100 170 0.6 0.6
1814 Interferometer Electronics 2 10 13.2
18141 IE Front Unit 2 1.5 3 200 100 100 5.2 11.9
18142 IE Digital Unit 2 35 7 200 200 150 8 10
1815 UV Discharger 2 0.5 1 100 150 70 3
1816 Instrument Control Electronics 1 4.5 4.5 250 180 180 8
1820 Instrument Opto-mechanics 70.8 19
1821 Telescope 2 6.5 13
1822 Optical Bench 2 5.6 11.2 45 45
1823 Inertial Reference Sensor 2 17 5
18231 Inertial Sensor 2 6.5 13 200 200 200
18232 IRS Electronics 2 2 4 200 100 100 5
1824 Fibre Positioner 2 0.3 0.6
1825 OA Structure 2 5 10
1827 Y-Structure 1 13 13
1826 Mechanisms 2 2 4
1828 Thermal Control 1 2 2
Table 5.6-3: LISA Propulsion Module Mass and Dimensions
15-Feb-00 QTY Mass Dimensions p. unit Power
H/W Sys/ [kg] Length Width Height p. unit/ SS [W]
No. DESCRIPTION Mod. p. unit p. S/C [mm] [mm] [mm] average peak
2000| Propulsion Module 3 142 599
2100 Structure & Mechanisms 1 51
2200 Thermal Control 1 6
2300 Electrical Power 1 41 11
2310 PCU 1 15 550 204 205 6
2320 Battery 1 10 5
2330 SA structure 1 4
2340 Solar Cells set 4 5.05 m?
2350 Cable Harness 1 8
2400 Electric Propulsion 1 36 588
2410 lon Thruster Assembly 1 4.6 4.6 185 165 185 - -
2420 Xenon tank 2 2 4 - -
2430 Pressure Reducer 2 0.6 1.2 - -
2440 FCU 2 2 4 200 150 100 - -
2450 ITPU 2 9.8 19.6 290 250 220 588 588
2460 Tubing, Valves, Harness set 2.6 2.6
2500 Chemical Propulsion 8 0
2510 Fuel tanks 2 2 4
2520 Valves & pipework set 2
2530 Thrusters & brackets 4 0.5 2
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Table 5.6-4: LISA Launch Mass Budget

Item Mass [kgd]
Science Module 274
Propulsion Module 142
Spacecraft dry 416
Propellant Xenon 18
Propellant Hydrazine 4
Spacecraft wet 438
3 Spacecraft 1314
System Margin 5% 66
Launch Mass 1380
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6 System Configuration Analyses

Structure and thermal analysis have been performed initially at system level with a very much simplified
model of the payload. In the established system level mechanical and thermal mathematical models, the
payload models were then implemented. Since the system level models contained all performance
relevant load cases, the implementation of the payload models provided the complete set of required
mechanical and thermal results. Therefore, the system level results are described in the Annexes and
the focus here is on the payload mechanical and thermal analysis under the loads induced on system
level.

6.1 Structure Analysis
A FEM comprising about 70000 nodes has been established. It was used to perform the structural
dimensioning and serves to analyse the thermo-elastic deformation.

A detailed description of the model and analysis is given in Annex A. It is demonstrated that the
proposed design can fulfil the minimum stiffness requirement of 35 Hz in thrust axis and 15 Hz in the
lateral axes for a spacecraft hard-mounted at the spacecraft separation plane .

6.2 Thermal Analysis

6.2.1 Applicable Documents

AD1 LISA Phase A Thermal Study Draft Final Report, Dr. Lutz Morgenroth, DORNIER, 17.11.1999 (c.f.
Annex D of this report)

AD2 LISA Payload Pre-Phase A Thermal Study (WP03), Dr. Simon Peskett, RAL

AD3 LISA Phase A Study-PM3 Meeting (30/11/99), Various Contributors

AD4 LISA Telescope - Thermal Inputs e-mail Olivier Pierre -MMS (02-12-99)

AD5 LISA Optical Bench Power Fluctuations e-mail lain Butler -BU (28-01-00)

6.2.2 Introduction

The results of the LISA Pre-Phase A study demonstrated that the steady-state requirements for the
optical bench could be met under ‘Nominal’ conditions. However, the payload electronics boxes were
running somewhat hot at up to 34°C. Optical bench stability requirements were shown to be feasible,
given certain limitations on fluctuations in power dissipations and spacecraft temperature.

During Phase A, the following modifications have been made to the LISA payload thermal model.

- Geometric and thermal models updated by incorporating Dornier’s Spacecraft model.
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- Y-Shaped Tube and Payload Tube surface properties modified, to improve steady-state
results, whilst maintaining high stability.

- Telescope thermal model updated to be fully representative of the current SiC design.
- Power dissipations of all components updated.

- Analysis cases modified to agree with those run at spacecraft level.

6.2.3 Payload Thermal Requirements

The requirements for the payload are as follows:
- Optics Bench stability to be above 10° K/Hz'/?at 1mHz (AD2).
- Optics Bench temperature shall be maintained at 20°C +/-10°C (AD2).

- Electronics box temperature ranges not specified, therefore ‘sensible’ operational target
range of -10°C to +30°C assumed.

- Analogue Electronics stability to be greater than 1.2E-03K/Hz'"? (AD3-BU).
- Phasemeter Electronics stability to be greater than 1.2E-03K/Hz'/* (AD3-BU).
- FEE stability to be greater than 2.2E-03K/Hz'/* (AD3-BU).

6.2.4 Payload Thermal Design

The thermal design of the Payload is similar to that described in the Pre-Phase A report (AD2). As a
result of the very high stability requirement, it is necessary to isolate the payload from any temperature
fluctuations due to spacecraft temperature changes. This may be due to power fluctuations, solar
constant fluctuations or surface property degradation.

Therefore to achieve maximum conductive and radiative isolation, the payload is housed within two sets
of goldised, CFRP, Y-shaped tubes. The outer and inner tubes are referred to as the ‘Y-Shaped Tube’ and
the ‘Payload Tube’ respectively. The Optical Bench and Telescope are mounted from the Payload Tube
on low conductance mounts. All possible surfaces on the telescope are goldised, including the
Secondary Mirror Support Mast and the rear surface of the both the mirrors. This minimises heat losses
to Space and provides further decoupling of the telescope from its surroundings.

Electronics boxes within the Payload Tube are housed at opposite ends to the OB and Telescope. Heat
from these boxes is dissipated conductively into the Payload Tube and radiatively to the Tube’s internal
surface and Deep Space. To improve the radiative coupling, the Payload Tube is blackened on its
internal surfaces around the electronics boxes.
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6.2.5 Geometric Mathematical Model

6.2.5.1 Geometry
The current spacecraft GMM (AD1) has been converted into ESARAD and integrated with the RAL Pre-
Phase A payload GMM to form a complete GMM of the spacecraft (LISA46_g).

The telescope model has been updated to represent the SiC design (AD3- MMS). This includes the
addition of the mirror Baseplate and the Secondary Mirror Support Mast.

6.2.5.2 Surface Properties

Tubes

To achieve stability requirements, the Y-Shape Tube remains goldised on both internal and external
surfaces, as defined in Pre-Phase A.

The gold internal and external surfaces on the Payload Tubes are also retained, with the exception of the
area between the E-Box plates and the end of the Tube. This has been made black on the internal
surface, to assist heat rejection from payload electronics, and hence reduce their temperature (see
Figure 6.2-4 and Figure 6.2-5).

Electronics Boxes

The Analogue, Digital and USO electronics boxes and all electronics plates are painted black on external
surfaces, to maximise radiative heat rejection.

Optical Bench

The Optical Bench surface properties are the natural surface properties of the materials (ULE Bench and
Titanium box).

Telescope

The Primary and Secondary Mirror rear surfaces and baseplate are goldised. The Support Mast is also
goldised, to reduce radiative heat leaks to deep space.
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Figure 6.2-1- Overall LISA GMM (w/o Panels and S/A)
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Figure 6.2-2: Telescope Assembly, Optical
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Figure 6.2-3: Telescope Assembly, Optical
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Figure 6.2-4: Payload Tubes Figure 6.2-5: Payload Tubes (Cut Away)

6.2.5.3 Thermo-Optical Properties

The following thermo-optical properties are assumed for the spacecraft, the payload and the telescope
(ref. AD4):

Table 6.2-1: Thermo-Optical Properties

Surface Emissivity Absorbtivity
CHEMZ306 0.90 0.95
ULE 0.80 0.20
Titanium 0.12 0.20
Gold 0.05 0.24
Gold - base-plate and primary mirror rear 0.02 0.24
surface
SiC (bare material) 0.651t00.70 0.80
SIC CVD with AL deposit - Mirrors 0.03 0.06
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6.2.6 Thermal Mathematical Model

6.2.6.1 Payload Nodal Breakdown

The Thermal Mathematical Model LISA42.d was created using ESATAN software. The nodal breakdown
of the spacecraft and tubes is as defined in AD1. Additional nodes used to represent the payload are
listed in the table below.

Table 6.2-2: Payload Nodal Breakdown

Location Node Number(s)
Y-shaped tube arm A 81-90
Y-shaped tube arm B 170-180
Y-shaped tube base 3000
Payload Tube (A/B) 1400-1485/2400-2485
Sensor (Arm A/B) 1110/2110
Titanium housing (Arm A/B) 1120/2120
Primary mirror (Arm A/B) 1200/2200
Baseplate (Arm A/B) 1205/2205
Secondary mirror (Arm A/B) 1210/2210
Mast (Arm A/B) 1220/2220
Telescope thermal shield (Arm A/B) 1230/2230
Electronics plate (Arm A/B) 1300/2300
Analogue electronics box on plate (Arm 1310/2310
A/B)
Digital electronics box on plate (Arm A/B) 1320/2320
USO box plate 3100
USO box A 3120
USO box B 3130
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6.2.6.2 Conductive Couplings

Tube Support
The Y-Shaped Tube is mounted from the spacecraft using isolating CFRP supports.
The Payload Tubes are in turn mounted off the Y-Shaped Tube on insulating GFRP reinforced bands.

Telescope

The Mirror Baseplate is supported from the Payload Tube on three isostatic mounts, with a total
conductance of 0.0234W /K (AD4).

The Primary Mirror is mounted from the Fixation Ring using three bolts. The Fixation Ring is in turn
mounted to the Mirror Baseplate using three bolts. This gives a calculated overall conductance of
0.30W/K.

The Secondary Mirror is supported off the Baseplate on a SiC cylinder (the ‘Mast’) of diameter 23 mm
and length 520mm, giving a total conductance of 0.1358W /K.

Optical Bench

The Optical Bench is mounted from the Payload Tube using a system of Pyroceram struts, followed by
two titanium bolts with Delrin washers, as described by Alenia in AD3. This is calculated to produce a
conductance of 0.004W /K.

The Inertial Sensor Housing is mounted from the OB using four titanium bolts with Delrin washers,
producing a conductance of 0.0459W /K.

Electronics

The electronics boxes are hard mounted onto electronics plates with an assumed conductance of
0.5W/K per box. The Analogue and Digital Boxes in each arm are located on the same plate, the two
USO boxes are mounted to a third plate. These plates are supported from the Payload Tube using low
conductance Pyroceram Struts producing a conductance of 0.00322W /K per plate.

6.2.6.3 Radiative Couplings

All radiative coupling are calculated in ESARAD.

6.2.6.4 Heat Capacities

The masses of the telescope components are taken from ADA4.
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Table 6.2-3: Telescope Heat Capacities

Items Material Mass Heat Capacity
(kg) U/K)

Primary Mirror (PM) SiC 3.20 2176

Secondary Mirror (SM) SiC 0.02 14

Mast and SM support SiC 0.70 476

Baseplate, Mounts, Bolts etc SiC/Titanium 2.70 1733

TOTAL - 6.62 4399

The masses of the optical bench and components are taken from AD3 (Alenia-FEM).

Table 6.2-4: Optical Bench Heat Capacities

Item Material Mass Heat Capacity
(kg) J/K)
Base plate, optics and ULE 5.532 4542
detectors
Test Mass Gold alloy 2.561 341
Sensor Aluminium 3.939 3151
Housing Titanium 1.0 800
TOTAL - 12.0 8209
Table 6.2-5: Electronic Boxes Heat Capacities
Item Mass Heat Capacity
(kg) J/K)
Analogue Electronics Box 1.0 800
Digital Electronics Box 1.0 800
USO A Electronics Box 1.3 1040
USO B Electronics Box 1.3 1040
TOTAL 4.6 3680
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6.2.6.5

Power Dissipation

The most significant change to power dissipation since Pre-Phase A is an increase from 0.9W to 1.46W

in the dissipation on the Optical Bench (AD3 - Alenia). A listing of all assumed payload power values is

given in the tables below.

Table 6.2-6: Optical Bench Power

Component Power (W)
gp1 1.1457
p1 0.260
p2 0.0007
p3 0.0162
CCD 0.024
FP 0.010
Total Optical Bench (each) 1.46373
Total 2 Optical Benches 2.93

Table 6.2-7: Electronics Power

Component Power (W)
Analogue Electronics Boxes 4.0x2
Digital Electronics Boxes 4.5x2
USO A 3.0
USO B 1.3
TOTAL 21.3
Tab